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Abstract

Spacecraft Systems Engineering is an interdisciplinary field in which a basic knowledge of each 
spacecraft subsystem and its interfaces are required. Although it is one of the key subjects for 
space projects, there are not enough tools available for educational purposes. Therefore this study 
was aimed at the development of an economical and educational systems engineering tool  called 
Systems Engineering Module (SEM) for the Space Trajectory Analysis (STA) software. During this 
study, the existing applications were investigated in order to determine the requirements of such 
tools. Mockups of subsystems were implemented and the interface was configured between SEM 
and STA. In addition, SEM was also designed to offer a user-friendly GUI where the user could 
investigate the details of the spacecraft systems design. The developed software has been verified 
with  an  example  presented in  Larson & Wertz  [SMAD0].  As  a  result,  an open source  systems 
engineering tool which can run in Mac OS, Windows and Linux was implemented for free usage 
and distribution under the terms of the European Union Public License. 
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 1 Introduction

Many companies  have  different  tools  or  approaches  that  can  be  used  for  spacecraft  systems 
design and mission analysis. However, they are either the property of companies, and thus not 
publicly available, or not affordable for students. For this reason, the Space Trajectory Analysis 
(STA) project was conceived by the European Space Agency (ESA) as an educational and research 
tool to support the analysis phases of space missions. STA is meant to be developed mainly by 
students  who are  selected by the STA Steering  Board.  The STA Steering  Board  represents  the 
partnership between ESA and universities  [STA00].  STA has already released two versions with 
which where various trajectory analyses can be performed. In the latest released version so called 
Archean, it has been attempted to implement a spacecraft design feature to enlarge the analysis 
portfolio of STA. However, the completed work had ambiguities in the application, the code and 
the lack of documentation prevented further developments. Therefore, the implementation of the 
spacecraft design module had to be redone under the framework of this thesis work while taking 
future extensions into consideration.

This  paper  focuses  on  the  development  process  of  such  spacecraft  design  software 
implementation under STA. It will start with a brief description of the spacecraft design process in 
real projects. Accordingly, it will present and discuss about some spacecraft design tools. In the 
next chapter, the design process of the software will be described. At last, the reader will find the 
results of a test case where the strength and the weaknesses of the software have been discussed. 

  Background

Spacecraft system design is a challenging interdisciplinary field. The ultimate goal of this process is 
to manufacture a spacecraft that will fulfill the requirements of the customers. 

If a customer does not have any specific technology requirement, the given parameters can only 
define the outline of the desired design. Therefore the design process starts by acquiring user 
requirements  and  deriving  the  relevant  subsystem  requirements  by  considering  the  feasible 
technology and given constraints.

The  requirement  definition is  followed by  the  architectural  design  of  each  subsystem.  At  this 
phase, the details of the operations and the functionality of each subsystem are defined. The aim 
is to find the optimum solution that will fulfill the relevant subsystem requirements with minimum 
risk and high reliability. In this manner, intrinsic iterative design processes are conducted to find 
the optimum spacecraft  architecture of projects. It  has to be noted that the number of these 
iterations depends on how well the subsystem requirements and constraints are defined. 

In parallel to the architectural design, the interfaces of each subsystem have to be designed since 
subsystems require  the  inputs  of  the  other  subsystems  for  their  computations.  This  interface 
design can be described as the key element of the spacecraft integration since every integrated 
subsystem has to support the multiple system of a spacecraft.

The implementation starts accordingly. However, the designs can still be reviewed whenever it is 
required. It has to be noted that the spacecraft will not be delivered to customer immediately after 
the  manufacturing.  The  spacecraft  requires  verification  and  validation  to  show that  it  is  fully 
operational and the requirements of the customer have been fulfilled. 
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The described design process is managed by systems engineering organizations in real projects. 
They are responsible for the derivation of requirements, as well as defining design and operational 
constraints,  functionality  and  verification  of  the  spacecraft  as  well  as  the  product  assurance 
respect to customer needs [ECSS0]. 

  Context

This  study  was  undertaken  as  a  master's  thesis  work  of  Luleå  University  of  Technology  and 
University of Würzburg within the SpaceMaster program. It was carried out in the European Space 
Research and Technology Centre (ESTEC) of ESA which can be seen as the center of European space 
activities.  ESA has  expertise  in  various  types  of  space projects,  from payload  development  to 
spacecraft implementation.

The conducted study was dedicated to develop a module for the Cambrian version of STA which 
can assist students to design a complete spacecraft. The module was called Systems Engineering 
Module (SEM) as it is meant to support students to design and to analyze their spacecraft within 
the systems engineering context. Like in STA, SEM is also meant to be developed by students and 
follow the same standards. Therefore the European Cooperation for Space Standardization (ECSS) 
was considered in the module’s software development process. 

  Objectives

SEM has been developed to give spacecraft  design capability to STA.  Thus  it  should fulfill  the 
following main objectives: 1. SEM shall be an educational tool to support students for spacecraft design.2. SEM shall be open source in which  the access to the code and software is free of charge for 

non-commercial purposes. This includes the developments by students.3. The design and implementation of SEM shall be documented according to ECSS standards.4. SEM shall support the different phases of real spacecraft design, which are: creating a new 
design,  modifying  an  existing  design  and  iterative  design  process  to  find  the  optimum 
solution.5. SEM shall be structured and its input/output relations shall be clearly defined for future 
developers. Moreover,  it  shall  be designed in a way to allow future developments with 
minor changes6. SEM shall be implemented at a level which can be tested and used for simple spacecraft 
design.7. SEM shall have a user friendly Graphical User Interface (GUI).8. Development of SEM shall be ECSS compliant which is the development standard for STA 
modules.

In the following section, the method which has been followed to accomplish these objectives will 
be explained. 
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  Methodology 

One of  the objectives of  SEM is  to support spacecraft  design process.  Therefore it  was found 
crucial to start with an investigation of the relevant existing design tools. As the tool is meant to be 
for  students,  the survey started with literatures that  have been used at  universities.  This  was 
followed by the investigation of professional design tools and facilities that can be used as models 
for such software design.

After completing the survey on tools of spacecraft design, a template with essential features was 
generated.  SEM was planned to  be  developed within  an  existing  trajectory  analysis  tool.  This 
means that the template could not be the final  design as STA might not provide the required 
features. Therefore the study continued with an investigation on the capabilities, requirements 
and the development environment of STA. On the other hand, these were not enough to start for 
the  software  design  and  implementation.  Another  objective  is  the  ECSS  compliancy  of  the 
software.  In  this  manner,  the  relevant  parts  of  ECSS  for  software  developments  should  be 
understood and implemented in  the process.  They are  used in  the implementation of  all  STA 
modules with some simplifications Figure 1.1. 

By completing the described initial study, the actual design process of SEM was started. First, the 
software requirements were generated with respect to the constraints and requirements coming 
from the initial  study.  In  this  phase,  the required functionalities of  the design were described 
without  any  explanation  on  the  implementation  methods.  This  phase  was  concluded  with  a 
document called Software Requirements Document (SRD) as a part of ECSS on space engineering 
software [ECSS2].

Figure 1.1:The Development procedure of STA Modules 

After defining the software requirements, the process continued with the technical design of SEM. 
In  this  phase  the  mathematical  formulations  used  in  spacecraft  design  were  described  in  a 
document called Technical Note (TN) for the future developer.

The process was followed by the architectural and the interface design of SEM. In the architectural 
design, each software requirement has been fulfilled with an implementation of the corresponding 
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SEM features. The architecture has been described as the dependencies between the elements, 
the structure and the behavior of the software within the  Architectural Design Document (ADD) 
mentioned in  [ECSS2].  Since SEM has not been designed as standalone software, the interface 
requirements of STA has also to be matched. Therefore the Interface Control Document (ICD) was 
generated as the outcome of [ECSS2] to describe the link between STA and SEM.

Finally,  the  coding  started  to  implement  the  design  which  is  described  in  the  produced ECSS 
compliant documents. Subsequently, SEM was verified by the developer for product assurance. 
The described phase also includes the generation of the  Code,  the  Verification Validation Plan 
(VVP) and the Verification Validation Report (VVR) [ECSS2] as they are required by the standard.

 2 Spacecraft Design Tools 

In  spacecraft  system  design,  there  have  been many  different  tools  which  have  been used  to 
support the process. In the context of this study, some of these approaches are investigated and 
grouped as Books & Standards, Concurrent Design Engineering Facilities and Software Design Tools. 
In this chapter, the reader will find a brief discussion on these approaches and their strengths & 
weaknesses.

 2.1 Books and Standards

Spacecraft system design is an interdisciplinary field which requires at least a broad knowledge in 
subsystems and the system itself.  In this  manner, there have been many books and standards 
focused on different parts of the system as well as the entire design process. In the context of this 
particular  study,  the  focus  lies  on  the  interconnections  of  subsystems  and  the  system  itself. 
Therefore the relevant literature on complete system design has been defined as the interest of 
the following paragraphs. 

At first, the methodologies presented in books have been investigated since they have been widely 
used by the students. It has been observed that the given information has most of the time been 
complemented with examples that have been found useful for the learning process. However, the 
way  of  presenting  examples  varies  with  the  methods  used  in  different  books.  Some  books 
demonstrate  the  entire  design  procedure  with  a  single  example  like  FireSat  in  Space  Mission 
Analysis  and Design  [SMAD0] and some give  different  examples  only  on  subsystem design  or 
maybe even lower level design, like in Satellite Platform Design [BERLI0]. In addition, most of the 
examples founded are focusing on the Low Earth Orbit (LEO) satellite missions. This has been seen 
as a limitation for the range of missions that can be illustrated by the books. 

The next, the standards were investigated which can also be used as an educative tool for students 
to understand the process. In this manner, the European Cooperation for Space Standardization 
(ECSS) which is followed by the European space community has been investigated. This publicly 
available standard is  divided into three branches which are Space Project  Management,  Space 
Product Assurance and Space Engineering Figure 2.1. Although they have been all dedicated to 
spacecraft  design,  the Space Engineering branch has been the one that provides the technical 
guideline  for  the  interest  of  this  study.  Specifically,  in  the  systems engineering  branch  of  the 
standard,  it  describes the required work and its  outcomes for  spacecraft  design.  It  guides the 
design  procedure  in  terms  of  Planning,  Requirement  Engineering,  Analysis,  Design  and  
Configuration,  Verification,  Integration  and  Control  [ECSS0].  During  the  investigation,  it  was 
observed that the standard was written in a way to be as general as possible to describe the design 

11



of different types of spacecraft. Such generalized descriptions have been found quite difficult to 
understand from the student perspective if there is no guidance. 

In conclusion, it had been found out that books provide limited examples on spacecraft design 
while standards do not have any. The standards are formed for the professional usage with an 
advance  technical  language  which  could  be  difficult  to  understand  by  students  where  books 
describe the process too general. The available literature on spacecraft design is focused on Low 
Earth Orbit (LEO) Missions while the standards are oriented on a broader design range. 
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 2.2  Concurrent Engineering Activities

Concurrent Engineering (CE) is a design approach for interdisciplinary fields like spacecraft design. 
It  aims  to  provide  the  optimum  solution  through  the  simultaneous  subsystem  designs  and 
controlling the mutual interactions between them in a short time  [DOM00]. This approach has 
been  introduced  to  the  aerospace  industry  with  the  Project  Design  Center  (PDC)  by  the  Jet 
Propulsion Laboratory (JPL) in 1994 [SMITH0]. Since then, it has been recognized and applied by 
many agencies and aerospace companies all over the world  [SHISH0]. In this section, the reader 
will find information about some of these facilities.

  Project Design Center

After  NASA  changed  the  procedure  of  proposing,  developing  and  launch  activities  of  space 
missions to a more competitive model, JPL opened the Project Design Center (PDC) to adjust to the 
new  approach  [SMITH0].  In  the  new  system  the  faster,  better  and  cheaper  paradigm  was 
introduced to the NASA system which designates the missions between the research centers of 
NASA and other space development organizations. 

The main objective of the PDC studies has been set to propose space missions and their related 
innovative conceptual design. In this manner, PDC formed the first permanent design teams of JPL 
called Team-X (Advance Projects Design Team) and Team-I which have members with minimum 10 
years of experience. The design of space missions have been given to Team-X where Team-I has 
been  assigned  to  instruments,  to  find  the  attractive  solution  that  fulfills  the  customer 
requirements. 

The procedure of the PDC studies starts with a meeting between a customer and the team leader. 
They discuss on tasks to be accomplished by PDC sessions and anticipated output.  After their 
agreement, the first session starts with a presentation by the customer on his expectations from 
the team. This session is also meant to clarify the doubts of experts and to discuss the facts of 
design with customers. The core of the studies is the team whose members have to be present in 
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all sessions since it is a parallel design process. The used design methodology is payload oriented 
since the spacecraft systems are for supporting them. In addition to this, cost assessments are also 
the main interest of the study, since it is also one of the selection criteria for NASA. By considering 
these, each team starts their sessions where they search for the optimum spacecraft design which 
can fulfill the requirements of customers with an acceptable cost and risk [WALL0]. At the end of 
the study, the main outcome for the customer is the final study report where the assessment and 
the design are described.

Although  the  study  depends  on  experts,  it  still  uses  tools  and  facilities  to  provide  the  most 
favorable design. The data exchange platform is used between the team member, is based on MS 
Excel.  MS Excel  was  chosen since  it  is  a  tool  more  familiar  to  most  of  the  experts  than  the 
programming languages  like  C++  and Pascal.  In  addition to this,  PDC also  uses  a  database  of 
spacecraft systems and launchers as well as the integrated analysis tools in it as it can be seen in 
Figure 2.2.

In conclusion, PDC has provided many advantages for JPL such as allowing shorter design process 
with  early  error  detection.  The  existence  of  a  Permanent  Team has  also  allowed  for  the 
improvement of the studies since the team members become more experienced in every study. It 
has been also created high work satisfaction and enthusiasm for employees. Nevertheless, it is a 
property of JPL and requires high expertise in every field as well as uses many supplementary tools 
which make it quite expensive for educational purposes.

  Space Systems Analysis Laboratory

The Space Systems Analysis Laboratory (SSAL) is a concurrent engineering facility of Utah State 
University. It has a similar process as PDC, but with a smaller facility. It has been used for teaching 
in space systems courses [MASHE0]. The main difference is that the experts of PDC are replaced by 
students. For data communication between the systems, it uses MS Excel and the Integrated Data 
Exchange Architecture (IDEA) which was developed by the Aerospace Cooperation. Although one 
of its goals is to establish a geographically distributed design, it has still been found expensive due 
to the supplementary tools it requires which can be seen in Table 1.

Table 1:SSAL Software tools [MASHE0]. 

Function Software Tools Used

Astrodynamics Satellite Tool Kit (STK)
Free Flyer

Design Solid Edge

Attitude Determination and Control MATLAB

Thermal Analysis Thermal Desktop
SindaFluint

Structural Analysis I-DEAS

Cost Analysis Small Satellite Cost Model
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  Laboratory for Spacecraft and Mission Design

The  Laboratory  for  Spacecraft  and  Mission  Design  (LSMD)  has  been  used  for  concurrent 
engineering in the California Institute of Technology since 1999. It uses similar design process as 
PDC and SSAL with a quite different development procedure.  Students have taken part  in the 
development  of  mission  design  software;  excel  based  sizing  features  and  the  cost  model.  In 
addition, students also took part in the development process of LSMD. It has been found quite 
successful and used for team design projects at the university [SHISH0]. However, the details of the 
design could not be found. 

  Concurrent Design Facility

In Europe, the Concurrent Design Facility (CDF) of ESA has been one of the well known applications 
of the CE approach. It has been in use for pre-phase A assessment studies of ESA’s future missions 
since  1998  [BANDE0].  The  conducted  feasibility  studies  investigate  the  mission’s  technical, 
programmatic and economical aspects to provide a report for the mission selection consortium of 
ESA or industry. Every study has 6-10 sessions leaded by Systems Engineers [CDF01]. The structure 
of  the facility  depends on five subjects,  which are:  Process,  Multidisciplinary Team,  Integrated 
Design Model, Facility and Software Infrastructure [BANDE1]. 

The Process is based on interdependencies of subsystems as their designs have an impact on each 
other. It starts with a meeting between the engineering team and the customer where they clarify 
the mission requirements, define the constraints and approximate the resources. Accordingly, the 
iterative design process starts where possible options and solutions are proposed and discussed. 

A CDF Team consists of sixteen experts from different disciplines as shown in Table 2. The quality of 
the study is directly dependent on the Team. Therefore the CDF concept requires cooperative team 
members who can give real time solutions during the study. In addition, the team member has to 
be able to follow a discussion in other fields, to be ready for questions, to be able to adopt their 
subsystem models to the general structure and to be able to write final report on their design 
while they are also assigned to other projects [BANDE0].

Table 2:The technical disciplines in the ESTEC CDF [BANDE1].

POSITION

Systems Structures/Configuration Command and Data Handling Simulation

Instruments Mechanisms/Pyrotechnics Communications Cost Analysis

Mission Analysis Thermal Propulsion Risk Assessment

Attitude & Orbit Control Power Ground Systems and Operations Programmatic

The  Model works as the skeleton of the process. Each model has  an  inputs, outputs, calculation 
and  result  area  where  team  members  provide  the  parameters  of  their  design.  For  a  deeper 
explanation, the reader can find a simplified version of the  Model in terms of Unified Modeling 
Language (UML) diagrams in [DOM00]. However, it has to be noted that this simplified version is 
focused on Radar Earth Observation Missions. 
The Facility includes a design room, a meeting room and a project support office. The design room 
is the main place of the study where several PC’s for experts with their necessary simulation tools 
and multimedia tools are located.
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Table 3:Domain-specific tools [BANDE0].

DOMAIN TOOLS USED

Structural design, configuration & accommodation CATIA

Thermal ESATAN & ESARAD

AOCS Matrix X

Mission analysis IMAT

Mission Simulation & visualization EUROSIM

Programmatics MS-Project

Cost Modeling and estimation  ECOM cost/technical database & small-satellite cost 
model

Table 4:General Tools [BANDE0]

FUNCTION TOOLS USED

Documentation storage & archiving Lotus Notes database

Electronic communication within the team Lotus Notes mail

Storage area for all data files NT file server

System modeling Excel spreadsheets

Project documentation  MS-Word

Remote audio/visual communication Video conferencing & MS Netmeeting

The Software Infrastructure is the implementation of the Model in MS Excel with the connection of 
other tools like in Table 3 and Table 4. It  is  a shared workbook where experts can make data 
exchange.

In Summary, the CDF is a tool that has been used in ESA for feasibility studies of missions. It has 
useful features on spacecraft design for European Space community. On the other hand, it has 
been based on several different tools and facilities as well as the expertise of the team members 
which makes CDF out of consideration for students. 

  Concurrent Engineering Facility

After successful  activities of CDF,  the German Aerospace Center (DLR) initiated the Concurrent 
Engineering Facility (CEF) in 2008 since the CDF was not available for the DLR [ROMBE0]. It was 
established  based  on  the  CDF.  The  spacecraft  design  process  of  the  CEF  also  starts  with  the 
definition of the requirements and constraints with similar considerations. The main difference 
with CDF is that the sessions are more condensed in the CEF than in the CDF [ROMBE0].
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  Satellite Design Office

The Satellite Design Office (SDO) was established with a slightly different objective than CDF and 
CEF in Astrium GmbH (former Dornier Satellite Systems GmbH). It is purely an industrial initiative 
on  fast  feasibility  assessment  studies  with  very  low  budget  according  to  other  CE  examples 
[MAGER0]. The company focuses on only satellite system design rather than complete mission as 
they are in contractor  position at  the  market.  The primary goal  of  a  SDO study is  to use the 
features of CE concept for binding proposals with high profit. In this manner, studies have been 
oriented around the finance rather than the design of the system.

An SDO study starts when team members receive all available information from the customer. The 
next step is to identify the technical alternatives and the solutions as well as their impacts on the 
candidate design by using technical tools. These can be called as preliminary studies for the SDO 
sessions  since  they  are  completed  previously.  The  studies  are  based  on  payloads  whose 
parameters are assumed to be given by the customer. After these studies, the process continues 
with sessions like in the CDF, where the design is discussed to find the optimized solution and 
completed with a final report.

The methodology used in SDO analysis is based on three different types of interfaces. The first one 
called  Direct Interface or  Input/Output (I/O) List defines the main information flow between the 
elements.  The  every  element  list  contains  information  on  its  tasks  and  their  corresponding 
subsystems.  The  second  one  is  the  Checklist  Interface which  defines  the  constraints  and  the 
requirements dependent on the other subsystems. It is a list of discussions to clarify the issues 
with other spacecraft  design elements.  The last  one is  called  Discussion Interface which is the 
actual  SDO  session  [STOEW0].  In  SDO,  the  first  two  are  implemented  under  Modelling  and 
Simulation of Satellite Systems (MuSSat) which is a tool developed by university for industry. The 
details of MuSSat will be explained in a later section of this paper.

In conclusion, SDO is a facility similar to CDF with some differences. The main difference is the goal 
which is to propose the most profitable solution to customer. The studies are payload oriented 
where the interface design is the main methodology used in the analysis. 

 2.3  Software tools
During the design process the software tools provide a support to the subsystems and the entire 
spacecraft system design. In this paper, it will be focused on complete design tools rather than 
subsystems since they are more relevant to the topic.

  Systems Engineering Design Tool 

The Systems Engineering Design Tool (SEDT) is a software tool that was implemented by Korean 
Scientists for the conceptual design of small satellites. The main goal of the tool is to reduce the 
time and the cost spent with the design processes of the satellites ranged from 10kg to 200kg 
[SEDT01]. It is designed to estimate mass, power consumption and size of the spacecraft based on 
a sort of database for built spacecrafts between 1990 and 2004 [SEDT02]. It has been believed that 
the usage of this database provided reality and reliability to the outcomes of software. 

In the computations, the tool considers only the spacecraft parameters coming from Telemetry & 
Telecommand (TT/C), On Board Data Handling (OBDH), Structure, Power, Attitude Determination & 
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Control (ADC) and Propulsion subsystems. Every subsystem is implemented in a way to provide the 
information for spacecraft sizing, mass and power consumption which will be also the outcome of 
the  tool  computations.  In  this  manner,  sometimes  the  subsystem  algorithms  performs  some 
estimation from the database if there is not enough information available. In this case, the tool 
uses characteristic trend equations (CTE) which were extracted from the database as can be seen 
in Figure 2.3.

In addition to this, the tool has the ability to show the conceptual design of the spacecraft visually 
and to estimate the cost of the spacecraft with 12 technical parameters [SEDT02].
In summary, the tool can provide a design on spacecraft sizing and power to the user depending on 
the requirements but the user cannot see the variations of  the power or  thermal  parameters 
during the mission. Moreover, it works mostly a complementary tool for spacecraft preliminary 
design used by Korean scientists. 

  Modeling and Simulation of Satellite Systems

Modeling and Simulation of Satellite Systems (MuSSat)  is  a design tool  that supports  the SDO 
activities. It is designed by the Technical University of Munich collaboration with Astrium (former 
Dornier Satellitensysteme GmbH).

Fortescue & Stark [FORTE0] and Larson & Wertz [SMAD0] are the basis of the software structure 
[WILKE]. Although it is an integrated design environment, it does not model the behavior of the 
spacecraft during the mission  [WILKE2]. It is only meant to support the concurrent engineering 
activities while considering the cost engineering facts. The generated models are allowed to be 
reused in other studies. MuSSat uses a rational database implemented in 4th Dimension and data 
exchange platform in MS Excel with interfaces of subsystem analysis tools for its computations. 

MuSSat has been used both in Astrium and in workshops of the Technical University of Munich. In 
the context of the study, we will focus on the educational application of the tool. The Space System 
Concept  Center  (S2C2) was  established  for  students  of  Technical  University  Munich  to  gain 
experience on spacecraft design, systems engineering and concurrent engineering. It is an optional 
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workshop which requires nine disciplines to be represented by the students and an assistant in a 
moderator position [SCHIF0]. The expressed disciplines can be found in Table 5.

Table 5:Positions in  S2C2 workshops [SCHIF0].

POSITIONS

Cost and Planning Propulsion Structure and Configuration

Mission Design and 
operation

Attitude Determination and 
Control

Communication

Payload Thermal Power

The practical exercise starts with an introduction to MuSSat and to the other software design tools. 
Like  in  all  concurrent  engineering  activities,  the  customer  presents  the  requirements  and 
objectives to the students. Afterwards students get used to their subsystem models in MuSSat and 
modify  them  if  it  is  necessary.  They  identify  their  subsystem  inputs  and  outputs  as  their 

homework, which will  be discussed in the next S2C2  session. This part of the study is done to 
understand  the  design  principles  implemented  in  MuSSat  and  to  create  the  baseline  of  the 
spacecraft design in which the students can discuss their ideas. After completing the details of the 
design, the students will write a report and make a presentation about their design. An overview 

of the S2C2 process can be seen in Figure 2.4. 

In summary, MuSSat has been found as useful tool to teach the key system design drivers and 
concurrent engineering. On the other hand, it requires a basic knowledge in spacecraft design. In 
addition, it requires an additional assisting effort to guide the students for the process.
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 3 Systems Engineering Module
The Systems Engineering Module (SEM) has been implemented as a spacecraft design tool of STA. 
The design of the SEM is mainly based on the CDF and the methods suggested in the relevant 
literature described in the previous chapter. The main purpose of the SEM is to be educational in 
both its development process and the application itself. 

The SEM provides three types of assistance for users in terms of spacecraft design. The first one is 
the guidance of users for their initial design by the wizard. The second is the visualization of some 
basic relations between the spacecraft design parameters by relevant system windows. The last 
one  is  the  ability  of  saving  and  reusing  the  design  for  new  spacecrafts  by  the  core  saving 
mechanism. 

In addition to these, SEM also supports the students to understand the variations of the spacecraft 
parameters during the mission. It provides plots which show the variations of the power and the 
thermal parameters in time. 

In this chapter, the reader will find the details of the design and the followed methodology for such 
design. It will start with an overview of the existing developments and platforms for the design. 
Accordingly, the requirements and constraints of the tool will be described which will followed by 
the architecture of the design. In addition, the internal and external interfaces will be described in 
interface design. At last, a case study will be investigated to verify the design.

 3.1 Development Tools and Platforms

  Space Trajectory Analysis

The European Space Agency had initiated an open source tool, called Space Trajectory Analysis 
(STA)  which  can  perform  trajectory  analysis  for  space  missions.  This  tool  has  been  under 
development since 2005 with the collaboration between universities,  freelancers and ESA Staff 
[STA00].  It  has  been  developed  by  using  an  SVN  Repository to  support  this  wide  range  of 
contributors.  The  repository  is  a  platform  which  saves  every  change  of  the  code  in  separate 
versions to be able to go back to an old code when a malfunction occurs. In addition to this, STA 
follows ECSS for the module developments and released two versions before the study which can 
be downloaded from [STA01]. 

The primary objective of STA is to be educational and available at low cost especially for students. 
In this manner, it  has been developed under the European Union Public License (EUPL) which 
allows editing and free distribution of the code for non-commercial goals. The development and 
the maintenance platforms of STA are also selected to be open source programs, in order for the 
whole project, as well  as its documentation and development tools, to be available to anyone. 
Module  development  within  STA  aims  to  familiarize  the  students  with  the  software  design 
methodology of the actual space market since  ECSS is in use for the developments. In terms of 
programming, STA has also required professional level of work from students since it consists of 
many libraries and classes. It has been programmed in  C++ which has been widely used in the 
sector and has also open source libraries. Moreover, STA uses the Eigen Libraries which are for 
linear algebra computations. They are aimed to be used in scenario propagation and also for data 
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structures to avoid repetitions in the code. Moreover, STA uses  Qt Creator as the programming 
environment and XML for expressing the scenarios, both will be described in following sections.

The architecture of STA can be described as a collection of several different modules where each 
has specific task in the computations. The architecture of STA can be seen in Figure 3.1 which will 
be briefly described in the following paragraphs.

STA is computationally based on the  Astro-Core module where the state vector calculations and 
several other trajectory computations are performed. In terms of the SEM, this gives the capability 
to perform state analysis of subsystems which allow the user to analyze the system with respect to 
time. One level above the Astro-Core module, there are specific modules which have direct links 
with the Astro-Core. These direct links can be described as the usage of the Astro-Core methods for 
their internal computations. The SEM has been placed in this level because of the required link 
with  Astro-Core  for  the  state  vector  analysis  methods  and the  mission  environment  database 
which provides the properties of the central body. In addition to this, the connection between the 
modules of this level is also possible. With the characteristics of this level, SEM interfaces with the 
Plotting  Module to  show  its  results  to  the  user.  Moreover,  it  can  provide  the  outputs  of  its 
computation to the Analysis Module with some modifications for further detailed study. This level 
is followed up by the  Mission Arcs which also uses the methods of  Astro-Core according to the 
command of SEM or other modules on the same level. At the moment of this study, STA could 
consider three different types of missions including the loitering which is the scope of this study. 
The loitering is a trajectory type which is defined as orbiting motion of a spacecraft around a 
central body.

Another important feature of STA is the Space Scenario concept. It can be seen as a repository of 
the modules where they put their computation input and results to share either with the user or 
the other modules. A Space Scenario defines the elements of the particular mission. It can consist 
of mission arcs, payloads and analysis of the mission. For the SEM, this feature allows the module 
to interact with the other modules and to save the results of the analysis. With this concept, the 
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SEM  is  linked  through  the  Space  Scenario repository  to  Communication  Module which  was 
developed at the same time as the SEM.

The development of an STA module follows the same procedure as  other ESA project. At first, the 
STA Steering Board that represents the member universities and ESA, decides the modules to be 
implemented  from a  collection  of  ideas  for  the  upcoming  version  of  STA.  Following  this,  the 
students are assigned to the modules and start working on the development. Students start with a 
list of user requirements which defines the outline of their work. Subsequently, they perform a 
literature survey and produce the Systems Requirement Document where they interpret the user’s 
requirements for their module and flow them down to system level requirements on the software. 
The procedure is followed by the generation of the  Technical  Note where students explain the 
technical  calculations  required  to  fulfill  the  system's  requirements.  At  this  level,  the  students 
describe the problem and are expected to suggest a design. The document is followed by the 
Architectural Design Document where the internal subsystem level interfaces of the module are 
described. Since STA has many modules it is also important to describe the interfaces required for 
the  module  connections  which  will  be  described  with  the  Interface  Control  Document.  This 
document is important for the other modules since the developers will use it to interact. After 
students express their design and get corrections as well as suggestions, the coding starts. The 
time of coding that students spend on this phase depends on the quality of the work has been 
done and their programming skills. At the end, development is completed with the Verification & 
Validation Plan and Verification & Validation Result documents in which a number of verification and 
validation tests are performed in order to prove that the module gives proper results and can be integrated 
into STA. 

  XML Schema

In STA, every mission is unique and has its own particular elements which can be spacecrafts, 
payloads, orbital elements, space environment and orbiting bodies. Therefore, it has been found 
essential to add a feature that could describe the mission's elements in a modular and flexible 
manner. For this reason, the Space Scenario has been implemented for the Cambrian Version and 
has been integrated into STA. The design has been done by using  Extensible Markup Language 
(XML) which has been used for defining the in- and output data of STA to and from the user, as well 
as the in- and output between various STA modules. The development of this schema has been 
conducted in  Eclipse Environment which has visualization features for the XML schemes and is 
publicly available. The detailed description of this platform can be found at [ECL00].

Since STA and the  Space Scenario are developed in different languages, a set of transformation 
classes was developed to convert the XML code to C++. The design principle of Space Scenario is to 
include the most relevant elements for other module and the users which will be informed about 
the details of the mission. Since the Space Scenario covers a wide range of information about the 
mission, it was strictly forbidden to erase any elements of the  Space Scenario to not affect the 
other modules of STA. Therefore, it is fundamental to analyze the system and the possible future 
expansions of SEM before adding any element to the tree.

In terms of SEM, the spacecraft and the payload elements of the Space Scenario have been in 
interest for its development. At the beginning of the study, the existing  Space Scenario did not 
provide  enough  containers  for  the  outputs  of  the  module.  Therefore  during  this  study,  the 
additional containers which were shown in  [STA03] had to be implemented.
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  QT Creator

The Qt Creator is the programming environment used for STA which simplifies the coding of the 
GUIs in C++. It  has an important feature for inexperienced students since they are required to 
implement a GUI for their modules. In terms of development, it provides a user friendly GUI which 
is based on drag-and-drop of the GUI's constituent elements which allows developers to put effort 
on their actual task rather than programming the GUI.  Qt Creator is also an open source cross-
platform like the STA and is used for the developments since it matches with the objectives of STA. 
It uses project files and an internal qmake command, as opposed to the use of make files which is 
has  been  more  typical  for  C++  software  development.  This  allows  for  easy  cross-platform 
compilation. Qt Creator is  a  product  of  Nokia  Corporation which one can  access  the detailed 
information from [QTC00].

 3.2 Design Constraints and Requirements 

At the beginning of the study, the STA Steering Board provided a document called Task Description  
Form [BAVAN0] where they expressed their requirements on the design. The description has been 
found relatively general which mainly describes the requirements of STA from the SEM. Basically, a 
software tool which can design spacecraft systems was required but the details of the design was 
left to the developer.

As it was described earlier, the success of the work depends on the relevance of the design to the 
user’s requirements. On the other hand, the requirements do not always require to be applicable 
with the feasible technology. Like in real projects requirements do not have to be given by the user 
who knows coding. Therefore it is important to investigate some of these requirements and their 
relevance  to  the  code.  The  assessment  of  the  requirements  and  the  actions  taken  are  the 
following:1. The SEM shall allow the design of the main subsystems of a spacecraft for various missions  

(Earth Observation and Interplanetary).  The spacecraft to be designed shall  be either a  
satellite, interplanetary probe or a re-entry system. 

For the Cambrian version, the  STA Steering Board was in agreement on  the integration of only 
three mission arcs which were Loitering, Two-line Element set (TLE) and Entry. Therefore, it was not 
possible to implement spacecraft design tool for the interplanetary missions. However, STA could 
process  loitering  mission  of  Solar  System Planets  which  could  allow the  user  to  describe  the 
interplanetary missions with a sequence of mission arcs like  Loitering Mission Arc around Earth 
followed by an Interplanetary  Cruise and a  Loitering Mission Arc around another Solar System 
Planet. As it can be seen the Loitering Mission Arcs can be widely used where the Entry Mission 
Arc has limited application areas. Therefore, by considering these and the limited time of the study 
it was agreed to focus the study on satellite systems design for the Loitering missions. However, 
SEM was designed in a way to allow the future extensions with addition of new mission arcs to 
STA.

The implementation of the main spacecraft subsystems design depended on the capabilities of STA 
and the duration of  the study.  First  of  all,  there were no implemented spacecraft  subsystems 
modules within STA. Therefore it was deemed essential to construct their mockups to allow the 
user to perform basic computations of the spacecraft design. However, the developer had to select 
a number of subsystems in order to be able to accomplish the work and verify them within the 
given time of the study. 

23



The first subsystem considered was the  Payload Subsystem which is the design driver of other 
spacecraft subsystems. Since the development time was limited, a limited types of payload could 
be implemented. The common system features of all types of payloads were listed as in Figure 3.7. 
At the time of  the study the development of  the  Coverage Module was ongoing.  Thus it  was 
decided to include the payloads that had antennas and cameras in order to be able to benefit from 
one another's work and cooperate on the code architecture and interface challenges. 

The second was the Power Subsystem. It had been seen that analyzing the variations of the power 
subsystem parameters during the mission can be offer a better understanding on the evaluation of 
the spacecraft throughout the mission. A number of propagators has been implemented in STA, which 
is  used  for  the  time  propagation  of  properties  related  to  the  vehicle's  power  subsystem.  The  only 
drawback was that an additional Eclipse State Class had to be implemented within STA. 

By considering the parallel  development of the  Coverage Module,  it  had been found useful  to 
implement the Telemetry/Telecommand Subsystem and the On Board Data Handling Subsystem.

In addition, the Attitude Determination and Control Subsystem (ADCS) of the spacecraft considered 
to be implemented since it is an important subsystem of the spacecraft. On the other hand, after 
the assessment of the STA capabilities, it had been found not applicable for this study period since 
there  are  no  attitude control  determination  capabilities  implemented in  STA.  Howover,  it  is  a 
planned module to be implemented for future expansions of STA. 

The other essential subsystem of the spacecraft found was the Structure Subsystem. It is designed 
not to require many inputs to describe the constraints on spacecraft sizing, which is the main goal 
of the spacecraft design. Related to this subsystem, it has been aimed to implement  Launcher  
Facility which can suggest the launcher for each  mission orbiting around the Earth. 

Lastly, it was decided to include the Thermal Subsystem in the design. Since an Eclipse State Class 
had to be implemented in STA, it could also be used in providing spacecraft temperature variations 
in time to the user.2. The STA tool  integrated with SEM shall  be able to run end-to-end scenarios of multiple  

spacecraft. This includes the ability to call sequentially or in parallel different modules in the  
order they appear in the scenario pane of STA, making sure that the time and state vector  
transitions  are  respected,  and  that  constraints  on  phase  n+1  are  also  addressed  by 
anticipation at phase n. 

During the time of the study, the  Space Scenario concept was fairly new. STA can run different 
Mission  Arcs  but  the  sequential  mission  arcs of  a  scenario are  not  connected  in  terms  of 
constraints of the mission arcs. This was preventing the SEM from complying this requirement. 
However,  it  was  found  essential  to  support  the  integration  of  the  Space  Scenario  since  the 
development  of  STA  was  a  team  work.  In  this  manner,  the  spacecraft  designs  of  SEM  were 
intended to be merged with the Space Scenario, from where the time and state vector transitions 
data are directly gathered.  This established the structure in a way which will  correct the data 
automatically when the Space Scenario is fully integrated in the future. 3. The SEM shall be able to consider constraints coming from the mission and the vehicle itself  

and its payloads. 

In real projects, payloads are the design drivers of the spacecraft since the spacecraft systems are 
designed to support the payloads. Therefore, the SEM is designed to be payload oriented. The user 
has to design the payloads to be then allowed to continue with the spacecraft system design. In 
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terms of mission constraints, SEM was linked to the  Space Scenario and the Space Environment 
(i.e. properties of the central body) database of STA for the required parameters. For the SEM, this 
also provided the automation of updating of the parameters whenever they are integrated into 
STA. 4. The SEM computations shall run in a timely manner on an average PC configuration. The  

module  shall  make  use  of  tables  of  data,  simple  computations,  and  time-efficient 
optimization loops only when found necessary. 

Since the software had many classes, it has been found possible to repeat the existing work if the 
developers neglect the other parts of the code and work on their own for each module. This can 
lower the performance of the tool. In this manner, the existing classes and methods of STA were 
investigated during the design and the implementation since they were already optimized. If the 
necessary  tools  were  available,  it  was  intended  to  use  them  such  as  values  of  the  scientific 
constants5. The SEM user  interface  shall  clearly  reflect  the  main  tasks  of  the  SEM.  A user-friendly  

environment shall be ensured, and consistency shall be maintained with other windows and 
modules. 6. The SEM shall provide dedicated interface windows whenever particular input parameters  
are required. 

The user interface of SEM is designed to be in two parts which are called the Wizard and the Main 
Window. The Wizard reflects the guidance task of SEM. On the other hand, the Main Window is 
intended to serve as a platform for familiar users to iterate their design. It has sub-elements for the 
Payload and the Subsystems where the user can observe the details of the design and input the 
relevant parameters. The software design process of both Wizard and Main Window has followed 
the rule of least amount of input requirement from the user to reduce the complexity.7. The SEM software package shall be delivered together with the following documentation: a  

Software  Requirements  Document  (SRD),  an  Architectural  Design  Document  (ADD),  an  
Interface  Control  Document  (ICD),  a  Verification and Validation  Document  (VVD)  and a 
User’s  Manual  (UM).  In  particular,  all  interfaces  at  subsystem  level  shall  be  clearly  
documented in ADD. 

The required documents are delivered to the STA Steering Board as they are described in ECSS. For 
the specific requirements of the ADD, the documentation used the IDEF0 Standard  [IDEFM0]. A 
brief information about the standard will be given in the further chapters.8. The STA Integrated tool and any modification shall be programmed in C++ language. No 

operating system call shall be allowed as to make the software code independent from the 
target OS. 9. The STA Integrated tool shall have a GUI built with Qt libraries. The GUI shall be able to  
compile in Windows, Linux and MAC OS X operating systems. 

The development of SEM was implemented in Qt Creator which is a cross-platform development 
environment. It allowed SEM to operate in MAC OS, Linux and MS Windows by adding some minor 
code to SEM.10.The STA Integrated tool shall accept a text ASCII file as input and shall deliver a text ASCII  

file as output. 
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The SEM has been designed to extract eclipse information of the mission and relevant database 
from ASCII files. In addition, the SEM is designed to be directly connected to Space Scenario so that 
the user could retrieve the information from it. 11.The STA Integrated tool  shall  be able to use plotting service tools:  Plot,  Projection and 

Visualization. 

The  SEM is  designed to  provide  plots  of  spacecraft  temperature,  power  consumption,  power 
generation and net power variations in time. 

The detailed further information on systems requirement of the design can be found in [STA04].

In summary, it was required to implement a tool which could demonstrate the spacecraft design 
process. Moreover, it should also allow the extensions of the software when it is required. At last, 
the developed software should aim to guide the users to understand the criteria’s of a spacecraft 
design, the iteration of the design process. 

 3.3 Architectural Design

Each  spacecraft  subsystem  design  provides  outputs  to  other  subsystems  which  will  perform 
computations  according  to  these  provided  inputs.  Since  the  SEM  is  aimed  to  demonstrate  a 
complete  system  design,  the  implementation  and  support  of  the  interfaces  between  the 
subsystems was the ultimate goal of the SEM architectural design. In this manner, a conceptual 
design of the software system was generated, as shown in Figure 3.2 considering the requirements 
defined  in  [STA04].  In  the  following  paragraphs,  the  reader  will  find  the  realization  of  this 
conceptual design to the architectural design of SEM and the discussion on the methodology that 
was followed. For the details of the architectural design the readers are addressed to [STA05]. 

Since the interfaces were aimed to be established within the SEM, it has been found essential to 
understand  the  inputs  and  outputs  of  each  subsystem  as  well  as  their  source  and  target 
destinations.  In  this  manner,  a  list  of  outputs,  relevant  inputs have been created marking the 
interfaces for every subsystem, which as depicted in Table 6. The required inputs and outputs were 
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matched to corresponding from the document called Technical Note [STA06], which describes the 
relevant technical equations and scientific relations of each subsystem. The technical information 
on subsystem computations will be briefly given in the following sections for convenience. 

Table 6:Power Subsystem outputs with relevant input and interfaces list respect to the 
requirements.

Requirement Output Relevant Inputs Relevant Interfaces 

Power Consumption 
Function 
(STA-SEM-PSF-2102) 

A text file on average 
power consumption vs. 
sampling time for an orbit. 

· Payload/System power 
consumption info in 
daylight/eclipse.
· Eclipse State Funct.
Mission Duration 

· Payload Subsystem
· Astro-Core
· Mission Definition 
User ( +Text File) 

Generated Power 
Function 
(STA-SEM-PSF-2104) 

A text file on average 
generated power vs. 
sampling time for an orbit.

· Eclipse State Funct.
· Solar Array Area
· Solar Cell Type
· Planet Solar Const.
Mission Duration 

· Astro-Core
· Mission Definition 
User ( +Text File) 

Net Power 
Function
(STA-SEM-PSF-2106) 

A text file on average net 
power vs. sampling time 
for an orbit. 

· Power Consumption 
Function
Generated Power 
Function 

User ( +Text File) 

Degradation Effects
(STA-SEM-PSF-2110) 

The degradation of solar 
arrays during the mission. 

· Mission Duration
Solar Cell Degrad. 
properties 

· Mission Definition
Text File (Solar Cell 
Properties Database) 

Solar Array Area
(STA-SEM-PSF-2112) 

The required Solar Array 
Area for the mission. 

· Mission Duration
· Average Eclipse/Daylight 
Duration
· Solar Cell Properties
Payload/System power 
consumption info in 
daylight/eclipse. 

· Mission Definition
· Text File
(Solar Cell Properties 
Database)
· Space Scenario
· Structure Subsystem

Solar Array Mass
(STA-SEM-PSF-2114) 

The mass of the required 
Solar Array Area for the 
mission. 

· Mission Duration
· Average Eclipse/Daylight 
Duration
· Solar Cell Properties
Payload/System power 
consumption info in 
daylight/eclipse. 

· Mission Definition
· Text File
(Solar Cell Properties 
Database)
· Space Scenario
Structure Subsystem 

Power Unit Mass
(STA-SEM-PSF-2116) 

The number of the 
required Batteries for the 
mission. 

· Mission Duration
· Average Eclipse/Daylight 
Duration
· Battery Properties
Payload/System power 
consumption info in 
daylight/eclipse. 

· Mission Definition
· Text File
(Battery Properties 
Database)
Structure Subsystem
· Space Scenario
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Power Plot
(STA-SEM-PSF-2120) 

The Plots of 
· Power Consumption, 
· Generated Power, 
· Net Power Functions 

· Power Consumption 
Func. , 
· Generated Power Func., 
Net Power Func. 

Plotting Module 

Type of Solar Cells 
and Battery
(STA-SEM-PSF-2122) 

The type of solar cells and 
batteries with relevant 
properties. 

· Solar Cell type
Battery Type 

· Text File
(Solar Cell Prop. Database)
· Text File
(Battery Prop. Database)
· User
Space Scenario 

Subsequently, the input-output relation of each subsystem has been simplified to block diagrams 
as  in  Figure  3.3.  The  inputs  and  outputs  were  grouped  according  to  the  interfaces  with  the 
subsystem to reduce the complexity of the overall architectural design of SEM which was going to 
be constructed as a collection of these blocks. In the Figure 3.3, the identification information 
within  the  parentheses  is  given  for  the  reader  to  understand  the  connection  between  each 
subsystem block and architecture of the computational layer in Figure 3.5, which has been written 
according to IDEF0 standard [IDEFM0]. A brief description of the standard is as the following:

• ‘C’ represents the control signals of the block

• ‘I’ represents the input signals of the block

• ‘O’ represents the output signals of the block

• ‘M’ represents the mechanisms that are used by the block

• The numbering of the  signals demonstrates the connections between different layers e.g. control 
parameters from C11 to C17 in Figure 3.5 are the detailed sub-sections of C1 in Figure 3.4.

• The numbering of the design blocks demonstrates the connections between different layers e.g. the 
design blocks from 2.1 to 2.7 in Figure 3.5 are the sub-elements of Computational Layer design 
block whose number was 2 in Figure 3.4.
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Figure 3.3:Power Subsystem simplified Input/Output Block

Figure 3.4:Architecture of SEM
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Figure 3.5:Architecture of the Computational Layer



3.3.1 Mission Definition

The  Mission  Definition is  the  starting  point  of  a  spacecraft  design.  It  provides  the  mission 
constraints  to  the  subsystems.  It  provides  the  orbital  and  the  operational  limitations  of  the 
missions  mainly  for  payloads  as  well  as  the  power,  thermal  and  telemetry/telecommand 
subsystems. The correspondence of it in the CDF is the Mission Analysis in the CDF studies.

In  the  context  of  this  study,  the  Mission Definition describes  the interpretation  of  the  orbital 
parameters and the central body properties with respect to the requirements of the spacecraft's 
subsystems. It has been placed as a sublevel element of the Main Window and the Wizard since 
the computations should be completed before the spacecraft subsystems design. In the SEM, the 
following information exchanges are done with the relevant subsystems.

For  the  thermal  subsystem,  the  Mission  Definition reads  the  radius  of  the  orbiting  body,  the 
apogee and the perigee of the spacecraft from the Space Scenario and the User to estimate the 
mean altitude of the spacecraft. This information is input in the planet angular radius calculations 
which would be used in the heat calculations of infra-red energy and albedo energy of the planet. 
Moreover, all the external heat sources energy calculations required the solar flux of the Sun as 
input. This flux varies for every solar system planet, proportional to the square of their distance from 
the Sun. Therefore, the Mission Definition provides the solar constant of the relevant planet to the 
subsystem. In addition to this, the albedo constant of the planet also varies for every planet and 
should also be provided for the albedo energy calculations of the planet to the subsystem.

In the power subsystem case, the start and the end time of the mission is used to provide the 
mission duration which is required for the calculation of solar cell degradation. In addition to this, 
the mean eclipse and daylight durations are also input in the calculations of the solar array and the 
battery sizing. These durations independently affect the power consumption of the payloads since 
they are given in percentage of these durations by the user.

Finally, the  Mission Definition also send the mission duration to OBDH and TT/C subsystems for 
memory sizing and the ground contact time calculations respectively.

It has to be noted that the provided information and the computations of the Mission Definition 
calculations  assumes  that  the  orbit  of  the  spacecraft  is  not  changing,  and  is  circular.  The 
calculations  provide  approximated  average  values  by  assuming  the  spacecraft  has  a  constant 
ground velocity [FAA00]. 

However, the worst condition cases are always considered for the optimum design. Therefore, it 
has been assumed that all spacecraft have the possibility to be in the midday-midnight orbit in 
their life time to simplify the computations. This assumption had to be made since the attitude 
determination module of STA has not been implemented yet. 

3.3.2 Payload Subsystem 
The payloads are the main constraints of the spacecraft design because they consume power and 
require  room  place  in  the  spacecraft.  Sometimes,  some  of  them  even  require  some  special 
environmental conditions in order to operate. Therefore they have to be specifically studied during 
the preliminary design to understand their requirements from/to the system. 
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Despite the importance of the payloads for  system design,  the Payload concept had not been 
implemented  in  STA  yet.  Therefore,  it  was  found  crucial  to  implement  a  Payload  Subsystem 
mockup which is capable to estimate the payload parameters and collect the necessary inputs 
from  the  user.  The  input  output  relationship  can  be  simply  described  in  Figure  3.6.  Through 
considering the limited time of the study, a limited number of payloads have been implemented in 
STA. However, the common and relevant parameters for the system design are investigated and 
grouped within a type class called Budget Type to allow the future expansions of the module which 
can be seen in Figure 3.7. As can be seen, the power parameters have been detailed in Budget 
Type. By these, it  has been  aimed to have a detailed demonstration of the payload's life cycle 
which allows user to be involved in the spacecraft system design more.
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Figure 3.6:The Payload Black Box

Figure 3.7:The Budget Type in XML Schema



The design of the subsystem has been divided into two separate blocks. One of these blocks allows 
the user to design or provide the payload information where the other one provides a collection of 
payloads from the database to the user and allows the users to configure them according to their 
needs. 

In the first case, it is assumed that the user knows the necessary details of payload to provide the 
information as a direct output of the black box or capable to design the entire payload itself. In this 
case, the Subsystem calculates only the volume of the payload from the given dimensions. The 
other parameters are given by the user.

In the second case, it is assumed that the user either does not know anything about the payload or 
that  the  knowledge  is  not  enough  for  the  further  computations  of  SEM.  Therefore,  the  SEM 
performs some approximations which were made according to Characteristics of Typical Payloads 
table in [SMAD0] or collect data from the existing database. In both cases, the users are allowed to 
interact with the module to modify the design as they wish.

It  has  to be noted that in none of  the cases the SEM is  capable of  performing any feasibility 
analysis  of  the  payload  parameters.  Therefore  the  results  are  not  always  reliable  in  terms  of 
payload design if the user is inexperienced in payload design and change the parameters of SEM 
randomly.

The approximations are done according to the scale concept presented in [SMAD0]. This concept 
assumes that there is a relation with the previously launched payloads and the same type of a 
desired design. The scaling factor term basically is  a proportion between the required and the 
existing aperture which can be calculated as [SMAD0]:

R=
ARequired

AExisting
(3.2.1)

where the required aperture,  ARequired , is derived from the resolution and ,  AExisting , is the existing 
aperture in the database. Depending on the payload type, the user can provide two different types 
of resolution which can be used to calculate the aperture as  [SMAD00]:

ARequired=1.22 
r

for angular resolution θr  and (3.2.2)

ARequired=2.44h 
X for linear resolution X (3.2.3)

where h is the altitude of the spacecraft and λ is the wavelength. The module computes the mass, 
volume and power consumption of the payload by using this scaling factor to approximate the 
required parameters from the existing database as follows:

If

LEst=R×LExist (3.2.4)

where LExist is the linear dimensions of the payload from database and LEst is the linear dimensions 
of the payload after the scaling.

For a rectangular prism the volume will be calculated as:

V Est=wEst×hEst×lEst , (3.2.5a)
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where VEst, wEst, hEst and lEst are the scaled volume, width, height and length of the rectangular prism 
shaped payload respectively. If we put (3.2.4)  into (3.2.5a) then we will get the following:

V Est=R⋅wExist×R⋅hExist×R⋅lExist=R3⋅wExist×hExist×lExist (3.2.5b)

where wExisti, hExist and lExist are the width, the height and the length of the rectangular prism shaped 
payload respectively from a database .

For a cylinder the volume would be calculates as:

V Est=2wEst
2 ×hEst (3.2.6a)

where  VEst, wEst,  hEst  are the scaled volume, width and height of  the cylindrical  shaped payload 
respectively. If we put (3.2.4)  into (3.2.6a) then we will get the following:

V Est=2 R⋅wExist 
2×R⋅hExist=2 R3⋅w Exist

2 ×hExist (3.2.6b)

where wExist and hExist are the width and the height of the cylindrical shaped payload from a database 
respectively. In addition to dimensional approximations, the scale factor can be also used in mass 
and power approximations as follows [SMAD01]:

M Est=K×R3×M Exist , (3.2.7)

PEst=K×R3×P Exist (3.2.8)

where M denotes the mass and P denotes the average power consumption of the payload whose 
indexes of  Exist and  Est sub-indexes mean the values from the database and the approximated 
with the scaling factor respectively. The K is a factor which should be 2 when R is less than 0.5 and 
1 otherwise. This was added to give a level of margin for the calculations [SMAD00]. Independently 
from the power consumption calculations,  it  was also decided to have power on durations  in 
percentages which could detail the system design of the mission in order to give freedom to the 
user. With this, the user can design the payload which can work only for eclipse or daylight or in 
both with different percentages.   

On  the  other  hand,  the  Payload  Subsystem also  had  the  ability  to  estimate  the  data  rate  by 
additional information of number of pixels of payload for the cameras as [SMAD00]:

DR=Np×
V Gnd avg

X
×Nbp (3.2.9)

where DR is the data rate of the payload for OBDH, the X is the linear resolution of the payload, 
the  VGnd  avg is the average ground velocity of the spacecraft,  Np is  the number of pixels on the 
camera and Npb is the number of bits per pixel that the camera generates. In general, the number 
of  bits  per  pixel  is  10bits  for  satellite  systems; therefore we assume it  as  10bits.  The average 
ground velocity was estimated by assuming that the spacecraft has a constant ground velocity on a 
circular orbit, which was calculated as [SMAD00]:

V Gnd avg=
2hRP 

T
(3.2.10)

where h is the altitude of the spacecraft, RP is the radius of the planet and T is the orbital period of 
the spacecraft.

However it should be reminded that if the payload does not observe the orbited body itself, then 
the user had been required to provide the data rate for the other subsystem algorithms of SEM.
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3.3.3 Telemetry/ Telecommand Subsystem
The Telemetry/Telecommand (TT/C) subsystems are used for the control of the spacecraft systems 
and its payloads as well as to estimate and to calculate the orbital parameters of the spacecraft 
[MARAL0]. The particular interest of this study in this subsystem is the link between the ground 
station and the spacecraft for downloading housekeeping and payload data which will be the sizing 
constraint of the On Board Handling Subsystem.

The design of the subsystem is  oriented from the  Coverage Module which is  aimed to be the 
replacement of the subsystem mockup in future extensions of SEM. Therefore, the TT/C Subsystem 
of SEM designed in a similar way to compute the antenna parameters as in Coverage Module. 
Since the development of the  Coverage Module was performed at the same of the study, it has 
been avoided to design SEM depending on the developing module but there was cooperation with 
the Coverage Module developer for the modularity and future expansions of SEM. 

The antenna design provides  the input  parameters for  the  sizing and the power consumption 
calculations for the Structure Subsystems and the Power Subsystem respectively. The transmitted 
power of the antenna depends on the properties of the receiving antenna,  link distance, path 
losses and the wavelength of  the  signal  which has  indirect  relation  [HEMMA0].  In  addition,  a 
mockup which will calculate the antenna parameters for the interplanetary communication would 
require more time and effort than the available resources. Therefore it had been decided to rely on 
the user inputs for the required parameters of the mockup since the relevant advance module was 
in its development process in parallel to SEM. 

SEM  calculates  the  volume  of  antenna  from  the  provided  user  inputs.  It  assumes  that  each 
spacecraft has only one dish antenna used for the ground contact and it is used for both receiving 
and transmitting purposes. By considering the geometrical shape of the dish antenna, it has been 
found out that the overall system physically can be represented by a cylinder which will provide 
the sizing information to the Structure Subsystem. The antenna diameter defines the cylinder base 
diameter while distance between the antenna and feeder describes the height of the cylinder as it 
is shown in Figure 3.8. 
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Figure 3.8:The parameters of the cylinder 
that enclose the dish antenna



The diameter of the cylinder can be retrieve from the following antenna equation [PDA01]:

D=GTX


⋅ c
 f TX

(3.3.1)

where c is the speed of light, fTX is the transmitting frequency, GTX is the gain of antenna and the η 
is the efficiency of the antenna. 

The height of the cylinder is estimated from the diameter. In our calculation, it was assumed that 
the focal length diameter ratio value is 45% where the common values varies from 25% to 65%. It 
can be calculated as follows [PDA00]: 

Ratio=
AFocal

AD
, (3.3.2)

where AFocal is the focal length of the antenna and the AD is the diameter of the Antenna.

At the end, with all these information SEM calculates the volume of the Antenna as the following:

V Ant=2
AD

2

2

×hAnt (3.3.3)

where AFocal is assumed to be equal to hAnt and VAnt is the volume of a cylinder that will enclose the 
antenna. By putting (3.3.1) and (3.3.2) into (3.3.3) we get:

V Ant=2 GainTX
⋅ c
 f TX

2 
2

×Ratio×GainTX


⋅ c
 f TX

.  (3.3.4)

If we put the assumed value of the Ratio then we get:

V Ant=2 GainTX
⋅ c
 f TX

2 
2

×0.45× GainTX
⋅ c
 f TX

(3.3.5)

which is the final equation used in the volume calculations of antenna.

In  addition  to  this,  the  capability  of  Downlink  Data  Rate  calculations  was  also  given  to  the 
subsystem mockup. If the subsystem has the information of ground contact time for one orbit and 
the size of data to be downloaded with in this duration, it can calculate the needed Downlink Data 
Rate as follows:

DRDownlink=
Data

T OrbitGnd Contact
(3.3.6)

where DRDownlink is the downlink rate to download the Data that is collected in an average orbit and 
TOrbit Gnd Contact is the average duration of the ground contact per an average orbit duration. With this, 
the user is able to evaluate if there is a need of other ground stations to increase the downlink 
durations. This will allow users to make decisions on design which decreases the automation of the 
tool for educational purposes.
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3.3.4 On Board Data Handling Subsystem 
The On Board Data Handling (OBDH) Subsystems perform data processing, housekeeping and on 
board data communication management for the spacecraft [MARAL0]. In addition, this subsystem 
has a close relation with the TT/C Subsystem in terms of its downlink data rate computations.

However, this study only focuses on the memory size calculations of payloads which are assumed 
to generate same amount of data per unit time when they are turned on. It also assumes that 
every spacecraft has a power saving policy where payloads are in sleeping mode. In this mode, 
payloads are forced to not perform their nominal operations and to reduce the driven current from 
the spacecraft till the next operation time. In this study, the current is approximated to zero and 
the payload is assumed to be turned off for simpler computation. 

The memory sizing algorithm considers three possible effecting conditions. They are the capability 
of handling ground contact miss, the possibility of degradation during the mission according to 
radiation and the effect of coding that is used on board communication.

The first and main consideration of the mockup design was the ground contact misses. In real 
space  applications,  there  are  several  reasons  that  a  link  cannot  be  established  between  the 
spacecraft and ground station. It can be caused by space environmental or non-functioning parts 
of the subsystem. In all these cases the data on board cannot be downloaded to the ground station 
and the valuable scientific or technical data will be lost. These situations can happen in any mission 
therefore in real applications the OBDH systems are designed to mitigate or to overcome these 
hazards. In this way, it has been found favorable to reflect or remind this problem to the SEM 
users.  The mitigation of the problem has been performed by saving the data that couldn’t be 
downloaded until it is possible. Since the details of this hazard cannot be predicted, it requires 
some estimation information from the user. In this manner, SEM requests an information about 
the number of orbit that spacecraft can save data on board in case of connection problems with 
ground station. 
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Figure 3.9:Memory degradation due to radiation [CDF03]



Since SEM is designed for educational purposes, it has been designed in way to have as much 
interaction as possible with users. Hence, it was decided to implement the coding for on board 
communication like a control parameter. It  has been aimed to allow users to see the effect of 
coding on board transmission on the size of payload memory. Through this, the user is allowed to 
observe the compromise that is done between the data quality and the size of memory. For this 
version of SEM, there have been two options provided for this control parameter. The user can 
choose either to not have coding at all or to have Error Detection and Correction (EDAC) algorithm 
used with all payloads. The additional information appended to the data by EDAC algorithm has 
been assumed to be 20% of the data by coding overheads [CDF03]. 

In  context  of  this  study,  the  last  design  consideration  for  memory  sizing  is  the  possible 
degradations  coming from the radiation environment of  space.  Although a  Single  Event  Upset 
(SEU) or/and a Latch Up can result as the lost of the entire memory, in real projects a safety margin 
can be taken as  in  [CDF03].  It  assumes that  some environmental  effects  of  the  space can be 
mitigated with this approach which is also followed in OBDH subsystem design of SEM. During the 
design of mockup, it has been assumed that Memory 64 of RAM-EP Mission has been used in all 
spacecrafts since the degradation properties have been given by ESA as in Figure 3.9 [CDF03]. The 
figure was created from the previous experiences of the ESA missions and was providing a rough 
linear curve about the trend which was found enough detailed for simple computations of SEM.

In addition, the safety margin concept of CDF would like to be implemented in memory sizing 
computations to increase the level of proficiency. The concept has already been used as a rule of 
thumb for  the  CDF studies.  It  says  that  if  an instrument or  a  system had been launched and 
operated in space before this development or design has some level of reliability. Therefore, the 
safety margin of this instrument for this spacecraft design should be 10%. If the instrument had 
minor changes from the launched instrument then the safety margin should be 15% and if the 
system is  a  completely  new design then the safety  margin  should be 20%  [CDF04].  Since  the 
mockup of OBDH subsystem is designed to perform rough calculations and is assumed that they 
haven’t flown before, the safety margin of 20% is decided to be the most suitable for this particular 
design case of SEM among these options.

With all of these considerations the mass memory required for the payload data can be calculated 
as:

PD PL= ∑
i=1

Number of Payloads

DRi×PoT i (3.4.1)

where PDPL is the amount of data that is send to OBDH without any encoding from the individual 
payloads per an average orbit, DRi is the average data rate of a payload when it is turned on and 
PoTi is the amount of time that particular payload is turned on per an average orbit.

If  we include the safety margin to the pure data as well  as the housekeeping data which was 
assumed 2 kbps [CDF04] then we would get the memory size without coding as:

MSNoCoding=PDPL×1SM HDPL×1SM  (3.4.2)

where SM is the safety margin, HDPL is the housekeeping data generated by the payloads and MSNo  

Coding is the size of memory that can save the generated data of payload if there is no coding for data 
transmissions on board.

If we add the effect of the coding in on board communication, then we would get:
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MSWith Coding=MSNoCoding×1CP  (3.4.3)

where CP is the ratio of coding per set of data and the MSWithCoding is the encoded data that has to be 
saved in the memory.

If we would like to see the number of orbits that memory shall be capable of saving data, we will 
get:

MSCapablity=MSWithCoding×NONo Link1 (3.4.4)

where NONoLink is the number of orbits that the memory is capable to save data without overloading 
or erasing the previous undownloaded data in case no link is established with any ground station 
and MSCapability is the designed memory that could handle the loss of ground contact for the number 
of defined orbit.

The addition of one to the number of orbit without link in (3.4.4) is to include the data that is 
produced during the downlink of first ground contact after orbits without link. Since payloads are 
also producing data during the downlink duration.

At last by adding the effect of the radiation degradation of the memory which can be thought as 
another type of safety margin we will get:

MSDegradation=MSCapablity
5
2
Gbit / year×T (3.4.5)

where  T is  the  mission  duration  in  years,  MSDegradation is  the  memory  designed  to  handle  the 
radiation degradations which is described as Memory 64 in Figure 3.9 with approximation of 5/2 
Gbit/year. The specific case of Memory 64 has been chosen since it has been found as a better 
example for the worst case scenario.

3.3.5 Power Subsystem 
The  Power subsystems are responsible for the generation of the power as well as its regulation, 
distribution and its  consumption monitoring throughout  the spacecraft  [HYDER0].  The payload 
power  requirements,  the  life  time  and  orbital  configuration  of  the  mission  as  well  as  other 
spacecraft subsystems will define the design of the subsystem. 

In the context of this study, the design of power subsystem mockup is focused on the balance 
between the generated and the consumed power. By this, it has been aimed to emphasize the 
importance of the spacecraft power supplies since the mistakes in designs are quite critical during 
the flight.

SEM divides the power subsystem into two sections. First, the sizing computations of the batteries 
and solar arrays are performed. The result of this section provides the necessary parameters of the 
Structure Subsystem. The other one investigates the variations of the power generation and the 
consumption curves at a time of mission and provides functions and plots. However, the results 
depend on the performed sizing computations. 

  Sizing of Power Units

Space missions have limited budgets where the demands from the spacecraft can be unlimited. 
Therefore,  one of  the tasks of  spacecraft  system engineering is  to assure that  subsystems are 
designed in an optimum way while fulfilling the requirements. In terms of power subsystem of 

39



SEM, the optimum budget is represented by the sizing parameters, mass and volume. They are 
aimed to be light and small while providing the required power.

In SEM, spacecrafts are designed to have one solar array and several batteries which provides the 
required power of the mission. Moreover, the batteries are assumed to be used only during the 
eclipse conditions while solar arrays supplies power to batteries and system during daylight. The 
solar arrays assumed to be perpendicular to  Sun-Spacecraft Axis which allows maximum power 
generation in Sun-Spacecraft-Earth Equator alignment. The Depth-of-Discharge (DOD) of batteries 
and the battery load efficiency values vary with spacecraft temperature, mission profile and type 
of battery  [HYDER0] [SPAC00]. Therefore the values are assumed to be 100% for simplification. 
However, SEM has been implemented in a way to be able to modify these parameters in future 
expansions of the module. With these assumptions, the power subsystem sizing is approximated 
as in the following paragraphs.

The mass of battery is approximated as:

M Battery=
 ∑

i=0

Numberof Payloads

PPL in Eclipse i PSys

C r

 (3.5.2)

where Cr is the specific energy density of the battery, PPL in Eclipse is the power consumption of each 
payload in eclipse, PSys is the power of the spacecraft systems and MBattery is the mass of battery to 
support such a power requirement. 

The total volume of batteries is approximated as:

V Battery=C r

C v ×M Battery  (3.5.5)

where the Cv is the volume energy density and VBattery is the volume of the battery for the support 
of such a system. The each type of battery properties are taken from [AIAA00].

In addition, the number of batteries is estimated as a function of the average eclipse duration of 
the mission as:

NB=
T Eclipse

T Battery
(3.5.4)

where TEclipse is the average duration of eclipse per an orbit, NB is the number of batteries is needed 
to support such a system per one average eclipse duration and

T Battery=
C r

CP
 (3.5.3)

where CP is the specific power of the battery (W/kg) and TBattery is the amount of time that battery 
can support such a system. 

In terms of power subsystem mockup of SEM, the solar array has been assumed as the unique 
power generator of the spacecraft.  The main requirement for the solar array is to support the 
spacecraft for the entire mission and able to the battery in eclipse conditions. 

At first, the required area of the solar array is calculated as:
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Area SA=
P SA

P EOL
(3.5.6)

where the  PSA is  the required power supported and generated during the daylight period from 
Solar Array,  PEOL is the End-Of-Life power which is generated by the solar cells at the end of the 
mission and AreaSA is the area of the solar array which supports such a system. 

In real applications, the generated solar array power cannot be transmitted totally to the load. 
There are some losses during the transmission caused by conversion process or other reasons. In 
order to consider this effect the total generated power PSA is estimated as:

PSA=

 ∑
j=0

Numof Payloads

PE  j ⋅T TOE  j PS⋅T E

X Eclipse

 ∑

j=0

Num of Payloads

P D j ⋅T TOD j PS⋅T E

X Daylight

T D

(3.5.6b)

where XEclipse and XDaylight are the Path Efficiency of the Solar Array – Battery – Load in Eclipse and 
Daylight periods respectively, PE is the eclipse power of the payload, PD is the daylight power of the 
payload,  TTOE is the turn on duration of the payload in eclipse, TTOD is the turn on duration of the 
payload in daylight,  PS is  the total  systems power of the spacecraft,  TD and  TE are the average 
eclipse and daylight durations of the mission respectively. In this equation, it has been assumed 
that the spacecraft system consume same amount of power for the entire mission and will work 
continuously. 

The user is allowed to create a scenario that payload power requirements can change during the 
mission. The design provided by the mockup will be sufficient to support them and the spacecraft 
systems even at the End-of-Life (EOL) time of the mission. In this manner, it has been found crucial 
to calculate the power that has to be generated by the solar array as [SMAD0]: 

PEOL=P BOL×Ld  (3.5.7)

where the PBOL is the Beginning-Of-Life (BOL) Power and the Ld is the life time degradation. The BOL 
power is the fraction of the EOL power where the degradation amount is proportional  to the 
mission  duration  by  the  Ld variable.  The  BOL  power  of  the  solar  array  is  dependent  on  the 
efficiencies of the solar cells and inherent degradation of Solar Array which can be calculated as 
[SMAD0]:

PBOL=Po× I d×cos   (3.5.8)

where θ is the sun incidence angle, Po is the power output of the solar cells and Id is the Inherent 

Degradation of the solar cells. In computations of SEM, the sun incidence angle is taken as 23.5 
degrees  which  is  an  approximation  for  the  Worst  Case  Sun  Incidence  Angle  [SMAD0].  This 
approximation has to be done since there has been no Attitude Control Module implemented in 
SEM.

The life time degradation in (3.5.7)  represents the effects of radiation, thermal cycling and many 
other harsh conditions on solar array. It depends on the estimated degradation of the solar cells. It 
can be calculated as [SMAD0]:

Ld=1−DpY T (3.5.9)

where T is the mission duration and DpY is the degradation per year.
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Since the area of the solar array is computed, the volume can be approximated by assuming the 
solar  array  is  a  rectangular  prism.  In  this  computation,  the  thickness  of  the  solar  array  is 
approximated as 0.02m which has been estimated by the ESA experts.

In addition to volume information, the Structure Subsystem also requires the mass of solar array 
mass which is approximated from the generated power as [SMAD01]:

MassSA=0.04⋅PSA (3.5.10)

where PSA is the maximum generated power of solar array and MassSA is the mass of the solar array.

In order to give more information to increase the reliability of the Structure Subsystem estimations, 
the power unit mass has to support the solar array and spacecraft power transmission has been 
estimated as [SMAD0]:

MassPU=massPCUmassRegulators (3.5.11)

where the massPCU is the mass of power control units,  MassPU is the mass of power unit and the 
massRegulator is the mass of regulators which are approximated as [SMAD01]:

massPCU=0.02P SA  (3.5.12)

and

massRegulators=0.025 PSA  (3.5.13)

As a result, the total mass budget of the power subsystem is calculated as the sum of the MassSA 

and the MassBattery. This parameter together with the volume of solar array and battery is given to 
the Structural Subsystem for overall spacecraft sizing computations. It has to be noted that the 
safety margin concept introduced in previous section for OBDH Subsystem is also applied in sizing 
information of SEM. The same assumption has been made and the design is classified as the new 
developments and the safety margin assigned to 20%. This allowed SEM to perform its design 
computations in professional level.

  Generated Power

The solar array generated power cannot be constant for the entire mission. The generated power 
can vary due to several reasons during the mission. SEM focuses on the fluctuation of the power 
caused by the degradation of solar cells and the effect of eclipse on solar array. It is designed in a 
way to allow users to observe the changes in generated power which will lead them to understand 
the limitations of the Power Subsystem design.

In SEM, the variations on generated power divided into two groups according to their effect in 
time. They have been called Long Term Fluctuations and Short Term Fluctuations which represents 
the variations in entire mission and an orbit respectively. 

The short term effects are related to the incidence of Sun on solar panels during the mission. The 
amount of Sun light and therefore the generated power can change with the attitude of spacecraft 
and the position of the spacecraft respect to its orbiting body. Since the Attitude Determination 
and Control Module hasn’t been implemented in SEM, this particular study has been only focused 
on variations due to eclipse state of the spacecraft.

Solar panels cannot produce power in eclipse condition where spacecraft can only use the stored 
power in batteries. Therefore, solar array has to be designed in a way to support the spacecraft in 
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Daylight Time and store energy in batteries to support spacecraft in Eclipse Time. This provides two 
constraints for the design of Power Subsystem. The batteries have to be designed to handle the 
discharge and charging recursive of the mission and the power control unit shall be designed to 
endure the fluctuation in generated power while not affecting the spacecraft systems. In order to 
support these analyses of users, it has been found crucial to implement a method that shows the 
fluctuations in generated power. However, it has to be notified that SEM does not provide any 
guidance on how to  mitigate  these  problems.  It  only  allows users  to  observe  the changes  in 
generated power which has been computed as:

PShort Term Fluctuationst =Po×I d×cost ×AreaSA  (3.5.14)

where the Po is the power output of the solar cells and Id is the inherent degradation of the solar 

cells. The sun incidence angle, θ(t), through time has been assumed to be either 0 or 23.5 degrees 
to show the eclipse state of the spacecraft. However, the sun incidence angle can be vary in a 
wider range after the development of Attitude Determination and Control Module. In addition, it 
has been assumed that the calculated power is per orbit and recursive for entire mission where 
the orbit of the spacecraft does no shifting due to gravitational forces. An example plot of the 
function can be seen in Figure 3.10. In eclipse state, the power is set to zero to show that there is 
no power generation.  The sharpness of the curve is  caused by the low sampling rate of used 
propagator in eclipse function. The low sampling rate results as randomly seen penumbras due to 
the lack of interpolation in this function. 

Figure 3.10:Power generation function of a 
spacecraft with one payload.

The long term fluctuations in generated power are caused by the solar cell degradation in years. 
The amount of degradation depends on the type of solar array and the duration of the mission. In 
SEM, the function has been calculated as follows:

PGENERATEDt =PLong Term Fluctuationst =PShortTerm Fluctuations t ×1−Degradation/Year t (3.5.15)

where  t is  the  time  passed  from  beginning  of  the  mission  to  a  particular  time  in  years, 
Degradation/Year is the degradation of solar cells per year. As it can be seen the PLong Term Fluctuations is 
the same as total generated power at a time since it a function of PShort Term Fluctuations. An example plot 
of this function can be seen in Figure 3.11 which points out the degradation of the system.
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  Power   Consumption 
The power consumption profiles of spacecrafts vary during the mission. Depending on the mission 
profile, the payloads may require operating in particular times and they have to be supported by 
the power subsystem. In  some cases,  every payload can operate in different  segments of  the 
mission depending on the goal.

Since this version of SEM has been only designed for the solar system loitering missions, these 
different mission segments are defined as the eclipse and the daylight periods of the orbit. The 
users are allowed to create a scenario where the payloads can operate in Eclipse and Daylight time 
with different durations.

In order to simplify the user interface, it has been assumed that payloads operate continuously in 
every mission segment. There are no breaks in operations of payloads within a mission segment to 
consider  a  more  stable  configuration  in  terms  of  software  design.  In  addition,  the  payload 
operating durations are aligned to the end of eclipse and the beginning of daylight to investigate 
the worst case conditions of the mission as in Figure 3.12. System denotes the spacecraft system 
power and P represent the power dissipation of payloads. As it can be seen there is also Battery 
which has to be charge to support payload 1, payload 2 and payload 3 in Eclipse. The system power 
has to be inputted from the other subsystems. For simplicity reasons, the spacecraft systems have 
been assumed to operate in their normal mode where their consumed power is constant during 
the mission.

In this version of SEM, the power consumption of the TT/C has been the only given parameter to 
Power  Subsystem.  Although  SEM  provides  an  approximation  for  the  heater  required  to  keep 
spacecraft in a defined window, the power dissipation information of Thermal Subsystem has not 
been considered since the operation time is not computed. However, user is allowed to include 
their design of heater as payloads to the system and observe the result in Power Subsystem. 
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Figure 3.11:Long term fluctuations of generated power



 

With the given considerations, the total power consumption function of the spacecraft computed 
as:

PTotal t =PTotal PL t PTotal Sys (3.5.1)

where the PTotal is derived from some of the subsystem inputs, PTotal Sys is the power consumption of 
the spacecraft systems and PTotal PL is the power consumption profile of the payloads.

In addition to generated and consumed power functions, SEM also provide a function called Net 
Power Function. It is basically the difference between the consumed power and the generated 
power. This function allows users to observe the charge and discharge curve of the batteries while 
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Figure 3.12:Power consumption function per orbit

Figure 3.13: Power Consumption Function of the 
spacecraft with two payloads.



the additional power can also be analyzed for improving the mission profile like adding payloads 
operating in the beginning of the mission. The plot can be seen in Figure 3.14. The positive values 
of the plot show when the batteries are charging with the power that is not used by the payloads 
and the system. The negative values of the plot show when the batteries are discharging in eclipse.

Figure 3.14:Net Power Function of the spacecraft with one 
payload.

3.3.6 Structure Subsystem 
Structure of  a  spacecraft  has  four goals  to  be met  in its  design.  They are  the support of  the 
spacecraft components within their required locations in static and dynamic conditions, ability to 
fit stowed spacecraft in the launcher and sustainability of the launch vibration without affecting 
the  launcher  systems  [SARAF0].  In  other  words,  Structure  of  spacecrafts  shall  have  enough 
strength to survive the launch and the mission while fulfilling the requirements of launcher. 

In context of this study, the developed mockup only focuses on sizing and providing data to user as 
a parameter to select launcher of the mission. In this manner, it computes the total mass and 
volume of the spacecraft as well as some other parameters relevant to launcher selection which 
will be described in further reading. 

  Spacecraft Sizing

The spacecraft sizing is described by the total mass and volume of the spacecraft. They have been 
defined as a simple sum of payloads and system parameters with safety margins which have been 
introduced in previous sections. In this mockup, it has been also assumed that the subsystem has 
been a new development for choosing safety margin value.

The total system mass describes the total mass of the spacecraft without payloads. Initially, the 
mass of  each subsystem are  estimated from a database derived from  [SEDT01],  [SEDT02] and 
[SMAD0].  After  user  completes  the  initial  spacecraft  design  through  wizard,  the  estimated 
parameters  are  replaced  with  the  computed  ones.  Accordingly  the  total  subsystem  mass  is 
calculated as the following:

MassSysWithout Margin=MassPower SysMassThermal SysMassStructure SysMassOBDH (3.6.1)
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where MassPower sys is the mass of power subsystem, MassThermal Sys is the mass of thermal subsystem, 
MassStructure Sys is the mass of structure subsystem, MassOBDH is the mass of OBDH subsystem where 
MassSysWithoutMargin is the total mass of subsystems.

The structure subsystem has been defined as a shield covering the entire spacecraft to simplify the 
mass computation. With this consideration, it has been possible to estimate the mass of spacecraft 
from a simple volume density calculation. The density of material has been retrieved from the 
database depending on the user selection and the surface area of the spacecraft estimated from 
the spacecraft total volume calculations. The thickness of the shield has been a variable which 
depend on the design of the subsystem. However, it has been required to estimate the mass of the 
structure. In this manner, it has been taken approximately 0.2cm. It has been selected from a range 
of 0.5 to 6.7 mm which has been assumed to protect the spacecraft internal devices from the 
debris of 0.4-9.13 mm diameter [SS00].

MassSys Margin=MassSysWithoutMargin0.20⋅MassSysWithout Margin  (3.6 2)

where MassSysMargin is the total mass of system with the margin of 20%.

Accordingly, total mass of payloads are computed as:

MassTotal PLMargin= ∑
Numof PL

MassPLWithout Margin0.20⋅ ∑
Num of PL

MassPLWithoutMargin (3.6.3a)

where MassPL Without Margin is the mass of individual payload as it is designed and MassTotalP Margin is the 
total mass of all payloads with the safety margin of 20%.

Since the total spacecraft mass has been defined as:

MassTotal=MassTotal PLMarginMassSysMargin×10.20 (3.6.3b)

where MassTotal is the total mass of the entire spacecraft. It has to be noted that the safety margin 
of  20%  has  been  added  to  equation  which  is  the  procedure  followed  in  ESA-CDF  studies  for 
cumulative parameters.

Since the technological improvements continuously decrease the volumes of the subsystems, a 
database usage has not been applicable for the study. The formulation of this decrease found out 
of  scope.  Therefore,  it  has  been  decided  to  rely  on  the  volume  computations  of  the  other 
subsystem inputs. In this manner, the total volume of the spacecraft is estimated from the volume 
of antenna, power units and the payloads as well as the enclosing structure. It has to be noted that 
the safety margin of 20% has been also taken into account of the computations.

First it has been started with an estimation of the total payload volume as:

V PL withmargin=∑ V PL0.20⋅∑V PL (3.6.4)

where VPL is the volume of an individual payload without 20% safety margin and VPL with margin is 
the total volume of payloads with the safety margin. 

Accordingly, the volume of the subsystems estimated as the following:

V BatteriesMargin=∑V Batteries0.20⋅∑V Batteries (3.6.5)

where VBatteries Margin is the volume of batteries to support the system with the safety margin.

V Antenna Margin=∑V Antenna0.20⋅∑V Antenna (3.6.6)

where VAntenna Margin is the volume of antenna from (3.3.5) with additional safety margin.
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By adding the antenna, power unit and the payload volumes together then the total spacecraft 
volume estimated as:

V Total Margin=∑V BatteriesMargin∑ V PLMarginV Antenna... (3.6.7)

where VTotal Margin is the total volume of the spacecraft with the safety margin take into account.

In SEM, there has been no artificial intelligence algorithms implemented to locate the subsystems 
and the payloads  for  optimum design.  Therefore,  the  spacecraft  dimensions  are  estimated by 
assuming that the volume of the systems modular. Three spacecraft shape has been allowed for 
users to select. 

In case of the cylindrical structure, the mockup aims the diameter of the spacecraft to be less than 
or equal to the height of the cylinder. With this assumption, it has been aimed to provide long 
spacecrafts structures like Herschel [HER00]. 

While

V Cylinder= D2 
2

×h (3.6.8)

where D is the diameter and h is the height of the cylindrical shaped spacecraft. If the diameter of 
the cylinder is equal to the height then:

V Cylinder= D2 
2

×D=
4
×D 3 (3.6.9)

If the (3.6.9) can be rearranged then we would get the following parameters:

D=h=3 4×V Cylinder


2×0.2cm (3.6.10)

Despite of approximation algorithm has been used for diameter and height in the cylindrical case, 
the dimension calculations of the cube and the sphere have been straight forward as the following:

V Cube=R3  (3.6.11)

where VCube is the volume of the cubic spacecraft and R is the length of one side of the spacecraft.

V Sphere=
4
3
 R3

(3.6.12)

where VSphere is the volume of the spherical spacecraft and R is the radius of the spacecraft.

If the (3.6.11) can be rearranged then we will get the following parameters:

R= 3V Cube0.2cm  (3.6.13)

for the cubic spacecraft where R is the length of one side of the spacecraft.

If the (3.6.12) can be rearranged then we will get the following parameters:

R= 3 3V Sphere

4
0.2cm (3.6.14)

for the spherical spacecraft where R is the radius of the spacecraft.
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  The Natural Frequency of the Spacecraft

The natural frequency of the spacecraft has been one of the important constraints for the launcher 
selections. The spacecraft can sustain the launch if the launcher frequencies that are mentioned in 
the user manuals are below the natural frequency of the spacecraft. The natural frequency is a 
function of stiffness and the mass of the structure as [SMAD0] [EMD00]:

f natural=
1

2  k
MassTotal

 (3.6.15)

where k is the stiffness of the structural material of the spacecraft and MassTotal is the total mass of 
the entire spacecraft.

During the study, complete stiffness analysis of the spacecraft has been found quite complicated to 
be implemented in SEM. The performed analyses have been requiring either computer simulation 
software  or  long  experimental  setups.  Since  the  aim  of  SEM  has  been  to  give  some  basic 
understanding of the spacecraft structure design to students, the analysis has been approximated 
to a simpler way by assuming spacecraft as uniform beam.

The Lateral frequency of this beam calculated as [SMAD0]:

f natural lateral=0.560 E I
MassTotal MarginL

3 (3.6.16)

where  E is  the  modulus  of  the  elasticity  that  is  defined  from  the  structural  material  of  the 
spacecraft,  I is the area moment of inertia of the beam's cross section,  MassTotal Margin is the total 
mass of the spacecraft with the safety margin and L is the height of the spacecraft from the base of 
the fairing to the highest part of the spacecraft. The area moments of inertia of the sphere and 
cylinder have been derived from a circle where the cube's has been derived from a square as 
[EMD00] [EMS00]:

I Circle=
r 4

4
 (3.6.17)

where r is the radius of the circle and

I Cube=
a4

12
(3.6.18)

where a is the length of the one side of the cube.

The axial frequency of this has been calculated as [SMAD0]:

f natural axial=0.250 A I
MassTotal Margin L

(3.6.19)

where  the  A is  the  cross  sectional  area  of  the  beam  or  in  other  words  smallest  face  of  the 
structure. In case of sphere, the A has been approximated as a circle with the half diameter of the 
sphere.

Since SEM aimed to be educational, the inertia of the spacecrafts have been also calculated and 
provided to the user by assuming the spacecraft is homogenous and its center of gravity is at the 
same point as the center of the geometry. The inertia values of geometries can be found in the 
Table 11.
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Table 7: Inertia of some geometries [EMS00]

Geometry  Inertia

I xx=
1
6
ma2 I yy=

1
6
ma2 I zz=

1
6
ma2

I xx=
1
4
mD2 

2

 1
12

mh I zz=
1
2
mD2 

2

I zz=
2
5
mr2

3.3.7 Thermal Subsystem 
The thermal environment of space can be really destructive and spacecraft has to be designed to 
sustain it. The temperature gradients of spacecraft can reach to the extreme values when it passes 
the eclipse-daylight cross of the orbiting body. In this manner, Thermal subsystem aims to maintain 
all spacecraft components in their required temperature limits for continuity of their operations 
[GILMO0]. 

In SEM, the thermal subsystem mockup has been designed to give general idea on thermal analysis 
of  the spacecraft  at  preliminary design phase.  Therefore,  the  thermal  interaction of  individual 
element  with  each  other  and  the  finite  element  analysis  has  not  been  considered  in  the 
computations.  Moreover,  the  spacecraft  has  been  assumed  to  be  isothermal  and  its  energy 
dissipation has been uniform where all  heat coming from the electronics are represented as a 
point source in the center of the body. The module has been enable to calculate the Equilibrium 
Temperature of the spacecraft as well as the Temperature variations during the mission. 

The Equilibrium Temperature describes the spacecraft temperature in steady state conditions of 
heat transfer. It can be described as [TSAI00]:

 AT E
4 =QaQi (3.7.1)

where ε is the emissivity of the material, A is the cross sectional area for radiation exchange, σ is 
Stefan-Boltzmann constant,  TE is the equilibrium temperature,  Qa is the body absorbed radiation 
energy from the environment and Qi is the internal power dissipation of the spacecraft in steady 
state.

In SEM, there are four  different Equilibrium Temperature are computed. Two of  them provide 
information on possible minimum and maximum temperature of the spacecraft with given orbit 
and the power dissipation configuration. These temperatures are calculated as the following.

The Equilibrium Temperature is proportional with the absorbed energy by the spacecraft. In SEM, 
this energy assumed to be radiated only from the Sun and the orbiting planet in forms of  Solar  
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Flux,  Albedo,  Planet IR  and dissipated energy by the spacecraft electronics. Therefore the (3.7.1) 
can be described as:

 AT E
4 =QSolarQAlbedoQ IRQ i (3.7.2)

where  Qsolar is  the absorbed Solar Flux energy,  QAlbedo is  the absorbed Albedo energy,  QIR is  the 
absorbed planet IR energy of the orbiting body.

The absorbed Solar  Flux  energy  in  the (3.7.2)  is  depended on the cross-sectional  area  of  the 
spacecraft that the Sun incidents and the surface absorptivity as [SMAD0][ESAE00]:

QSolar=G s×AHot×cos ×Hot (3.7.3)

where GS is the solar constant of the orbiting body, αHot is the absorptivity, θ is the worst case sun 
incidence angle of the surface and  AHot is the Sun facing surface area of the spacecraft geometry. In 
SEM, θ has been assumed to be 23.5 degrees since Attitude Control and Determination Unit has 
not  been implemented within STA.  In  addition,   AHot has  been assumed as  half  of  the sphere 
surface, one cube face and half cylinder side area for defined spacecraft geometries for the same 
reason. By this spacecraft attitude has been assumed to fix respect to the Sun as in inertial frame 
Figure 3.14. 

It has been assumed that Sun will have never lighten the panels perpendicular to the Sun Direction 
vector in Figure 3.14 as well as the orbiting bodies IR energy. In this manner, the spacecraft surface 
has been divided into types of panels which are called  Cold  and Hot Faces.  If  any time of the 
mission the surface faces to any environmental heat source like Solar Flux, Albedo and Planet IR, 
the panel will be called 'Hot Face', if not it will be called 'Cold Face'. 

This grouping has been allowed users to select different coatings for passive control analysis of the 
spacecraft.  In  essence,  the  ATotalHot has  been set  to  area  of  four  faces  for  cubes,  side  face  of 
cylinders  and the entire surface of  spheres where the  ATotalCold has been set to  the rest  of  the 
spacecraft surface. 

The Albedo energy in the (3.7.2) is described as the fraction of the solar flux that is reflected from 
the orbiting body. In addition, is also proportional to the altitude of the spacecraft which can be 
expressed as the collimated energy. The total  albedo energy absorbed by the panel will  be as 
[SMAD0]:

QAlbedo=GS×a×AHot×Hot×Ka×sin2 (3.7.4)

where the a is Albedo constant, Ka is the collimated solar energy of the planet and ρ is the planet 
angular radius of the orbiting body.
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Figure 3.15:Sun direction for the shapes.



The radiation energy absorbed by the spacecraft surface is the infrared radiations of the orbiting 
body. Like all materials, planets also emit infrared waves which can heat the spacecraft significantly 
in some circumstances. This radiated energy can be calculated as [SMAD0]:

Q IR=q I×sin2 ×ASurface×Hot (3.7.5)

where qI is the planet IR energy of the orbiting body and εHot is the emissivity of the Hot Face of the 
spacecraft. 

Since the absorbed energy has been known, it is possible to calculate the spacecraft  Equilibrium 
Temperature. The minimum and maximum temperatures are depended  on the absorbed energy. 
In this manner, the minimum – maximum internal power dissipations in Eclipse and Daylight are 
retrieved from the Power Subsystem to compute the Equilibrium Temperature.

The  minimum  and  maximum  equilibrium  temperature  of  the  spacecraft  with  the  given 
configuration is calculated as:

TMin=
4 Q IRPMin

ATotalCold××ColdATotalHot××Hot
(3.7.6)

where  ATotalHot is  the  total  cross-sectional  area  that  has  the possibility  of  being  hot  during  the 
mission , εHot is the emissivity of the Hot Face,  ATotal Cold is the total area that is considered to be cold 
for  the  entire  mission ,εCold is  the emissivity  of  the Cold Face and  PMin is  the minimum power 
consumption in the eclipse duration. 

In  the  maximum temperature  calculations,  the  heat  source  has  been defined  as  the  infrared 
energy of the orbiting body, the Solar Flux, the Albedo energy and  the dissipated power of the 
electronics in the daylight which is: 

TMax=
4 QSolarQAlbedoQ IRPMax

ATotal Cold××ColdATotal Hot××Hot
(3.7.7)

where PMaximum is the maximum power that is consumed in spacecraft in Daylight.

The other  two Equilibrium Temperatures  are  computed when heater  and  radiator  powers  are 
included  within  the  power  dissipation  configuration.  The  heater  and  radiator  powers  are  the 
energies required to increase the steady state temperatures of the spacecraft. In other words, the 
spacecraft can be out of its operating temperatures with passive control by selected coatings and 
can require  some energy to  absorb  of  dissipate  to bring  the steady  state  temperature  to the 
operating range.

In described module, the spacecraft has been aimed to be kept in the worst case envelope range of 
-10 to +45 0C  [FSS00] which is defined for  the spacecraft  internal  electronic  units.  Initially  the 
required energy has been calculated for operating temperature range as:

QOptimum=ATotalCold××Cold×T Limit
4 ATotal Hot××Hot×T Limit

4 (3.7.9)

where TLimit would be either -10 0C (263 0K ) or +45 0C (318 0K)  according to the temperature limit 
that is set for the electronics of the system.

If the Spacecraft Equilibrium Temperature is colder than -10 0C :

QHeater=QOptimum−Q IRPConsumed Minimum (3.7.10)

where QOptimum is calculated with TLimit equal to 263 0K. 
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If the Spacecraft Equilibrium Temperature is warmer than +45 0C :

QRadiator=QOptimum−QTotal AbsorptionPConsumed Maximum (3.7.11)

where QOptimum is calculated with TLimit equal to 318 0K.

Afterwards, the computed heats are added to (3.7.6) and (3.7.7) for computing the new minimum 
and maximum spacecraft Equilibrium Temperature by assuming they operate until the steady state 
condition. These computations have been performed to give idea to users on thermal analysis. 
Moreover, the payload temperature ranges will be compared with these values and user will be 
warned if they are out of their operating range even after heater and radiator energies included.  

As it was discussed in Payload Subsystem, SEM allows users to assign different operation durations 
to the payloads which will cause fluctuations on the thermal analysis. In this manner, it has been 
founded  useful  to  implement  deeper  analysis  and  a  time  varying  function  on  spacecraft 
temperature as in Figure 3.15. This will help user for visualizing the problem.

Since SEM aims to give basic idea on Thermal Analysis, it has used the Simple Thermal Analytical 
Models presented in [TSAI00]. It simplifies the general energy equation by assuming pure radiation 
and cooling for isothermal body to:

C dT
dt

=AT E
4−T 4 (3.7.9)

where C is the heat capacity of the object and T is the temperature of the object. If we assume T is 
close to TE , then the (3.7.9) can be approximated linearly to:

C dT
dt

=4 AT E
3 T E−T  (3.7.10)

which can be solved as:

T
T E

=1
T 0

T E
e

−t
 (3.7.11)

where T0 is the starting temperature and 

= C
4AT E

3 (3.7.12)

The dt has been set to the time steps of the Astro-Core's state vectors. The temperature function 
retrieves  the  power  consumption  function  and  eclipse  state  conditions  of  the  spacecraft  and 
iterates the (3.7.11) for the entire mission.  This will allow power consumption of payloads and the 
Sun light conditions to affect the temperature of the spacecraft in a realistic manner.
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 3.4 Interface Design
SEM has not been implemented as a standalone module of STA. It has required some interactions 
with other modules of STA for its computations. In this manner, the described interfaces in Figure 
3.4 have to be implemented with Plotting Module, Astro-Core and its sub module Space Scenario. 
In the following paragraphs, the reader will have a brief explanation on these interfaces which are 
described in [STA07]. 

SEM  has  been  required  to  plot  its  output  functions  by  using  existing  Plotting  Module.  This 
requirement has been aiming to enable the users to visualize the evaluation of the spacecraft 
design.  SEM  has  been  already  required  to  generate  files  for  its  power,  thermal  subsystems. 
Therefore, it has been decided to add methods to Plotting Module for interacting with the “.stad” 
files which is the file format of STA data. It has been found also useful for the future expansions of 
STA. These methods have been allowed the user to plot the functions through SEM.

Moreover, SEM has been required to save and retrieve the computed design parameters in and 
from  Space  Scenario.  However,  there  were  not  enough  Space  Scenario containers  for  all 
parameters of SEM. Therefore, the Space Scenario has been extended whose details can be found 
in  [STA07]. Moreover, SEM has been designed to generate additional  Space Scenarios for every 
parameter combination of user to not affect the actual one when the design is not saved. This also 
allowed users to add payloads to Space Scenario by just using SEM user interface.

At Last,  SEM has been aimed to provide functions which describe the variation of  power and 
thermal subsystems in time. In this manner, the Eclipse Details class whose details are described in 
following section. 
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Figure 3.16:Temperature Variation in orbit



3.4.1Eclipse Details Class

In STA,  there have been no methods that SEM can retrieve Eclipse State of the spacecraft  for 
Power  and  Thermal  Subsystem  functions  that  changes  with  time.  Therefore,  it  has  been seen 
crucial to implement Eclipse Details Class which can give the eclipse state of the spacecraft respect 
to  a  given  star  during  the  mission.  After  investigation  on  the  capabilities  of  STA,  the  existing 
propagated  state  vector  methods  have  been found promising  to  implement  such  method.  By 
considering the probable  need of  other  modules for  such method,  it  has been decided to be 
implemented as a class of Astro-Core.

The  class  has  been designed to  perform eclipse  state  computations  at  the  sensitivity  level  of 
penumbra information.  If  the  list  of  spacecraft  state  vectors during the mission on an inertial 
frame, the properties of orbiting body and the properties of the light source or the star are given, 
the class will provide a function of spacecraft star light availability and the details of Eclipse and 
Daylight durations. The orbiting body and the star have been limited to the database of STA for the 
competence of the class. Moreover, the class has been designed to generate a report that could 
give the durations of Eclipse and Daylight for user and the other modules. However, it has to be 
reminded that this class rounds the sum of Penumbra and Umbra to Eclipse duration to improve 
the computation  time.  The  details  of  this  Penumbra and Umbra calculations  can be  found in 
[UPC00].

 3.5  Graphical User Interface

SEM has been required to implement a user friendly interface. In this manner, the Graphical User 
Interface (GUI) of SEM has been implemented and divided into two main sections which are called 
SemMainWindow and SemWizard. This partitioning has been made to demonstrate some activities 
of the CDF studies.

The user interface of SEM has been placed under Calculate section of the STA Main Window. The 
first interface of SEM pops up with the activation of the module. This interface has been designed 
to be intelligent to extract the information from the Space Scenario and passing the information to 
the  SemMainWindow and the  SemWizard. It provides all the names of every spacecraft of that 
particular Space Scenario to the user and asks to select the spacecraft to be designed. When the 
user selects one of the spacecrafts then in the second combo box of the window would provide all 
loitering mission arcs of the that particular spacecraft since SEM has been designed to analyze one 
mission arc at a time. After the selection, the user will  be allowed to follow the “New System 
Design” and the “Explore the Existing Design” which will initiate respectively the SemWizard and 
the SemMainWindow.

The  SemWizard is designed to guide users to perform the pre-design of the spacecraft. First, it 
collects the scenario details from the Space Scenario. This models the first design phase in which 
the discussions of CDF Studies are based. However, it has to be noted that, the SemWizard will 
neglect the existing payloads of the Space Scenario since STA has not been implemented to place 
initial values to the all required features of payloads for SEM when they have been added to Space  
Scenario.

Conversely,  the  SemMainWindow  has  been implemented to show the overview of  an existing 
design. However, users are still allowed to perform some design iterations. The user has the ability 
to investigate the details  of  the design in sub-windows by opening specific  GUI's  of Structure, 
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Thermal, Power, Data Handling and Communication Subsystem. This process reflects the iteration 
processes of the CDF studies which are to optimize the spacecraft.

3.5.1 SemWizard 

The SemWizard aims to guide users on how to make preliminary design of a spacecraft with the 
requirements  of  payload  and  system.  During  this  guidance,  SEM aims  to  collect  as  minimum 
amount of information as possible from the user to reduce the complexity for inexperienced users. 
For instance, instead of asking the efficiency and the degradation coefficients of the solar cells for 
the power calculations, it has been design to only request the type of the solar cells.

The SemWizard has been designed to have seven sub design elements where the six out of seven 
reflects the subsystems of spacecraft. In addition, the  SemWizard has implemented an element 
called Mission Definition which was described in the previous chapter. The Mission Definition has 
been placed  under  the  SemWizard  to  distribute  the  complexity  of  the  module  from the  core 
computational layer to auxiliary layers. Moreover,  it  has been observed in the CDF Studies the 
mission definition parameters are computed prior to the study to provide the mission constraints 
required from the other subsystems. The screenshots of SemWizard can be found in the Appendix 
A.

              

Figure 3.17:Architecture of SEM Wizard.

3.5.2 SemMainWindow

The  SemMainWindow has  been  designed  to  be  used  after  the  SemWizard.  This  means  the 
SemWizard  has  to  be  activated  once  for  that  particular  Space  Scenario  before  the 
SemMainWindow. This has been required since the dragged and dropped payload’s parameters do 
not have initial values for the available version of STA. However, if the SemWizard has been used 
and the  Space Scenario has been saved the design the  SemMainWindow can be used since the 
parameters are available. Therefore, there are no protection methods in the current SEM since this 
problem will be gradually mitigated with the future expansion of the STA.
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Figure 3.18:The Architecture of SEM GUI.

Moreover,  the  SemMainWindow also  allows  users  to  investigate  the  details  of  six  subsystems 
provided  by  relevant  GUIs  that  are  defined in  Figure  3.17.  The SemMainWindow has  been 
designed  to  provide  a  general  overview  on  the  spacecraft  design.  Like  the  SEMWizard, 
SemMainWindow also  has  Mission  Definition block  which  provides  necessary  parameters  to 
particular subsystems which are called Thermal, Power, OBDH and TT/C.
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 4 Results and Analysis

The parameters of real missions were not available for use the software validation of this study. 
Therefore, the verification methodology has been based on sensitivity analysis and the FireSat 
example in Larson & Wertz [SMAD0]. The FireSat has been chosen to be the verification example 
since it has been widely used by students in their education. It is an imaginary mission that has 
been used in Larson & Wertz [SMAD0] to describe the spacecraft design process. The mission aims 
to monitor the forest fires primarily in United States of America and preferably in other countries.

For the validation of the SEM, it is aimed to redesign the FireSat with the applicable constraints by 
using the developed software. In this manner, the relevant mission requirements of FireSat and 
some design parameters are taken as inputs of the module as in Table 8. In the context of study, it 
has been assumed that the orbit of the mission has been selected as in Larson & Wertz [SMAD0] 
since the orbit selection process requires the other modules of STA and might diverge for different 
design considerations. 

Table 8:Examples of Mission Requirements of FireSat [SMAD0].

Requirement FireSat Example

Performance 30 m Resolution (the range at minimum elevation angle 20 deg is 1580 km so that 
angular resolution is 1.9x10-5rad)

Duration Mission operational at least 5 years

Payload IR aperture

Relevant Orbit Altitude = 700km
Inclination = 550

In FireSat, an Infra-Red (IR) instrument has been found sufficient to fulfill the mission requirements 
with  operating  wavelength  of  4  mm  and  resolution  of  1.9x10-5 radian.  These  are  the  input 
parameters for the FireSat and SEM computations. Accordingly, the output parameters have been 
calculated, and are shown in Table 9. 

Table 9:Payload design parameters of SEM and FireSat

Payload Output 
Parameter

SEM Estimate FireSat Estimate Difference

Size
0.385263 x 0.256842 

diameter 
0.4 x 0.3 diameter 3.7% x 14.3% 

Weight [kg] 27.1093 28 3.2%

Power Eclipse [W] 30.498 32 4.7%

Power Daylight [W] 30.498 32 4.7%

 Power On Eclipse [%] 100 - -

 Power On Daylight [%] 100 - -

Payload Power On Time in 
Eclipse [s] (average) 

2117.47 
Eclipse Duration 

= 35.3min = 2130 s 
0.6 
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Payload Power On Time in 
Daylight [s] (average) 

3809.82 
Daylight Duration =
63.5min = 3810 s 

< 0.01 

Data Rate [Mbps] 150 150 -

Minimum Operation 
Temperature [Kelvin] 

273 - -

Maximum Operation 
Temperature [Kelvin] 

323 - -

It has to be noted that since the type of payload is not an visual band optical system (i.e. camera), 
the SEM cannot compute the payload data rate. Therefore, the parameter which is given as input 
to the module for further computations is taken directly from FireSat estimate. Moreover, the SEM 
requires the duration of 'power on'  and operating temperatures of the payload which is not given 
in Larson & Wertz [SMAD0]. In this case, the database parameters of operation temperature have 
been kept and the 'power on' duration of the payloads have been set to 100 % for convenience.

Accordingly, the power subsystem design parameters of the SEM have been compared with the 
FireSat estimations with inputs in Table 10 and Table 11. Since the Mission Start and End Time only 
affect the occurring times of Umbra and Penumbra, they have been selected arbitrarily in the SEM. 
The verification of Eclipse Duration calculations has been performed by Satellite Tool Kit (STK) and 
can be found in [STA08]. For the sake of brevity, they are not presented in this paper.

Table 10:Mission and Orbit Definition Parameters inputted to SEM.

Input Parameters Value

Mission Type Remote Sensing

Planet of the Mission (Orbiting Body) Earth

Mission Start Time 29/11/2010 16:42:16

Mission End Time 29/11/2015 16:42:16

SemiMajor Axis 7078 km

Eccentricity 0

Inclination 550

RAAN 00

Argument of Periapsis 00

True Anomaly 00

Table 11:Input parameters of SEM for computation of spacecraft subsystems.

Input Parameters Value

Solar Cell Type Silicon

Battery Type Lithium Ion

TX Antenna Efficiency 55%

TX Antenna Frequency 14.5 GHz
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TX Antenna Power 20 W

RX Antenna Gain 30

RX Antenna Power 20 W

Spacecraft Structure Material Aluminium

Spacecraft Shape Cube

Hot Face Coating White Paint

Cold Face Coating Black Paint

The given power subsystem input parameters lead to the estimations presented in Table 12. The 
solar cell BOL and EOL power estimations of FireSat and SEM have been found similar which is 
anticipated for same type solar cells with same mission duration. On the other hand,  significant 
differences between the other power subsystem parameters estimations have been found, as is 
expected. In the current version of the SEM, the power subsystem has been designed to support 
the payload and the communication subsystem. However, in FireSat the total subsystem power of 
the spacecraft has been approximated as 10/3 times of the payload power. This includes the other 
subsystems power requirements. On the other hand, it has been foreseen that the estimations of 
SEM will  improve with the further extensions. However, it most probably will not be the same 
since the FireSat estimates the parameters as a percentage of the payload power while SEM will 
aim to provide more realistic results from each subsystem internal computations. 

Table 12:Comparison of Power Subsystem Output Parameters.

Output Parameters SEM Estimate FireSat Estimate Difference (%)

Solar Cell BOL Power [W/m2] 142.925 143 0.05

Solar Cell EOL Power [W/m2] 118.038 118.1 0.05

Average Power Consumption 
Eclipse [W]

50.498 110 54.1

Average Power Consumption 
Daylight [W]

50.498 110 54.1

Solar Array BOL Power [W] 150.424 2 x 143 24.9

Solar Array EOL Power [W] 102.588 2 x 118.1 56.6

Solar Array Area [m2] 0.869113 2 56.5

Number of Batteries 1 - -

Nevertheless, these estimations produced by the SEM have been also verified as the following. In 
previous paragraph, it is assumed that if total system power of SEM considers all the subsystems 
rather than only the TT/C subsystem, the estimations will be similar with the FireSat results. To 
verify this hypothesis that the difference between the power system estimations are caused by the 
mismatch of the estimated system power, this difference can be added as an additional payload 
power. By doing so, the SEM will perform the computations with the same power consumption 
profile as FireSat. In this case, the module will  compute the average power consumption as in 
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FireSat. The solar array area computed by the SEM is then 1.89319 m2 which is 5.3% different from 
FireSat estimation. Consequently, the solar array BOL and EOL power will be computed as 270.589 
W with 5.4% and 223.469 W with 5.4 % difference respectively.

Since the structure subsystem parameters of FireSat have been computed with respect to the 
described power subsystem above, the payload power consumption profile has been kept as it 
computes the solar array area as 1.89319 m2. Accordingly, the structure subsystem parameters are 
estimated by SEM as in Table 13.  For  FireSat the mass of  subsystem and spacecraft  has been 
calculated from the table of  Mass Distribution for Selected Remote Sensing Spacecrafts  by using 
25% of system margin that has been presented in Larson & Wertz [SMAD0]. The other Structure 
subsystem parameters of FireSat are approximated with the methodology presented in section 
10.5 of Larson & Wertz [SMAD0] called Integrating the Spacecraft Design. Accordingly, Table 13 is 
generated.

Table 13:Comparison of Structure Subsystem Output Parameters of SEM with FireSat.

Output Parameters SEM Estimate FireSat Estimate Difference (%)

Spacecraft Mass [kg] 77.5465 84.375±9.75 in range

Total Payload Mass [kg] 27.1093 28 3.2

Structure Subsystem [kg] 12.81060 15.3 ± 2.3 1.5% of minimum

Thermal Subsystem [kg] 1.64536 1.7 ± 0.9 in range

Power Subsystem [kg] 19.52910 19.7 ± 3.5 in range

TT/C Subsystem [kg] 2.66392 2.8 ± 1.1 in range

OBDH Subsystem [kg] 0.00164842 - -

Spacecraft Dimensions 
[m]

0.374013x0.374013x0.374
013

1.1x1.1x1.1 47.8

Spacecraft Volume [m3] 0.170044 0.84 79

Moment of Inertia [kgm2] 4.25858x4.25858x4.25858 15.6 72.6

Second Moment of Area 
[m4]

0.00904744x0.00904744x
0.00904744

- -

Spacecraft Lateral 
Frequency [Hz]

3626.89 - -

Spacecraft Axial 
Frequency [Hz]

5608.89 - -

The subsystems and the spacecraft mass estimations of the SEM have been found in the predicted 
range of FireSat. However, the other structure subsystem parameters have been found significantly 
diverged. This difference in results has been anticipated since for the FireSat example, the values 
are approximated from their basic relation to total mass of spacecraft given in Table 14.

Since the approximation is relatively simple, the results are not expected to be similar to those of 
the SEM. On the other hand,  it  has to be noted that  SEM performs its  volume computations 
considering  only  the  volumes  of  Power,  TT/C,  Payload  and  partially  Structure  subsystems. 
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Therefore, an increase of the volume of the spacecraft and relevant parameters are foreseen with 
the implementation of AOCS and Propulsion subsystem within the SEM. 

Table 14:Rules for estimating Volume, Dimension, Area and Moment of Inertia. (M = Spacecraft 
loaded mass) [SMAD0].

Characteristic Estimate Range

Volume (m3) V = 0.001M 0.005 to 0.05

Linear Dimension (m) L = 0.25 M1/3 0.15 to 0.30

Body Area (m2) Ab = L2 -

Moment Of Inertia (kg m2) I = 0.01 M5/3 -

Subsequently, the thermal subsystem computations of the SEM has been conducted and compared 
with  manual  computations  as in  Table  15.  Since  FireSat  does  not  provide  the  values  of  such 
parameters, the computations are performed manually as in Section 3.3.7. For clarity reasons only 
the results are presented here. Since the equations are same, the results have been found the 
same as it is expected.

Table 15:Comparison of Thermal Subsystem output parameters of SEM with computations.

Output Parameter SEM Estimate Computed Difference (%)

Suggested Heater [W] 336.894 336.895

Suggested Radiator [W] 0 0 0

Spacecraft Minimum Equilibrium Temperature [K] 205.921 205.921 0

Spacecraft Maximum Equilibrium Temperature [K] 261.377 261.377 0

Spacecraft Minimum Equilibrium Temperature  with 
heater or radiator [K]

273 273 -

Spacecraft Maximum Equilibrium Temperature  with 
heater or radiator [K]

302.955 302.9545 -

Payload Temperature Warning NO NO -

Finally,  the  TT/C  and  OBDH  subsystem  computations  of  the  SEM  have  been  conducted  and 
compared with manual computations as in Table 16. Since FireSat does not provide the values of 
such parameters, the computations are performed manually as in Section 3.3.3 and Section 3.3.4. 
For clarity reasons only the results are presented here. Since the equations are the same, the 
results have been found similar, as is expected. The differences are caused by the differences in 
Eclipse  and  Daylight  duration  calculation  of  the  SEM  and  FireSat  since  the  TT/C  and  OBDH 
parameters are proportional to these durations.

Although,  it  is  not  given  for  FireSat  case,  the  launcher  selection  window  of  the  SEM  is  also 
activated  and performed  its  comparison  algorithms.  It  has  been found  out  that  the  designed 
spacecraft can be launched by the all launchers in SEM's database which are Atlas II, Atlas II AS, 
Delta  II  6920/25,  Delta  II  7920/25,  Vega and Ariane 5.  Their  cargo bay dimensions,  maximum 
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launch payload mass and natural frequencies found in the range. However, it has to be noted that 
the launcher parameters are dependent on each other and the launcher assumed to be launched 
with full load. This means the left mass and volumes are occupied by other spacecrafts until the 
limits.

Table 16:Comparison of TT/C and OBDH Subsystem output parameters of SEM with 
computations.

Output Parameter SEM Estimate Computed Difference (%)

Total Payload Data Rate [Mbps] 150 150 0

Memory Size for Payload Data [GB] 314.157 314.719 0.2

Total TX Power [W] 20 20 -

Total Link Duration per Orbit [s] 652.002 653.4 0.2

Antenna Diameter [m] 0.0486051 0.049 0.8

Required Downlink Data Rate [Mbps] 3948 3945 0.06
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 5 Conclusions 

The conducted study is  completed with the implementation of  an  educational  tool  called the 
Systems Engineering Module (SEM). The module is built within the open source Space Trajectory 
Analysis (STA) tool as it was initially required.

The second objective of the module was achieved by implementing an open source tool under the 
term  of  European  Union  Public  License.  In  addition,  the  development  process  has  been 
documented as it is stated in the ECSS. In the documents, the limitations and assumptions has 
been  clearly  indicated  to  enable  the  future  expansions  of  the  module  by  other  individuals. 
Moreover, the interfaces between the other modules are documented for further developments of 
STA.

The designed software supports the different phases of the spacecraft, as required. In this manner, 
the SEM implemented a graphical  user interface, which is divided into two sections which are 
named as  SemWizard and SemMainWindow. The SemWizard allows the user to  construct the 
initial  design  and  guide  unfamiliar  users  on  how  to  design  spacecrafts  step  by  step. 
SemMainWindow allows user to iterate the design process where they can change the parameters 
and observe the effects of it on the other subsystems. 

The  SEM  has  been  designed  to  have  six  different  subsystems  where  their  interfaces  are 
implemented.   These  subsystems are  power,  OBDH,  structure,  TT/C,  thermal  and  the  payload 
subsystems which are selected with respect to the capabilities of the trajectory analysis tool (STA) 
and the time constraint of the study.  The designs have been performed partially automatic to 
enable the users to be involved in spacecraft systems design process. Moreover, the module allows 
students  to  perceive  the  variations  in  the  states  of  spacecrafts,  such  as  the  fluctuation  on 
generated  power  by  solar  arrays,  in  which  users  can  verify  if  their  design  can  sustain  the 
environmental conditions during the mission. Therefore, the generated power by solar arrays, the 
consumed power by spacecraft, the net power which will be used for charging the batteries and 
the absolute temperature variations of the spacecraft are implemented as a function of time. The 
module also included a Launcher Facility method where users can see the possible launchers of 
given Earth orbiting satellites. 

The module has been verified by an imaginary mission described in Larson & Wertz [SMAD0]. The 
verification and validation analysis of the module has been found sufficient. 

As a result, although the tool is at its first design and implementation level, it can provide the basic 
interfaces between the subsystems and allows the user to investigate the changes in subsystems 
during the mission with the existing configuration. 
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 6 Future Work

The developed tool is the first version of the described software approach to systems engineering. 
It is designed to give basic interface connections between spacecraft subsystems. However, the 
following suggestion can extend the capabilities of the tool in future.

After  incorporation  of  spacecraft  attitude  propagation,  determination  and control  in  STA,  it  is 
recommended to include attitude and orbit  control,  and propulsion subsystem for  the  further 
development of the module. The software has been developed as a collection of simple mockups, 
therefore the existing mockups also have to be extended. 

The power subsystem considers the usage of battery only during the eclipse conditions. The tool 
does  not  have any capability  to  take into account  the power  that  could  be harnessed during 
daylight time from it. 

The structural subsystem can only compute the parameters for three geometrical shapes. Although 
they  can  enclose  most  of  the  spacecrafts  that  were  launched,  the  number  of  shapes  can  be 
increased. In addition to this, the software can provide some options for the shape of the primary 
and the secondary structures of the spacecraft and can include them in to its calculations.

During the study the parameters of a launched spacecraft was not available for validation and 
verification of the work. Therefore it has been found essential to perform such test case for the 
future development to increase the reliability of the module.

In general, the module is capable of doing systems engineering analysis of a mission with basic 
concepts. However, with further improvements, the SEM's abilities in  spacecraft design analysis 
can be improved.
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APPENDIX A - Screenshots of SEM

 1. SEM Wizard

Figure 6.1:Mission Definition Window of SEM Wizard (1st Page).

Figure 6.2:Orbit Definition Window of SEM Wizard (2nd Page).
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Figure 6.3:Payload Selection Window of SEM Wizard (3rd Page).

Figure 6.4:Payload Details Window of SEM Wizard (4th Page).
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Figure 6.5:Power Subsystem Window of SEM Wizard (5th Page).

Figure 6.6:Structure Details Window of SEM Wizard (6th Page).
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Figure 6.7:Thermal Details Window of SEM Wizard (Page 7 ).

Figure 6.8:TT/C Details Subsystem Window of SEM Wizard (Page 8).
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Figure 6.9:On Board Data Handling Details Window of SEM Wizard (Page 9).

 2. SEM Main Window

Figure 6.10:Preliminary Design Window of SEM Main GUI.
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 2.1. SEM Subsystems GUIs

Figure 6.12:Structure Details Window of SEM Main GUI.
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Figure 6.11:Data & Communication Window of SEM Main GUI.



Figure 6.13:Power Details Window of SEM Main GUI.

 

Figure 6.14:Thermal Details Window of SEM Main GUI.
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