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A. Abstract 

Several science missions have been undertaken to our neighbor planet Mars. They realize different 

mission concepts from aeronomy orbiters to planetary landers and rovers. So far there has been no 

dual satellite mission with a microsatellite because of technical limitations. This study will fill that gap 

by demonstrating the feasibility of a 20 kg microsatellite for dual Martian missions allowing new and 

never before possible scientific observations. Hereby the microsatellite does not weigh more than a 

variety of scientific instruments on interplanetary spacecrafts. 

The study provides a mission profile including the selection of a suitable orbit based on scientific and 

communication analyses and an operation concept throughout mission lifetime. In this context an 

important trade-off is performed between communication demands and scientific objectives each 

requiring contradictory orbit properties. Recent transceiver developments for Martian relay orbiters 

and rovers made this trade-off possible. 

However, the main focus of this study is on the attitude determination and control system (ADCS). 

The stringent mass budget and the lack of an intrinsic magnetic field on Mars make the design of this 

subsystem particularly challenging because microsatellites on earth missions usually implement a 

magnetic control to comply with the mass limitations. Therefore different principles and new 

technology developments are researched, analyzed and evaluated. Finally a baseline attitude 

determination and control system is derived from worst case analyses. The attitude determination 

system is based on a 2-axis sun sensor, 3-axis rate sensor – both engineered with MEMS (Micro-

Electro-Mechanical System) technology – and a miniaturized horizon crossing indicator providing 

attitude accuracies < 1.5°. Whereas the attitude control will be performed via a MEMS-engineered 

cold gas micropropulsion system - dry mass 2 kg – enabling theoretical maneuver accuracies in the 

order of 10-3 degrees. 

Moreover a general system design sufficient enough to provide a realistic three dimensional model of 

the microsatellite in terms of mass and geometry is developed. Such a model enables realistic and 

convincing analysis of the ADCS. In this sense all subsystems were dimensioned based on available 

hardware or new technology developments on-going to determine power, mass and volume 

characteristics. The final satellite design shows to be suitable for a variety of Mars missions even 

extending the current profile in terms of mission lifetimes longer than one Martian year or possible 

formation flight demonstrations at Mars in preparation for human spaceflight. 

The in this study characterized spacecraft configuration and dynamics model for attitude simulations 

provide a solid basis for further analysis and next phase studies for Martian microsatellites. 
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1. Introduction 

The scientific background and the context of the work have to be understood for a coherent mission 

profile and system design. By this means the scientific background as well as the relations and 

circumstances in which this study has been conducted are pointed out in the following paragraphs to 

elucidate the motivation for a scientific Martian microsatellite study. 

SCIENTIFIC BACKGROUND 

The Martian atmosphere of today is very thin, dry and unprotected because Mars has a lack of 

intrinsic magnetic field. Thus Mars is subjected to the solar wind which directly interacts with the 

upper atmosphere, ionosphere resulting in energy and momentum deposition and thus planetary ion 

escape. Every day the solar wind carries away a ton of mass like illustrated in Figure 1 (Barabash 

2007). On earth the magnetic field protects us from that comet-like atmospheric erosion Mars 

currently undergoes.  

 

FIGURE 1: MARS ATMOSPHERE  (LUNDIN UND BARABASH 2004) 

However, there exist evidence and prove that Mars once was hotter and wetter. Therefore the 

question is how has the atmosphere evolved from those conditions with liquid water on the surface 

to the dry and cold Martian climate of today. “An integrated view of Martian matter and energy 

cycles, from the interior, through the surface and the atmosphere up to the solar wind interaction 

regions and beyond, is the essential next step toward deciphering the planet’s evolution and past 

climate”. (Leblanc 2007)  

An autonomously flying microsatellite with a distinct scientific payload can be regarded as a free-

flying, detached instrument – for undisturbed solar wind measurements – of the actual parent 

satellite, with which it rides “piggy-back” to Mars. That enables simultaneous atmospheric and in-situ 

plasma measurements and undisturbed solar wind monitoring outside the induced magnetosphere 

boundary (IMB) – stopping boundary for solar wind – and the bow shock – supersonic shock wave on 

Mars’ sunward side – illustrated in Figure 2. These unique measurements have never been 
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undertaken and can only be made in such a constellation. They significantly contribute to the above 

mentioned scientific question about Mars’ atmospheric evolution. 

 

FIGURE 2: INDUCED MAGNETOSPHERE BOUNDARY AND BOW SHOCK  (LUNDIN UND BARABASH 2004) 

Besides the solar wind also the radiation environment will be monitored with such a microsatellite 

also addressing the matter of space weather effects on the near-Mars environment. Moreover those 

kind of measurements are the key to evaluate the risk of human spaceflight missions to Mars 

because so far the radiation environment is only poorly studied. Only the Mars Odyssey mission had 

a radiation monitoring instrument MARIE on-board and currently no other instruments are intended 

to fly on upcoming missions, except on Mars Science Laboratory which will include such kind of 

instrument on the planetary lander, but for surface observations only. 

CONTEXT 

This study is undertaken within the master thesis framework of the Lulea University of Technology 

and the University of Würzburg within the SpaceMaster program. It is supported by the Swedish 

Institute of Space Physics (IRF) as initiator in collaboration with the Swedish Space Corporation (SSC) 

as industrial partner experienced in satellite system design, implementation and test. The study was 

conducted at SSC’s space systems division in Solna, Sweden, which has a long and successful history 

in building scientific micro- and small-satellites like Astrid-1, Astrid-2, Odin, SMART-1 and now the 

technology demonstration mission PRISMA. All satellites have been mainly engineered and 

integrated in the laboratories at SSC’s site in Solna and operated from their groundstation in Kiruna, 

Sweden. This Martian microsatellite study is built on that experience. 

The study is intended for a general Martian microsatellite, but to set a first framework for the 

mission profile and system design the Mars Environment and Magnetic Orbiter (MEMO) mission – 

summarized in the next paragraph – serves as baseline. Within the MEMO mission (Leblanc 2007), a 

proposal for ESA’s Cosmic Vision Program (ESA 2007), the microsatellite is proposed under the name 
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Mjolnir1 based on the mission analysis and system design of this study. The general name of the 

microsatellite is MEMOS Mars Environment MOnitoring Satellite, which will be used throughout this 

study. The carrying spacecraft or parent satellite will be referred to as PARENT. 

MEMO MISSION PROFILE 

MEMO will be launched by a Soyuz Fregat 2-1b from Kourou on the 15 January 2016, with an arrival 

at Mars on 18 October 2016. The cruise from Earth to Mars will last about 10 earth months. The 

microsatellite will be carried “piggy-back” and can be released in any orbit during the MEMO orbit 

insertion scenario. Once MEMOS reaches its final orbit – with the parameter in Table 1 – the mission 

lifetime of one Martian year begins. (Leblanc 2007) 

TABLE 1: MEMO ORBIT PARAMETER 

MEMO ORBIT PARAMETER 

Apocenter altitude  1000 km 

Pericenter altitude  130 km 

Inclination  77 deg 

 

MARS CONSTANTS 

Many system design tools and their formulas are specified and simplified for the earth environment. 

For that reason throughout this study general formulas are used which require the input of the 

Martian physical constants in Table 2. The constants are taken from (NASA Goddard Space Flight 

Center 2006). 

TABLE 2: MARS CONSTANTS USED IN THIS STUDY 

MARS CONSTANTS 

Equatorial radius   3397 km 

Gravitational constant x  body mass  0.04283 x 106 km3/s2 

The ratio of the difference in Mars’ moments of inertia  1960.45 x 10-6  

Sidereal orbit period  686.98 days 

Aphelion  249.23 x 106 km 

Perihelion  206.62 x 106 km 

Orbit inclination  1.850 deg 

Minimum distance from earth  55.7 x 106 km 

Maximum distance from earth  401.3 x 106 km 

                                                 

 
1
 Definition Wikipedia: “In Norse mythology, Mjolnir (also spelled Mjölnir, Mjöllnir, Mjollner, Mjølnir, 

Mjølner, or Mjölner) is the hammer of Thor, the god of thunder, lightning, wind, and rain.” 
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2. Problem Statement 

This study’s aim is to show the technical feasibility of a microsatellite for Martian missions. The 

microsatellite shall have the capability of fulfilling the required scientific objectives defined by IRF 

with a total microsatellite mass < 20 kg and a total mass remaining on the parent satellite < 5 kg.  

Already at the beginning of the study key factors are defined, which concern communication, 

attitude determination and control of the microsatellite. Communication will be a design driver since 

20 kg do not allow a heavy transceiver and antenna system which is usually required for 

interplanetary missions. Attitude determination and control of microsatellites on earth missions is in 

almost all cases performed with help of the magnetic field because magnetometers and torquers are 

light weight and simple to implement. For Mars such a system is not possible due to the lack of an 

intrinsic magnetic field. These circumstances require an intensive research of different attitude 

determination and control principles to comply with the mass requirements. 

For the mentioned reasons the main focus of this work is primarily directed at the ADCS. The other 

subsystems and especially the communication system are analyzed sufficient to demonstrate their 

feasibility and provide the necessary input parameters for a detailed ADCS analysis. However, a 

convincing ADCS analysis requires a system design advanced enough to provide realistic mass and 

geometry values as well as a mission profile defining and analyzing operation and orbit properties.  

 

FIGURE 3: SYSTEM DEPENDENCIES (CDF 2007) 

Considering the system design process the main challenge is managing the system dependencies – 

depicted in Figure 3 – to get a focus on the crucial matters and subsystems. The right assumptions 

are necessary to reduce the complexity without loss of credibility. Since the only specifications 

known are the mass budget and the baseline mission MEMO (Leblanc 2007) several system variables 

are undetermined. Consequently a prior requirement definition process is necessary to set a 

framework for mission analysis and system design.  
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3. Methodology 

There are several methods and approaches for spacecraft mission analysis and system design. For 

this study a recursive model in Figure 4 is developed and followed to control the broadness and 

thereby introduced complexity of the work. This is a classical design process suggested by (J. Wertz 

1999). The subsystem design itself is performed with the philosophy of ESA’s concurrent design 

approach (CDF 2007), which in short means that the different subsystem design processes are linked 

to each other and thus constantly interchange system parameters. In this way the system evolves 

rather dynamically and constant than with great step-wise changes. In this study it is partially 

implemented in form of linked software tools which constantly update each other autonomously and 

manually, where not possible. The different software tools are referred to in the paragraphs.  

The ADCS analysis is performed by considering the worst case disturbance torques and attitude 

maneuver MEMOS is subjected to. Hereby SSC’s experience on ADCS serves as valuable input and 

guideline. 

The structure of the work adheres to classical thesis structures: introduction, general problem 

statement, methodology, main (problem → theory → analysis → solution → evaluation), 

conclusions and outlook.  
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4. Mission Profile 

4.1. Objectives 

MEMOS is a microsatellite designed for scientific Martian missions. Thus it shall primarily fulfill the 

main objectives listed in Table 3. They are defined in collaboration with IRF and categorized in 

primary and optional. 

TABLE 3: SCIENTIFIC OBJECTIVES 

SCIENTIFIC 

PRIMARY 

1) Monitoring of solar wind parameters: velocity, density, proton temperature 

2) Monitoring of EUV / UV flux (HeII 30.4 nm and HII 121.6 nm). 

3) Simultaneous multipoint measurements in satellite constellation MEMOS – 

PARENT to understand the response of the induced magnetosphere and upper 

atmosphere to the solar wind conditions. 

4) Monitoring of radiation environment in preparation of human spaceflight and to 

study space weather effects on the near-Mars environment. 

OPTIONAL 

5) Satellite to satellite radio occultation measurements providing electron and 

atmosphere temperature profiles that are not accessible by conventional 

configurations (e.g. night side ionosphere). 

 

However, since a microsatellite mission to Mars has never been undertaken new technology 

developments have to come into action to achieve the scientific objectives. Accordingly also 

technology objectives are formulated in Table 4. ESA’s call for ideas for the NEXT exploration mission 

within the Aurora Exploration Program (ESA 2007) provided the baseline in their definition process.  

TABLE 4: TECHNOLOGICAL OBJECTIVES 

TECHNOLOGICAL 

PRIMARY 

1) Non-magnetic ADCS on microsatellites 

2) Payload and subsystem miniaturization 

3) Autonomous navigation and ranging 

4) Condition monitoring for aero-braking of PARENT 

5) Martian network compatibility 

OPTIONAL 6) Formation flight demonstration 

 

4.2. Concept 

MEMOS is intended for dual satellite missions to Mars taking the role of the sub-satellite. Thereby it 

follows the design philosophy of a detached and autonomously flying instrument for achieving the 
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mission objectives mentioned. It will be launched and ride piggy-back on PARENT until released into 

its final orbit on Mars. After insertion MEMOS will neither perform any orbit changes nor orbit 

control to preserve simplicity in the design and thus minimize the mass budget. Furthermore it will 

communicate with earth via data relay through PARENT to relax antenna pointing requirements and 

save mass on antenna and transceiver (item 6.3.2). 

Once in orbit MEMOS will operate with a high degree of autonomy to minimize operation costs and 

dependence on the PARENT satellite. That concerns especially the attitude determination system 

(ADCS) and the telemetry, tracking and command (TT&C) subsystem which will be discussed in the 

related paragraphs in item 7 and 6.2. Thereby MEMOS shall only depend on PARENT in terms of 

communication and ranging for orbit determination.  

4.3. Operation  

4.3.1. Requirements 

The requirements for operation in Table 5 are derived from the mission concept and objectives. Thus 

the framework for each operation phase during mission lifetime is set. The requirements are agreed 

on with IRF, the system engineering at SSC and the MEMO proposal consortium. 

TABLE 5: OPERATION REQUIREMENTS 

PHASE REQUIREMENTS 

GENERIC 1) Communication via data relay through PARENT and other Mars orbiters 

 LAUNCH AND 
CRUISING 

2) No science operation required 

3) Full system access for health check and survival heaters 

ORBIT 
INSERTION  

4) Release from PARENT at orbit where required scientific and telemetry data 

transfer per orbit is guaranteed 

5) Autonomous detumbling and deploying of MAG-booms after insertion 

6) Observation of separation via camera from PARENT 

7) Apocenter of orbit must not drift in opposition to sun (eclipse) 

SCIENTIFIC 
OPERATION 

8) Undisturbed solar wind conditions -> min. 50% of time outside Bow Shock 

and min. 80% outside Induced Magnetosphere Boundary (IMB) 

9) Buffering of data for differences in average bit rate per orbit and distribution 

of communication windows 

9) Autonomous spin-axis slewing for reorientation towards sun 

10) Autonomous detection of communication windows 

 ECLIPSE 
PERIODS 

11) Possibility of science operation TBD (e.g. in shorter eclipse periods) 

12) No communication for power savings 

END-OF-LIFE 13) Orbital stability ensuring 50 years time before MEMOS impacts on Mars 
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4.3.2. Concept 

The operation concept defines the level of autonomy required for MEMOS and the tasks to be 

performed by the PARENT s/c and the groundstation network on earth. The high-level operation 

concept with its task distribution is depicted in Figure 5. The tasks are derived from the payload 

characteristics, mission concept and operation requirements. 

 

FIGURE 5: OPERATION CONCEPT 

4.4. Orbit Selection 

4.4.1. Dependencies 

The orbit selection is a trade-off to be made among four system variables influencing each other with 

the parameters depicted in Figure 6. The orbits of the spacecrafts determine the data volume which 

can be transmitted depending on the communication package (COP). That introduces multiple 

dependencies among the three variables driven by the telemetry of the scientific instruments. On the 

other hand there are the solar wind conditions which determine the science measurements 

performable. The monitoring of the solar wind requires undisturbed solar wind conditions and thus 

high altitudes outside the induced magnetosphere boundary (IMB) and preferable also outside the 

Bow Shock. Whereas in terms of communication lower altitudes are preferable because they result in 

shorter slant ranges between the satellites since the orbit of the PARENT is a low Mars orbit (item 1). 

 

FIGURE 6: ORBIT SELECTION PARAMETER 
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4.4.2. Analysis 

The constellation in Figure 6 suggests pre-determining suitable variables and starting an iterative 

process in optimizing solar wind conditions and data volume per orbit. The COP is the most eligible 

variable to be initially determined because it depends on the availability of suitable communication 

systems. The selection of the COP is discussed in item 6.3.2.   

In the next step a preliminary orbit is selected which guarantees the transmission of the required 

data volume per orbit with a comfortable margin (see item 6.2). With the predefined orbit 

parameters the time per orbit spent outside the IMB and Bow Shock is analyzed to see if the 

percentage of orbital period with undisturbed solar wind conditions is within the requirements. 

Therefore the intersection points of the IMB and Bow Shock with the trajectory of the orbit are 

determined in the Mars Solar Ecliptic (MSE) coordinate system (see item 7.1.). 

INDUCED MAGNETIC BOUNDARY 

 According to (Vignes 2000) the shape of the IMB is described by: 

 (4-1) 

and 

 (4-2) 

where ys and zs are coordinates in the MSE frame limited by   and expressed in Mars radii 

. The variable   completes the set of coordinates defining the IMB. Furthermore 

the values ,  and  are curve fitting constants describing the 

boundary in mean solar conditions.  

BOW SHOCK 

The bow shock shape is a curve fitting of the Mars Global Surveyor and Phobos-2 observation data 

described in (Vignes 2000):  

 (4-3) 

where the polar coordinates  are measured with respect to the focus point at  and the 

curve fitting constants are: , semi-latus rectum , eccentricity  

and . Since the bow shock as well as the IMB is cylindrical symmetric about the xs-axis 

the shape coordinates are transformed into a spherical coordinate system , with 

 for a three dimensional analysis. 
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ORBIT 

The MEMOS orbit trajectory is plotted with a sun-oriented orbit normal and a true anomaly of 270° 

in the MSE coordinate system (item 7.1). For solar wind monitoring that constellation represents the 

mean conditions. For the final iteration the orbit was plotted with the parameters in Table 6. 

 

FIGURE 7: THREE DIMENSIONAL PLOT OF ORBIT, IMB AND BOW SHOCK 

MatLab served as tool for the math operations, plotting and determination of the orbit trajectory 

intersections with the IMB and Bow Shock depicted in Figure 7. The M-files are included in ANNEX-3. 

4.4.3. Evaluation and Selection 

After several iterations of the link design and the ensuing solar wind analysis a good trade-off 

between the time spent outside the IMB/Bow Shock and the data volume margin is found with the 

orbit parameters in Table 6.  

TABLE 6: KEPLERIAN ORBIT PARAMETER 

KEPLERIAN ORBIT PARAMETER 

Apocenter altitude  10000 km 

Pericenter altitude  300 km 

Orbital period  24003 s 

Semi-major axis  8550 km 

Eccentricity  0.5673  

Inclination  77 deg 

 

COMMUNICATION LINK CHARACTERISTICS 

The design of the communication subsystem in 6.3.1 results in the link characteristics in Figure 8. In 

the plot the inter-satellite range between the two satellites with indicated communication gaps due 

to Mars occultation and the carrier acquisition threshold at 10000 km are indicated. Only during the 
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blue indicated altitudes below the carrier acquisition threshold communication is possible. 

 

FIGURE 8: COMMUNICATION LINK CHARACTERISTICS 

In this context Figure 8 illustrates the influence of the orbit selection on the transmission of the 

requested science data. An orbit with higher altitudes results in better solar wind conditions, but the 

threshold stays constant at 10000 km which consequently leads to less communication time. 

SOLAR WIND CONDITIONS 

The solar wind conditions for the proposed orbit constellation are illustrated in Figure 9 based on the 

analysis in 4.4.2. The Bow Shock crossing at 6700 km and the IMB crossing at 1400 km are 

determined from the orbit intersection points in Figure 7.  

 

FIGURE 9: SOLAR WIND CONDITIONS 

That means MEMOS spends 60% of the orbital period outside the Bow Shock and 90% outside the 

IMB. In this way the stated requirements are satisfied. One should be aware that these conditions 

will very likely improve once a detailed communication link analysis can be performed since the 

current analysis regards great margins and worst case assumptions.  

4.5. Orbit Analysis 

The orbit analysis is preformed to acquire the input parameters for the MEMOS system design. 

Therefore the approach in (J. Wertz 1999) is followed and adapted for the MEMOS requirements. 

Developed automated excel sheets and MatLab® scripts served for the analysis and linking of the 

different parameters creating an efficient tool for the system design. 

60%

90%
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4.5.1. Environmental Disturbance Torques 

The disturbance torques are estimated in a worst case analyses providing first values for the system 

design. They are categorized in constant and cyclic torques acting upon the spinning MEMOS s/c. For 

first analysis the torques are estimated with reference to (J. Wertz 1999). The resulting values from 

Eq. 4-4 and 4-5 are computed with parameters from the final MEMOS system design iteration and 

thus are related to the actual s/c configuration in item 9.  

It should be notice that the magnetic field disturbance torque is not applicable due to the lack of an 

intrinsic magnetic field at Mars. 

CONSTANT TORQUE: AERODYNAMIC DRAG 

Aerodynamic drag is the only source for a nearly constant environmental disturbance torque since 

the drag force stays inertial fixed with respect to the spin-axis of MEMOS neglecting the slowly 

changing natural evolution of the orbit. 

The worst case aerodynamic drag torque expected is: 

 (4-4) 

where the center of mass   to center of aerodynamic pressure  offset is  estimated from 

the s/c configuration in Figure 43 and the drag force is: 

 (4-5) 

with  (usual assumption), ,  and  based on 

the Mars density model in ANNEX-4. 

CYCLIC TORQUE: GRAVITY GRADIENT 

The solar radiation and gravity gradient are cyclic environmental disturbance torques. The torques 

are cyclic because the force vector responsible for the torque rotates with respect to the inertial 

stable MEMOS. For this study the cyclic disturbances torques with short periods are neglected 

because it is assumed that they equal out. That means that the solar radiation pressure is neglected 

and the gravity gradient is only considered in terms of larger periods, where the torque is acting 

perpendicular upon the spin-axis. 

The worst case gravity gradient disturbance torque expected is:  

 (4-6) 

where the spin-axis moment of inertia , the transverse moment of inertia 

 and the maximum deviation of the spin-axis from the nadir vector . 
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4.5.2. Pointing-Error Sources 

One of the main requirements of MEMOS is to keep its spin-axis sun-oriented. Spin-axis precession 

caused by disturbance torques and the sun angle drift result in pointing errors and require slew 

maneuvers to reorient the s/c.  

SUN ANGLE DRIFT 

The motion of Mars in the ecliptic causes a sun-angle drift since MEMOS stays inertial fixed with 

respect to Mars. Thus the spin-axis drift per orbital revolution is: 

 (4-7) 

where   represent the mission lifetime of one Martian year. 

SPIN-AXIS PRECESSION 

Disturbance torques force MEMOS into a nutation motion and cause precession of the spin-axis. 

Once again it can be distinguished between the effect of cyclic and constant torques. Constant 

disturbance torques result in a constant precession of the spin-axis whereas cyclic disturbance 

torques result in a coning motion of the spin-axis about the desired pointing direction like discussed 

in item 7.2. Since the spin momentum  is dimensioned to resist cyclic disturbances only 

aerodynamic drag as constant torque is regarded for causing spin-axis precession:  

 (4-8) 

where  is assumed to be effective only in 15% of the orbital period .  

4.5.3. Nutation 

The nutation properties of MEMOS due to environmental disturbance torques are predicted as input 

for the system design. The nutation frequency observed in the SCB frame depends on the actual 

moments of inertia (item 10) and can be calculated with Eq. 7-4 giving . 

The worst case nutation angle, described in item 7.2, caused by environmental disturbances is 

determined by the greatest inertial disturbance torque, which is for short time periods the gravity 

gradient. Therefore a momentum build-up over half the spin period is considered which results in 

 based on Eq. 7-5. 

The results show that nutation excited by environmental disturbance torques can be neglected 

because the requirements for attitude knowledge are at degree-level. However one has to consider 

them for a detailed attitude determination and control analysis later on. 
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4.6. Release Scenario 

The release from the PARENT s/c depends on the PARENT orbit insertion scenario at Mars and on the 

actuator setup of the attitude control system design.  

RELEASE METHOD 

Several release methods are considered, but according to the ACS design in 7.4 only three are eligible 

because the available actuators should be used for the release and spin-up to keep the s/c mass as 

little as possible: 

a) Momentum wheel spin-up: after separation via a linear release mechanism the satellite is 

spun-up with wheels. In this case the satellite has no gyroscopic stiffness because it is a 

zero momentum system and the satellite has to be three-axis controlled. 

b) Momentum wheel slow-down: the spin momentum built-up in MEMOS occurs while both 

spacecrafts are still attached. During the spin-up the PARENT compensates the 

momentum induced from the spin-up. In this way after separation via a linear release 

mechanism the slow-down of the wheel/-s spins up the satellite and provides gyroscopic 

stiffness. 

c) Microthruster spin-up: after separation via a linear release mechanism MEMOS is spun-

up with microthrusters. Thus gyroscopic stiffness is provided. 

The release method c) is chosen because microthrusters are favorable in the ACS design.  

ORBIT INSERTION SCENARIOS 

Within the mission profile of the MEMO proposal a baseline orbit insertion scenario of PARENT is 

defined in Figure 10 by the French Space Agency CNES regarding the MEMOS orbit selection in 4.4. 

 

FIGURE 10: ORBIT INSERTION SCENARIO (LEBLANC 2007) 
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RELEASE SCENARIO 

MEMOS is placed into its final orbit at Mars with the selected release method during the orbit 

insertion scenario of the PARENT s/c in Figure 10. It is released in the pericenter at 300 km via the 

flight-proven separation mechanism in item 6.6. After separation MEMOS autonomously detumbles 

and acquires coarse sun-pointing attitude for system power-up and stays in an orbit of 300 x 10000 

km altitude. In the next step it is spun-up to  with microthrusters and afterwards the 

magnetometer booms are deployed. Finally MEMOS autonomously compensates for the momentum 

loss due to the boom deployment. During mission operation MEMOS does not perform any orbit 

change nor control maneuvers. Hence it is subjected to the natural orbital evolution regarding the 

nominal mission profile without possible formation flight demonstrations. 
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5. Spacecraft Design Requirements 

The spacecraft requirements are derived from the mission profile and payload specifications 

provided by IRF and stated in (Leblanc 2007). A summary is given in Table 7 which serves as baseline 

framework for the system design of MEMOS. 

TABLE 7: SPACECRAFT DESIGN REQUIREMENTS 

SPACECRAFT DESIGN REQUIREMENTS 

PAYLOAD 

1) Payload mass 1.5 kg (no digital processing unit included) 

2) Temperature range: -30 to + 50 °C 

3) Scientific data bit rate = 600 bps for 2 x (PAN + MAG) 

4) Spin-phase must be known within +/-2.5 deg 

5) Spin-axis pointing must be known within +/-2.5 deg 

6) Pointing accuracy of spin-axis depends on photometer specification (TBD), 

preliminary assumption (10° half cone sun pointing) 

7) Orbit determination accuracy within 10 km for radio occultation 

measurements (TBC) and 50 km for payload 

8) No blocking of particle instrument’s field of view by platform design 

9) No science operation during attitude maneuvers 

10) Outer surface electrical conductive 

11) Magnetic cleanliness (as high as possible, realizable and affordable) 

12) Transceiver capability of performing occultation measurements 

PLATFORM 

13) Total mass 20 + 5 kg (MEMOS + interfaces on PARENT) 

14) Mission lifetime: 1 Martian year (687 days) 

15) TM data bit rate: 100 bps 

16) TC data bit rate:  200 bps 

17) COP compatibility with Mars communication infrastructure 

18) Thermal heating through PARENT during cruising phase 

19) Power- and TM/TC- interface to PARENT during cruising phase 

20) Separation mechanism 

21) Orbit determination via PARENT or earth 

22) Symmetric distribution of mass about spin axis 

23) Spin motion about major axis of inertia (energy dissipation) 
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6. General System Design 

6.1. Design Concept 

An overall system concept and general guidelines for the MEMOS subsystem design are defined to 

comply with the mission profile, to fulfill the spacecraft requirements and to incorporate the 

philosophy of a detached autonomously flying instrument. The high demands on the mass budget of 

20 + 5 kg total, the technological objectives and the timeframe 2015 -2016 of Cosmic Vision (ESA 

2007) suggest the implementation of new technology developments. The major developments 

ongoing and feasible for MEMOS are: 

a) MEMS Technology – Micro-Electro-Mechanical Systems – for attitude sensors, propulsion 

systems and electronic circuit design performed at NanoSpace, SSC and the other space 

industry. 

b) Multi-junction solar cells (e.g. RWE-SSP: triple-junction GaIn/GaInAs/Ge with 29,1% 

efficiency). 

c) Autonomous communication and Mars data-relay network developments on-going at JPL 

and accessible for the international space community. 

d) Navigation and Guidance developments on-going at SSC in conjunction with the PRISMA 

mission. 

The technology developments will be merged with the design heritage and experience of SSC’s 

micro- and small-satellite missions and IRF’s highly miniaturized instruments. Thus a new generation 

of scientific instrument being the symbiosis of autonomous satellite and instrument will be created. 

By this means SSC and IRF have a strong partnership looking back on a successful history of several 

common satellite missions. 

A test of the MEMOS in the earth’s magnetosphere for system design validation is anticipated 

because it would feature similar conditions as on Mars. 

6.2. Payload 

The payload consists of a set of scientific instruments to reach the defined objectives.  A 

characteristic summary of instrument properties is provided in Table 8. More specific information is 

included in (Leblanc 2007). It shall be noticed that the ELT is also partially considered to be payload 

due to the potential radio occultation measurements. 
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TABLE 8: PAYLOAD CHARACTERISTIC SUMMARY 

SCIENTIFIC INSTRUMENTS 

 

ELT: Electra Lite & Ultra Stable Oscillator 

Frequency range 390-405 MHz 

Half Duplex or Full Duplex (factory set) 

Modulation / Demodulation 

BPSK; QPSK; Residual Carrier Coding 

Doppler Observables 2 Way 

 (L3 Communications 2006) 

 

MAG: Magnetometer  

Two fluxgate sensors mounted  on 40 cm booms 

measuring the magnetic field: 0.1 – 2048 nT  

(Leblanc 2007) 

 

PAN: Particle Analyzer  

Monitoring of ions in energy range 10eV – 15keV 

with electrostatic analyzer and TOF unit based on 

MEMS technology. 

(Leblanc 2007) 

REM 

REM: Radiation Environment Monitor  

dE – E telescope to measure flux, energy, and mass 

(H, He, heavy) of energetic ions in the range 1 MeV 

– 100 MeV. 

 (Leblanc 2007) 

 

SUP: Solar UV Photometer  

Absolute flux from full disk measurements in He II 

30.4 nm and H 121.6 nm with SEM (SOHO mission) 

based instrument design. 

(Judge 1994) 
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6.3. Telemetry, Tracking and Command 

6.3.1. Communication Link  

The TT&C subsystem is analyzed in the framework set by the requirements. It is a crucial design 

driver for the orbit selection like mentioned in item 4.4. Guaranteeing the required scientific and 

telemetry data volume per orbit the communication package (COP) is selected to determine one of 

the three variables illustrated in the communication dependencies in Figure 11. The COP’s frequency 

range is defined to be UHF for efficient omnidirectional communication via hemispherical antennas. 

In this way neither MEMOS nor PARENT requires any antenna pointing. With this setup compared to 

other possible frequency bands UHF means the highest received signal power due to the smaller 

free-space path loss which higher frequencies cause (Messerschmid 2005).  

The Electra LiTe (ELT) transponder (L3 Communications 2006) operating in the UHF frequency range 

is chosen as COP for reasons explained in item 6.3.2. With one variable of the system determined the 

other two variables, orbit and data volume per orbit, can be derived driven by the requirements. 

 

FIGURE 11: COMMUNICATION DEPENDENCIES 

TELEMETRY DATA VOLUME 

The orbit constellation of MEMOS and PARENT characterizes the link budget and the data volume per 

orbital period. This is mainly due to the maximum slant range or inter-satellite range  above 

which communication is not possible in terms of the receiver’s carrier acquisition properties. Thus 

the data volume per orbit  is determined by the orbital period  and the average bit rate : 

 (6-1) 

where the access time  between the two satellites is limited by the weighting factor  consisting of: 

the visibility due to Mars occultation , eclipse periods  and  the fraction of  where the slant 

range . In addition weighting factors  for ranging once per orbit and  for occultation 

measurements twice per orbit have to be considered leading to: 

 (6-2) 
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For prediction of the data volume the orbits of MEMOS and PARENT are propagated throughout the 

mission lifetime to acquire the slant range and hence the average bit rate , which depends on the 

transceivers’ characteristics (L3 Communications 2006) and the constellation of the two spacecrafts. 

The general link equation (J. Wertz 1999):     

 (6-3) 

provides the relation between the slant range and the unknown bit rate. The parameters transmit 

power , transmit antenna gain , receiving antenna gain , the sum of losses  (circuit, 

ionosphere, polarization, etc.) and the system noise temperature  are hardware properties of ELT. 

Whereas the Boltzmann Constant  is known and the ratio of received energy-per-bit to noise 

density  can be estimated by taking the theoretical performance limit of coherent BPSK 

modulation and (7/12) convolutional coding at a Bit-Error-Probability  in Figure 12. The 

modulation and coding is selected with reference to CCSDS Proximity-1 Space Link recommendations 

(CCSDS 2004) which are adapted for the Martian communication network defined by the Mars Relay 

Description for Scout Proposals (NASA 2006). Modulation and coding also complies with the ELT 

system specifications. 

 

FIGURE 12: PROBABILITY OF BIT ERROR RATE VS.  (J. WERTZ 1999) 

Solving Eq. 6-3 for  leads to the following relation: 

 
(6-4) 

where the slant range as only variable parameter determines the free space path loss , which is:  

 (6-5) 

where  is the speed of light and  the transmit frequency: 
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Thus the bit rate  is determined by  which depends on the orbit constellation at time t: 

 
(6-6) 

The slant range over several orbits depicted in Figure 8 has a periodic pattern meaning that it can be 

treated as normal distributed. That allows the average bit rate to be statistically optimal 

approximated via the mean:  

 (6-7) 

Inserting the data-set of slant ranges  from the orbit propagation into Eq. 6-6 and 6-7 provides an 

average bit rate . Thereby it is assumed that ELT will support an adaptive bit rate in the next 

development step. 

Eq. 6-1 to 6-7 are implemented in an automated excel sheet which is linked to the output data-sets 

of the orbit propagator Astrogator of STK® 8.0 leading to the link characteristics in Table 9. 

TABLE 9: DATA VOLUME BUDGET 

DATA VOLUME BUDGET 

REQUIRED  

Scientific bit rate 0,6 Kbps 

 Telemetry bit rate 0,1 Kbps 

 Overall bit rate downlink 0,7 Kbps 

 Uplink bit rate 0,2 Kbps 

 Required data volume per orbit: 16,8 Mbits 

 

PREDICTED  

Average bit rate: 5,3 Kbps 

 Maximum bit rate: 1,0 Mbps 

 Predicted data volume: 23,0 Mbits 

 Data volume margin: 6,0 Mbits 36% 

 

The predicted data volume  has an adequate margin compared to the required : 

 (6-8) 

The maximal data volume to be transmitted per orbit is about: 

 (6-9) 

because it is assumed that  can accumulate up to twice the data volume predicted in the worst 

case.  

That means that the design of the communication subsystem fulfils the requirements in the assumed 

scenario, which is representative for various mission profiles in similar constellations due to the great 

margin.  

For a detailed link budget on TM/TC please refer to ANNEX-6. 
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6.3.2. Communication Package 

Limited by the requirements of having a communication package (COP) for data relay compatible 

with the Mars communication infrastructure, which is also capable of inter-satellite ranging for 

position determination, one does not have many options for selecting a transceiver for a micro-

satellite. Hence also current technology developments are explored and evaluated to be on the edge 

of development for upcoming communication methods and systems suitable for a microsatellite. 

TECHNOLOGY DEVELOPMENT 

There are basically two eligible transceivers. One is the Proximity-1 transceiver from QinetiQ which 

has been flown on Mars Express’ Beagel2, but could never demonstrate its functionality due to the 

mission failure. The other is NASA’s standard Proximity-1 transceiver Electra Lite (ELT) developed by 

L-3 Communications Cincinnati Electronics (L3 Communications 2006). 

Both transceivers are in a constant further development, especially ELT since it was chosen for the 

Mars Technology Program (MTP) of NASA which is managed by JPL. MTP comprises different 

technology development tasks (Antos 2006). The ones to be considered for MEMOS are: 

a) Reprogrammable Transceiver Modem 

b) Adaptive Data-Rates 

c) Fast and Accurate Electromagnetic Modeling 

Developments under item a) have the task to further reduce the mass, volume and power of ELT. The 

goal is to reduce the mass of the Baseband Processor Module (BPM) by 0.4kg to 0.45kg by 

implementing an Application-Specific Integrated Circuit (ASIC) based reprogrammable transceiver 

modem. 

The ELT inherits the ability to autonomously establish the communication link and its quality in real-

time. By this means especially the Adaptive Data Rate (ADR) function (item b) is considered as design 

baseline. First promising ADR tests were already performed. 

Designing hemispherical antennas with an ideal radiation pattern for UHF COPs is especially 

challenging due to the long UHF wavelength of about 70cm. An ideal radiation pattern would require 

a ground plane having the size of a few wavelengths. Considering a microsatellite that is not feasible. 

Therefore the task mentioned in item c) gains importance where automated antenna design with 

evolutionary algorithms (Hornby 2004) is developed to achieve nearly homogenous hemispherical 

radiation pattern. The automated design is performed when the spacecraft structure is known. Thus 

multi-path reflections leading to communication nulls in the antenna pattern can be regarded. 

The development status of QinetiQ’s Proximty-1 transceiver is unknown at the current state. 
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TRANSPONDER SELECTION 

The ELT transceiver is pre-selected for the following criteria: 

- It is a UHF transponder which means reduced free-space path loss compared to higher 

frequencies (e.g. S-Band) in the required antenna setup of two low gain antennas. 

- Interoperability with rovers and scientific satellites of future missions on Mars through the 

Proximity-1 CCSDS standard. 

- It will be implemented on NASA’s Mars Science Laboratory mission in 2009 and therefore 

space proven. 

- ELT’s high transmit power/mass ratio which is even intended to be improved over the next 

years. 

- It will be capable of inter-satellite ranging and solar occultation measurements (TBC) 

- ELT is part of NASA’s MTP and thus under constant further development 

6.3.3. Ranging 

Autonomous ranging will be a key-functionality to enable the detached and autonomously flying 

instrument concept because MEMOS will request a constant ephemeris update to determine its 

attitude. This issue is too complex to be addressed more deeply in this study, but first suggestions 

and estimations will be given. 

The ELT communication system has, like mentioned in item 6.3.2, the feature of 2-way coherent 

Doppler measurements. By this means a Pseudo-Random Noise (PRN) code is sent from PARENT to 

MEMOS. In the coherent transponding mode MEMOS will sent this signal back thus not affecting the 

signal phase. When received the signal traveling time will provide the inter-satellite range and the 

Doppler shift will provide the relative velocity between the satellites. Determined by the maximum 

bit rate  of the ELT transceiver a theoretical resolution in terms of range measurements can be 

made as follows (ECSS 2005): 

 (6-10) 

where  is the speed of light. 

Combined with the Doppler measurements and after processing the required orbit position 

resolution of better 10km should be met. The topic is discussed more detailed in (ECSS 2005) and 

(Psiaki 1999). 
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6.3.4. Recommended Design 

The communication subsystem design described in items 6.3.1-6.3.3 is illustrated in Figure 13 and 

baseline for relating analyses of the MEMOS system design, like orbit selection (item 4.4) or 

power/mass budget (item 10). Which kind of transceiver is implemented on PARENT is in general 

flexible as long as it provides the option of tow way coherent Doppler measurements. For analyses in 

this paper the Electra Lite system fulfilling the requirements by low mass and moderate power 

demands is taken as UHF transceiver on the PARENT s/c.   

Electra Lite 
UHF-

Transceiver

Transponding 
mode

180°

180°

UHF 
Transceiver

180°

180°

2-way coherent
Doppler measurements

Telecommand

Telemetry

MEMOS PARENT

Ultra Stable 
Oscillator

 

FIGURE 13: COMMUNICATION SUBSYSTEM LAYOUT 

The design in Figure 13 has to be considered as recommended design of this study. Further detailed 

analyses and simulations have to be made and the hardware characteristics have to be approved by 

the manufacturers. 

6.4. Power System 

The power system is analyzed on system level according to the power system design process in (J. 

Wertz 1999) and the system engineering guidelines of SSC. The solar generator and battery power is 

dimensioned in the next paragraphs whereas the power control and distribution unit (PCDU) shall be 

based on the PRISMA satellite design, but for the MEMOS design an enhancement in terms of mass 

and efficiency is requested. Nevertheless the power and mass demands are scaled down from the 

PRISMA mission (Persson 2006) and included in the power budget (ANNEX-1). 

6.4.1. Solar Generator 

MEMOS will have one solar array which is also the structure’s top, but it is not intended to contribute 

to the body’s stiffness. Since MEMOS is sun-pointing the solar array does not have to have any drive 

mechanisms. As baseline for the design serve GaIn/GaInAs/Ge solar cells which undergo a rapid 

development to increase the cell efficiency. Values greater 35% efficiency are predicted for the 

coming years (Dimroth 2005). However, for this design an end of life (EOL) cell efficiency of 28.2% is 

taken into account which is currently proven under laboratory conditions.  
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Dimensioning the solar array the constants and parameters used in Table 10 are from satellites built 

by SSC, the solar array center of EADS Astrium and the solar cell manufacturer RWE Solutions. 

According to Table 10 and the worst case power demand  (ANNEX-1) during 

communication the solar array power with margin is: 

 (6-11) 

leading to the required solar array area: 

 (6-12) 

with the end of life (EOL) solar array output power per unit area: 

 (6-13) 

Thus the solar array has a mass of:  

 (6-14) 

The above determined parameters include cabling, structure and solar cells with cover glass, hence 

the complete assembled solar generator.  

TABLE 10: SOLAR ARRAY CONSTANTS 

SOLAR ARRAY CONSTANTS 

Solar irradiance at Mars aphelion   488 W/m2 (McFadden 2007) 

Lifetime degradation solar array  6 % SSC 

Assembled panel density  2 kg/m2 EADS Astrium 

Geometric lay-down efficiency   70  % EADS Astrium 

Cell Efficiency EOL  28.2 % (Dimroth 2005) 

Maximum solar angle  10 deg (item 7.4.2) 

Margin  20 %  

 

6.4.2. Battery Dimensions 

The batteries are dimensioned based on the constants in Table 11, which are typical values from 

satellites flown or under development by SSC. 

With the constants the required battery capacity for surviving the eclipse periods is: 

 (6-15) 

where the maximal power required during eclipse  is taken from the power budget in 

ANNEX-1 and the maximal eclipse time is provided by the orbit analysis and 

propagation in ANNEX-6.  

Thus based on the characteristics of the MPS® battery the total number of required batteries 

including an additional redundant battery is: 
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 (6-16) 

which results in a total battery mass of:  

 (6-17) 

It is assumed that batteries will only be loaded during communication gaps due to the high power 

demands of the communication system  (L3 Communications 2006). That leads to the charge time: 

 (6-18) 

where w is for the communication weighting factor from Eq. 6-2 and  is the orbital period. With the 

determined charge time the required charge power is: 

 (6-19) 

Considering the power available for charging: 

 (6-20) 

a great margin factor of 58% results. 

TABLE 11: BATTERY DESIGN CONSTANTS 

BATTERY DESIGN CONSTANTS 

Load transmission efficiency   85 % PRISMA 

Depth of discharge  0.67 
 

SMART-1 (SSC) 

Number of margin batteries   1 

  Battery capacity (MPS® battery)  20 Wh (Saft 2006) 

Battery mass (MPS® battery)  0.15 kg (Saft 2006) 

 

6.5. Satellite  Management Unit 

The developments in terms of data acquisition and handling systems are very rapidly towards higher 

integration and more processing power, which means a detailed subsystem layout would not be 

representative at this study stage. Thus the satellite management unit (SMU) is based on the PRISMA 

design (Persson 2006), but extrapolated for a launch in 2016. 

Thereby the satellite management unit is the head of the detached and autonomously flying 

instrument MEMOS handling all tasks and data. However, it is not only a data handling system, but 

also a central digital processing unit (CDPU) serving as interface for all the different subsystems and 

scientific instruments. In this way resources can be shared and hot redundancy implemented by 

saving weight and power. 

Moreover an independent part of the system is the power control and distribution unit (PCDU) 

already partially discussed in item 6.4. It directly provides all required voltages to the subsystems and 

instruments without a common power bus. It also controls charging and discharging of the batteries, 
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the heaters and the redundancy action via health signals from each unit. 

The power and mass requirements for the SMU without PCDU are scaled down from the PRISMA 

satellite in collaboration with a responsible design engineer at SSC. That was done by considering the 

tasks which have to be performed and the amount of data which has to be handled. The resulting 

power and mass values are listed in ANNEX-1 and ANNEX-2. 

New technology developments should be considered for the SMU. A technology which can save mass 

and volume is direct chip bonding, which is currently under development at NanoSpace.  Another 

promising technology is CULPRiT CMOS Ultra-Low Power Radiation Tolerant Integrated Circuits, 

which reduces the power demand significantly (Xapsos 2003). However, it should be investigated on 

what level those developments are and what it would cost to implement them. 

6.6. Structure, Mechanism and Thermal Management 

STRUCTURE 

The structure of MEMOS has the shape of an octagon like illustrated in Figure 45. That provides 

several side panels which have a mounting area slightly bigger than the dimensions of subsystems 

like the CMU or ELT. In that way MEMOS can be “unfolded” for assembly and integration by opening 

those panels. Furthermore the different subsystems and units can be placed optimal to balance the 

s/c about the zB-axis thus reducing the balance masses necessary on the final integration step. Such a 

balancing would be more difficult in e.g. a rectangular shape where units can only be mounted in 

four planes. The middle panel supports the stiffness of the structure as a whole. Additionally it serves 

as carrier for harness and micropropulsion tubing by enabling short ways. 

The panels will have an aluminum honeycomb structure with carbon fiber reinforced plastics facings. 

That allows reducing the specific mass of a 20mm thick panel from 2.9 kg/m2 to 1.8 kg/m2 according 

to responsible system engineers at SSC. With a panel area of 0.9 m2 that would result in a total 

structure mass (without secondary structure) of 1.6 kg instead of 2.6 kg. The manufacturing costs will 

of course also increase, but it is assumed that it is still less expensive than sending 1kg more to Mars. 

The secondary structure mass necessary for integration of the panels is derived from Astrid-2 

(Blomberg 1999). 

MECHANISM 

The MEMOS design only requires two mechanisms. Both of them will come into action during the 

release scenario. The standard umbilical connector (C&H 2007) pointed out in Figure 14 will enable 

communication and power supply during launch/cruising phase and cut off those connection lines at 

separation. The release mechanism is developed by SSC, flew on Astrid-2 (Blomberg 1999) and it will 

be used for separating the MAIN from the TARGET s/c in the dual formation flight mission PRISMA. 
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With small modification by shortening the distance between the clamps and maybe the stiffness the 

mechanism can be used for separating MEMOS and PARENT. Those modification will also introduce a 

small reduce in mass. The release mechanism characteristics for the PRISMA mission are adopted for 

MEMOS specifying the release velocity to  and the tip-off rate to . 

 

FIGURE 14: RELEASE MECHANISM AND UMBILICAL CONNECTOR 

THERMAL MANAGEMENT 

In this design phase only suggestions are given for thermal management. Since MEMOS has very 

stringent mass and power demands heat sources like the COP shall be used instead of additional 

heaters. Thus cold-side temperatures can be balanced via thermal radiation and conduction by smart 

placing of those units. The sun-orientation of MEMOS will thereby support this design idea because 

the temperature distribution does not significantly vary throughout mission lifetime since external 

irradiance is constant except of the Martian albedo. The cold sides will additionally be covered with 

MLI and the radiating sides will be open to provide heat sinks. One might not achieve a fully 

temperature balanced s/c in this manner, but therefore one can consider either miniaturized 

radiators with MEMS shutters (Flinn 2006) or heaters. In this phase it is assumed that only heaters 

will be sufficient for thermal control. 
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7. Attitude Determination and Control Design 

7.1. Reference Coordinate Systems 

MARS INERTIAL J2000 (MCI) 

The Mars inertial frame (MCI) in Figure 15 has its 

origin in the Mars center of mass. The xi-axis 

points towards the vernal equinox (J2000). The z-

i-axis passes through the geographic north pole 

and the yi-axis completes the right-handed 

orthogonal coordinate system. Parameters 

described in the MCI will be indicated with “i”. 

zi

xiyi

Vernal equinox

 

FIGURE 15: MARS INERTIAL REFERENCE FRAME 

MARS SOLAR ECLIPTIC SYSTEM (MSE) 

The Mars Solar Ecliptic (MSE) coordinate system 

in Figure 16 has its origin in the Mars center of 

mass. The xs-axis points towards the sun directly 

opposite to the solar wind flow direction. The ys-

axis is anti-parallel to the orbital velocity vector 

and the zs-axis completes the right-handed 

orthogonal coordinate system (Vignes 2000). 

Parameters described in the MSE will be 

indicated with “s”. 

zs

xs

ys

sun-direction

 

FIGURE 16: MARS SOLAR ECLIPTIC SYSTEM 

LOCAL REFERENCE FRAME 

The local reference frame or orbital frame in 

Figure 17 has its origin in the s/c center of mass. 

The E1-axis is parallel to the s/c velocity vector. 

The E3-axis points towards nadir and the E2-axis 

completes the right-handed orthogonal 

coordinate system by being parallel to the orbit 

normal.  Parameters described in the local frame 

will be indicated with “L”. 

     

E3

E2

E1

    

FIGURE 17: LOCAL REFERENCE FRAME 



MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

30 

SPACECRAFT BODY FRAME (SCB) 

The s/c body (SCB) frame has its origin in the 

geometrical center of the s/c. The zB-axis is 

normal to the solar panel and aligned with the 

spin-axis. The yB-axis is normal to the side-panel 

through which it passes in Figure 18 and the xB-

axis completes the right-handed orthogonal 

coordinate system. Due to the s/c requirements 

the principle s/c axes e1, e2 and e3 coincide with 

the SCB axes. Parameters described in the SCB 

will be indicated with “B”. 

 

FIGURE 18: SPACECRAFT BODY FRAME 

7.2. Spinning Spacecraft Dynamics 

The spinning s/c dynamics are described by the Euler momentum equation:  

 (7-1) 

where  is the system angular momentum vector and  is the angular velocity of the s/c. Performing 

the vector product provides the following set of scalar equations:  

 (7-2) 

where the moments of inertia  are about the principle s/c axes. For first analysis during short 

time scales no significant external torque accumulation is assumed because the Martian environment 

produces only small external disturbance torques (4.5.1). Furthermore  is assumed 

and . Consequently the torque free precession described by Eq. (7-2) can be written as: 

 (7-3) 

Derived from Eq. (7-3) the motion of  about e3, called nutation frequency, is: 

 (7-4) 

which has a nutation half cone angle of: 

 (7-5) 

According to Figure 19 the magnitude of the precession rate with which the e3-axis rotates about the 

momentum vector  is: 

yB=e2

xB=e1

zB=e3
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 (7-6) 

where . 

The above described spinning s/c dynamics are illustrated in Figure 19 and Figure 20. The topic is 

discussed in more depth in (Chobotov 1991),  (Sidi 1997) and  (J. Wertz 1978). 

 

FIGURE 19: SPINNING SPACECRAFT DYNAMICS WITH  

(CHOBOTOV 1991) 

 

FIGURE 20: PRECESSION MOTION WITH  

(CHOBOTOV 1991) 

STABILITY CRITERIA 

As already defined in the s/c requirements  shall be greater than . That is based on the analysis in 

(Chobotov 1991) which considers the kinetic energy  of the s/c in terms of energy 

dissipation. Differentiating  with respect to time yields the following equation: 

 (7-7) 

In case of energy dissipation  nutation damping is necessary thus requiring . 

Looking at Eq. (7-7), for a stable spin motion about the z-axis this is achieved if . 

7.3. Attitude Determination 

7.3.1. Three-Axis Determination 

The sensors available and new technology developments on-going for absolute attitude 

determination of spinning microsatellites is very limited. Thus also the attitude determination 

principles are limited. However, the following principles are eligible. 
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OPTION 1: DUAL STAR TRACKER 

 

FIGURE 21: MICRO ADVANCED STELLAR COMPASS (JØRGENSEN 2007) 

The miniaturization and advances in computational power make star trackers even eligible for 

microsatellite class missions. The most advanced and miniaturized star tracker in Europe is the Micro 

Advanced Stellar Compass (µASC) described by (Jørgensen 2007) and developed by the Technical 

University of Denmark (DTU). It has the properties in Table 12 which take into account a dual 

redundant setup. The µASC will be mounted with its boresight opposed to the sun considering the 

s/c configuration in Figure 43. In this line-up the solar panel shields the sun – besides the Mars 

albedo – from the µASC throughout the mission lifetime regarding the sun-tracking attitude 

properties of MEMOS. Therefore no outer baffle might be requested and the inner baffle should be 

sufficient for preventing the µASC from sun light. However, the most interesting parameter for a 

spinning s/c is the attitude rate which goes up to 20°/s. MEMOS’s spin rate with 7°/s (Eq. 7-16) is 

below that limit and thus will allow correct three axis attitude determination. 

TABLE 12: µASC SPECIFICATION (JØRGENSEN 2007) 

DUAL µASC SPECIFICATION 

Initial acquisition (solve lost in space) 30 ms 

Accuracy (EOL)  2(3 )  arcsec 

Attitude rate up to 20 °/s 

Update rate up to 32 Hz 

Availability 99.995 % 

Power 3,7 W 

Dual heads + inner baffle 0.58 kg 

Digital Processing Unit mass 0.57 kg 

Bracket for mounting 0.75 kg 

Dimensions DPU: 10x10x10 

CHU: 5x5x5 

cm 

Lifetime 30+ years 

Reliability 99.999 % 

 

The star tracker will not be able to determine the attitude during detumbling after orbit insertion, 

because the sun position will be uncertain. This will be performed by MEMS based rate sensors 

(item7.3.1) in combination with sun presence sensors which are based on a similar technology 
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principle as the MOEMS sun sensor (Pedersen 2003). Even the two-axis MOMES sensor could be used 

as sun presence sensors because it has very low mass and power demands, but at the current state it 

is not known what the cost of such a sensor will be. 

OPTION 2: SUN SENSOR AND HORIZON CROSSING INDICATOR 

The two axis MOEMS sun sensor in Figure 22 is an eligible sun sensor which combined with a Horizon 

Crossing Indicator (HCI) is a classical method for attitude determination of a spinning s/c. As HCI the 

Mini Horizon Crossing Indicator (Servo 2007) from Servo Corporation in Figure 23  is considered. The 

MOEMS sun sensor and the Mini HCI have the properties in Table 13 and Table 14  respectively. 

TABLE 13: MOEMS SUN SENSOR SPECIFICATION (PEDERSEN 2003) 

MOEMS SPECIFICATION 

Field of view +/-70 deg 

Accuracy  < 1 deg 

Theoretical accuracy (FOV +/-40) 0.07 deg 

Accuracy (FOV+/- 70) 1 deg 

Mass 7.1 grams 

Power 0.01 W 

Size 3.9 x 5  cm2 

 

With the specified characteristics it is stated in (Mungas 2003) that the accuracy of the Mini HCI in 

terms of nadir determination is better than 0.15°. In this case the nadir is within a half-cone angle of 

0.15° and the sun vector within a half-cone angel better than 1°. That means in worst case the 

attitude can be determined down to 1.15° accuracy. But depending on the determination method 

and the supporting inertial sensors this can be improved. Different classical attitude determination 

methods using HCI and sun sensor measurements are discussed in (J. Wertz 1978).  

TABLE 14: MINI HCI SENSOR SPECIFICATION (SERVO 2007) 

MINI HCI SPECIFICATION 

Field of view 4 deg 

Optical bandpass 1-13 +17-20 µm 

Responsivity 15 Hz, 14-16 µm 

Noise Voltage < 15 nV/Hz-1 

Operating Voltage  3-18    typical 9 V 

 5-100 typical 10 µA 

Operating temp. -40 to 85 °C 

 

An issue to address is the influence of time gaps where the s/c attitude cannot be determined. In this 

case the spin-axis does not significantly precess with  regarding (Eq. 4-8) because the 

constant disturbance torques at Mars are very small. In terms of spin-phase monitoring between 
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absolute attitude determinations an analysis is included in 7.3.1. 

In contrast let’s assume there are no sun sensor measurements available. Then the spin-axis 

orientation can be determined via two HCI measurements which are a quarter of an orbit apart like it 

is illustrated in Figure 24. The pitch  error about E2 at position P1 turns into a roll error  about 

E1 at position P2. With both Euler angles the attitude of the spinning s/c is determined. That is only 

feasible because MEMOS is inertial stable that in consequence the s/c attitude does not change 

significantly due to the low disturbance torques. The gravity gradient will have an influence, but it 

can be predicted in the orbit propagation.  

E2

E3

E1

E2

E3

E1

hs

hsP1

P2

along zB

along zB

 

FIGURE 24: CHANGE OF PITCH AND ROLL ERROR BY SPIN STABILIZED S/C 

One might wonder if horizon crossing indicators also work at Mars. The Mini HCI looks at the CO2 

absorption band (15 µm) in the atmosphere. At this wavelength the thermal radiation is absorbed 

and afterwards isotropic reemitted causing sharp transitions for the determination of the horizon. 

Since the Mars atmosphere consists to 95% of CO2 (McFadden 2007) the mentioned sensor principle 

will work.   

PRINCIPLE SELECTION 

In this study phase the second option is preferred due to the better mass, power and volume 

properties by comparing Table 12 with Table 14. In addition the system is multiple redundant 

because in case both sun sensors fail the attitude can be reconstructed via several nadir 

 

FIGURE 22: MOEMS SUN SENSOR (PEDERSEN 2003) 

 

FIGURE 23: MINI HCI (SERVO 2007) 



MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

35 

measurements integrated over quarter of an orbit. The Mini HCI and the sun sensor will be placed 

like depicted in Figure 25. 

 

FIGURE 25: ATTITUDE SENSOR LINE-UP 

However, one should keep in mind that the sensor specifications are taken from datasheets and 

technical publications and not verified with the manufacturers. Moreover one should check if the 

sensors really will be space proven within the next years like stated by the manufacturers. 

Considering the µASC, it will be space proven by ESA’s PROBA-2 mission and the PRISMA mission. In 

addition SSC will already have experience in the µASC implementation. Therefore in the next study 

phase the mentioned issues should be investigated and a new and independent selection of the 

sensors should be performed. 

7.3.2. Spin-Phase Determination 

The payload requests that the spin-phase of MEMOS must be known better than +/- 2.5°. That is very 

challenging because small uncertainties in the spin-rate integrated over a large time scale – to get 

the spin-phase – create great errors. Figure 26 illustrates the worst case attitude constellation within 

which MEMOS has the longest gaps where no nadir determination is possible because the HCI line of 

sight does not traverse Mars. The red circles indicate the gaps with no attitude determination 

whereas the green crosses represent the time where attitude measurements are possible. The 

geometry for this analysis is shown in Figure 27. Derived from the geometry the following criterion 

determines if attitude determination is possible or not: 

 (7-8) 

where  represents the sensor mounting angle defined in Figure 25,   and yi, zi 

represent MEMOS’ orbital position in the MCI reference frame. It should be noticed that the stated 

criterion is only valid for the worst case attitude constellation in Figure 27.  

zB-axis = spin-axis2-axis sun sensor 
(40° half  cone)

7°

Sun presence 
sensors (5x) Dual-

HCI

7°
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FIGURE 26: ATTITUDE DETERMINATION GAPS 

zi

Rmars

yi

m

x
a

HCI line of sight

sun direction

 

FIGURE 27: HCI A.D. GEOMETRY 

With the analysis performed – MatLab® M-file in ANNEX-8 – the determination gaps make 57% of the 

orbital period with the longest gap of 6840s.   

HCI MEASUREMENT INTEGRATION 

The spin rate determined from subsequent HCI measurements can be integrated over time to 

acquire the spin-phase. In attitude determination (AD) gaps the spin phase cannot be determined 

from HCI measurements but has to be extrapolated from the last spin-rate determination. Therefore 

the spin-rate is integrated over the AD gap time. During integration the uncertainty errors inherent in 

absolute measurements will accumulate. 

Let’s assume the spin-phase is determined via two subsequent nadir vector measurements. The nadir 

vector accuracy is within 0.15° half cone angle meaning that two subsequent measurements have a 

worst case error of . Thus the spin rate has a residual error of: 

 (7-9) 

with this error the spin-phase can be extrapolated adhering to the requirements for 

 which corresponds to 8.4 spins. That is not even nearly as long as the worst case AD gap. 

Consequently one has to think about another option for spin-phase monitoring. 

SUN SENSOR TRACK 

One method is described in (J. Wertz 1978) where the sun sensor measurements serve for 

reconstructing the spin-phase by looking at the track along which the sun vector moves in the two-

dimensional sensor plane. The advantage of this method is its constant availability except in eclipse 

periods because MEMOS will stay sun-oriented. But since the method relies on a spacecraft in 
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nutating motion with a half-cone angel (Eq. 7-5) greater than the accuracy of the sun sensor (Table 

14) this method is not eligible.  

However, with a slight off-pointing of the spin axis from the sun by an angle of about 10° such that 

the solar cell performance is not considerably weakened the above method is suitable for spin-phase 

determination. In Figure 28 the principle of the sun sensor is illustrated. In view a) the sensor is seen 

from the top. Light penetrates through the slit and illuminates the two triangular cells and the 

rectangular reference cell. From the difference of current in the triangular cells with respect to the 

rectangular cell the Euler angle about one axis is determined. A sensor actually consists of 2 sets of 

cells where the other set is identically but perpendicular to the one in Figure 28. Thus two angles 

about the s/c axis are determined defining the plane in Figure 29. The sun vector describes a circle in 

this plane which represents one spin revolution. Thereby the s/c is sun off pointing by an angel 

greater than the sensors accuracy. In theory by regarding clear spin without significant nutation and 

wobble – due to unequal transverse moments of inertia – the sun-vector track will almost be a circle 

providing the spin-phase within the sensors accuracy of 1°. In reality the sensor data will have to be 

post-processed on ground to achieve this accuracy because of transverse momentum in the system. 

 

FIGURE 28: SUN SENSOR PRINCIPLE (PEDERSEN 2003) 

xB

yB
sun vector with 

uncertainty cone

sun vector track 

(1 spin)

sensing plane 

aligned with 

SCB-axes

 

FIGURE 29: SPIN PHASE DET. - SUN SENSOR PLANE 

INTEGRATION OF ANGULAR RATE 

Miniaturized MEMS angular rate sensors are also considered for spin phase monitoring. Like 

mentioned before to acquire the spin phase the angular rate has to be integrated over time. In this 

context the accuracy achievable after integration depends on the rate sensor’s inherent drift 

expressed by the angle random walk ARW. The most accurate and miniaturized sensor for satellite 

navigation available is the MRS® (BAE 2007). It has a   resulting 

in an error of: 

 (7-10) 

after integrating over the worst case AD gap.  

Comparing the different methods for spin phase monitoring the rate sensor seems to be the most 
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accurate and most easy to process, since several filters like the Kalman-filter have been developed 

which account for the error sources (bias, temperature drift, etc.) such a sensor implicates. 

Furthermore it is also recommended to investigate the possibility of deriving the spin phase from 

SUP and MAG measurements. 

7.3.1. Inertial Navigation System 

Several tasks are to be performed via inertial navigation. In a pre-phase A study it is suggestive to 

comment on certain aspects and show the feasibility of principles and designs rather than defining a 

complete system. Therefore in the following different key issues are addressed and suggestions are 

made. 

DIFFERENTIATION OF ABSOLUTE MEASUREMENTS 

Absolute attitude measurements with the suggested principle (HCI and sun sensor) can only be 

performed once per spin phase when the HCI traverses Mars. That means the spin rate represents 

the sampling frequency for reconstructing the dynamic motion of the s/c. In theory according to 

Shannon’s theorem the reconstruction should be possible because the ratio of spin rate (Eq. 7-16) to 

nutation frequency (Eq. 7-4) is . The torque-free precession of the s/c can thus be 

described by differentiating the absolute attitude measurements with respect to time. However that 

does not allow a real-time monitoring of the dynamics because several measurements and hence 

spin periods are necessary before the dynamic motion can be reconstructed. 

ANGULAR RATE SENSOR 

Angular rate sensors directly measure the angular velocities about the s/c axes. The resolution of the 

measurement depends on the sensor’s noise power spectral density and the bandwidth. The MRS® 

(BAE 2007) 3-axis sensor from SEA™ has a resolution < 0.001 °/s at a bandwidth of 2Hz thus allowing 

measurements up to 20 °/s. It is currently in a late development stage and might fly on ESA’s PROBA-

2 mission  (Prezzavento 2004). The sensors shall be able to determine the direction of  (Figure 19) 

in the xB-yB plane < 1° for monitoring the dynamical motion and to provide an accurate trigger for the 

slew maneuver (item 7.4.2). By this means the MRS® must have the following resolution: 

 (7-11) 

This is within the performance limit of the sensor. However a more accurate analysis has to be 

performed in the next study phase including first flight results of the MRS®. In terms of detumbling 

the sensors provide accurate measurements to reduce the tumbling rate to a residual error which is 

approximately equal to the sensor resolution due to the short detumbling time (item 7.4.1). 
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FIGURE 30: MEMS RATE SENSOR MRS® (BAE 2007) 

ACCELEROMETER 

Accelerometers measure a linear acceleration in the s/c body. Placing accelerometers with an offset 

parallel to the s/c axes allows deriving the angular velocity via the acceleration distribution in rigid 

bodies (Czichos 2004): 

 (7-12) 

where  is the linear acceleration going through the center of mass, the term A represents 

acceleration induced from any torque acting about the respective s/c axes and the term B is the 

centrifugal acceleration. However for now only term A is interesting because it determines the 

accuracy the accelerometer shall have for monitoring the phase of  better < 1°.  

Regarding the s/c configuration (item 9) we define a mounting of the effective accelerometer axis to 

be parallel to the zB-axis with the SCB coordinates  = (0, 0.3, 0) in . At this point  is described 

by a sinus function governed by , meaning that the derivative  changes with a cosine function 

behavior respectively. Thus the smallest acceleration sensible is: 

 (7-13) 

where . The accelerometer QA 3000® from Honeywell™ (Honeywell 2006) has a resolution in 

the µg range thus complying with the resolution requirement. 

RECOMMENDATION 

Comparing and evaluating the different options the rate sensor MRS® is the most promising. It will be 

able to fulfill the task of monitoring the transverse momentum in the system for slew maneuver 

triggering (item 7.4.2) or active nutation control. Furthermore it will sense the tumbling rate after 

insertion and provide spin rate measurements during the AD-gaps for spin phase monitoring. 

However, it should be noticed that the rate sensors have to be regularly adjusted by the absolute 

attitude determination system to account for angular random walk. 

For redundancy a back-up inertial system with a sun off pointing s/c is proposed that derives the 

dynamical motion from sun sensor measurements. In this case the inertial system will not have the 

same performance, but the system is redundant without adding extra mass. It is also recommended 

to investigate the possibility of deriving the dynamical motion from SUP and MAG measurements. 
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7.4. Attitude Control 

7.4.1. System Parameter Dimensioning 

SPIN MOMENTUM 

The spin momentum is dimensioned driven by cyclic disturbance torques which force the spin-vector 

into precession and thus cause s/c pointing errors. Considering the s/c dynamics (J. Wertz 1999) the 

gravity gradient produces a periodic disturbance torque with its maximum every quarter of an orbit. 

Integrating   over 1/4th of the orbital period  results in a transverse disturbance momentum acting 

perpendicular upon the spin momentum vector: 

 (7-14) 

This gives a first worst case prediction of  where  represents the rms average of a sinusoidal 

function with which  is effective. 

The attitude of the s/c shall not precess more than  throughout one orbit. Thus the required 

spin momentum  is:  

 (7-15) 

in relation to the dynamic properties in Figure 19.  

With the moment of inertia from the final s/c characteristics in item 10 the spin rate is: 

 (7-16) 

This spin rate guarantees an inertial spin-axis pointing stability within 1° towards the sun. In this way 

the attitude stays inside the specified limits with a margin  

throughout one orbit. 

REQUIRED DETUMBLING TORQUE 

It shall be possible that MEMOS detumbles within time  and acquires attitude commanded 

from earth. A two-way communication during superior conjunction between Earth and Mars requires 

about 44 min. That means in case of any ADCS failure MEMOS can be re-oriented commanded from 

earth before 100 min of battery power (item 6.4) are depleted. The required actuator torque for such 

a maneuver is: 

 (7-17) 

where the tumble rate caused by the release mechanism  = 2°/s. The largest moment of inertia  

is considered since a total detumbling is also required about the spin-axis. 
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7.4.2. Slew Maneuver Analysis 

For keeping MEMOS pointed within a certain sun aspect angle several slew maneuvers have to be 

performed throughout the mission lifetime. The maneuver principle of slewing the spin-axis and the 

resulting torque requirements are explained and derived below. 

SPIN-AXIS SLEW MANEUVER PRINCIPLE 

The spinning s/c is reoriented by slew maneuvers of the spin-axis. This is performed by exciting the 

natural coning motion and forcing the s/c into precession. A torque perpendicular to the spin-axis 

results in a transverse momentum causing such a precession. In Figure 31 the transverse momentum 

 displaces the momentum vector  by the angel  to  causing the s/c to precess about this 

angle. A second torque  of the same magnitude and orientation with respect to the s/c is applied 

180° of precessing motion apart displacing  again by . Now the momentum vector is again 

aligned with the spin-axis. Thus a slew maneuver of  is achieved and the s/c is again in a clear 

spinning motion. Such a maneuver requires a total transverse momentum of (Wiesel 1978): 

 (7-18) 

This of course is the ideal case and will be influenced by different error and disturbance sources. 

Depending on the torque properties of the attitude actuator several slews are necessary to complete 

a maneuver with an arbitrary angle . In Figure 32 the s/c is brought with several small slews from an 

initial position  to a final position . 

1h 2h
1sh

2sh0sh

 

2h
1h

sfh
0sh

 

FIGURE 31: SPIN-AXIS SLEW DYNAMICS FIGURE 32: COMPLETE SLEW MANEUVER  

A detailed description of spinning s/c slew maneuver dynamics is given in (Wiesel 1978) and 

(Chobotov 1991). 
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EFFECTIVE SLEW TORQUE 

 

FIGURE 33: EFFECTIVE SLEW TORQUE (MUNGAS 2003) 

The attitude actuators (e.g. wheels or thruster) are normally fixed in the s/c body frame. Therefore a 

torque applied by the actuator is effective throughout a spin sector with the angel  like depicted in 

Figure 33. That produces an average torque like described in (Mungas 2003): 

 (7-19) 

SLEW TORQUE DIMENSIONING 

The detumbling requirements are the design driver for actuator dimensioning such that the available 

slew torque  is equal to . Regarding the system parameters in 7.4.1, the slew maneuver 

dynamics and defined constants in Table 15 the following characteristics result: 

REACTION TIME PER SLEW  (7-20) 

ANGLE PER SLEW  (7-21) 

SLEWS PER MANEUVER  (7-22) 

NET REACTION TIME  (7-23) 

NET MANEUVER TIME  (7-24) 

In this way a spin-axis slew maneuver of 3.5 minutes for sun-tracking is necessary every 17 days 

considering the mission lifetime of one Martian year.  

TABLE 15: SLEW TORQUE CONSTANTS 

SLEW TORQUE CONSTANTS 

Sun aspect angle threshold  

  for initiating a slew maneuver 
9 deg 

Torque sector  (Figure 33) 20 deg 

  slew sectors per spin  2  

 

The defined slew maneuver characteristics serve as framework for the ADCS design. They are based 

on the general system design parameters of the final design iteration. 
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7.4.3. Microthruster Control 

The required slew maneuver properties derived and defined in 7.4.2 strongly limit the hardware 

options available. However, a search on the market and of technology developments identified cold-

gas micropropulsion systems as suitable actuator option because of low power and mass demands. 

Several developments are on-going nowadays. NASA flew the furthest developed American solution 

already last year on the Space Technology 5 mission as part of the New Millennium Program. ESA 

currently supports Europe’s furthest developed solution the micropropulsion system from NanoSace, 

which will fly on the PRISMA mission in 2009 and is intended to fly on ESA’s technology 

demonstration mission PROBA-3. As NanoSpace is a subsidiary of SSC and their system has features – 

see next paragraph – superior to the one flown on ST5 it is selected as option in this study. 

HARDWARE CHARACTERISTICS 

The hardware characteristics of the NanoSpace cold-gas micropropulsion system are described 

relating to (Grönland 2006). The generic micropropulsion system layout is depicted in Figure 34.  The 

MEMOS layout corresponds to the generic layout where the tank size is determined in the paragraph 

maneuver design below. MEMOS requires two thrust PODs. One thrust POD has four thrusters 

placed in a plane perpendicular to each other like illustrated in Figure 34.  

 

 

FIGURE 34: MICROPROPULSION SYSTEM  (GRÖNLAND 2006) 

The microthruster valves, heaters and pressure transducers are based on MEMS technology reducing 

mass and size of the system considerably. Currently even a thrust feedback is developed enabling a 

closed loop thrust control. According to ESA’s Technology Readiness Level (TRL) categories in Table 

20 the micropropulsion system currently is on TRL 6. It will be flight proven after the PRISMA mission 

in 2009 and has a comfortable development time margin as key technology for MEMOS in the 

Cosmic Vision timeframe. At the current development state the system has the properties in Table 

16. 
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TABLE 16: MICROPROPULSION SYSTEM SPECIFICATIONS (GRÖNLAND 2006) 

MICROPROPULSION SYSTEM CHARACTERISTICS 

Linear adjustable thrust force range 10 µN – 1 mN each thruster 

Specific impulse 50 – 100 s > 50 with heated N2 

Power consumption 1 Watt per thruster  nominal 

Step response < 50 ms  

Temperatures   0   to 50 °C   

-10 to 60 °C 

Operating 

Non-Operating 

Operating pressure 

Maximum Expected Operating Pressure (MEOP) 

4 bar 

6  bar 

 

Mass 115 g 4 thruster POD assembly 

Dimensions 44 mm diameter 

55 mm height 

4 thruster POD assembly 

THRUSTER LINE-UP 

With the thruster line-up in Figure 35 all three axes of MEMOS can be controlled. In terms of a 

classical spin-axis attitude control the design with two PODs P1 and P2 even provides redundancy. 

The torques for spin-axis slewing are multiple redundant since they can be produced by all thrusters 

in various combinations. The spin-up and maintenance torques are single redundant by changing the 

spin direction of MEMOS in case of a thruster failure. 

 

FIGURE 35: THRUSTER LINE-UP 

The thrusters are placed symmetrically about the s/c body axes, which in this study correspond to 

the principle axes of inertia. The microthrusters of POD P1 and P2 have equal thrust arms about the 

effective s/c body axes and parallel respective thrust vectors. The thrust level Fth of one 

microthruster and the thrust arms  can be 

expressed as constants (Sidi 1997), where  and . With 
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the defined constants the torques about the body axes can be expressed as: 

 (7-25) 

where  indicate the positive or negative torque direction of thruster j (Figure 35). The defined 

thrust vector matrix is the basis for deriving further properties of the reaction thrust spin-control.  

The micropropulsion system is dimensioned by the total number of required thrust pulses and the 

total impulse necessary for controlling MEMOS. For deriving the mentioned characteristics all 

necessary maneuver during mission lifetime are analyzed in the next two paragraphs. Thereby it is 

distinguished between slew and spin maneuvers.  

SLEW MANEUVER DESIGN 

According to Eq. 7-26, the total number of required thrusts  to keep MEMOS sun-pointed depends 

on the number of slews per maneuver , the number of active thrusters  and the maneuver 

required for compensating precession (item 4.5.2) of the spin-axis due to external disturbances. 

Defining  as nominal thrust force level and taking  as thrust time in Eq. 7-27 gives 

the total required impulse . 

SUN TRACKING MANEUVER   

Number of required pulses:  (7-26) 

Total Impulse:  (7-27) 

The same applies to the reorientation maneuver design which is intended to provide a   

spin-axis slew maneuver capability e.g. in case of initial re-orientation after detumbling and spin-up. 

REORIENTATION MANEUVER   

Number of required pulses:  (7-28) 

Total Impulse:  (7-29) 

After implementation the thrusters will not be fully aligned with the respective axes about which 

they shall produce a torque nor will the thrust arms be equal. There will always be small deviations 

resulting in error thrust torques. Assuming that a worst case total thruster misalignment of  is 

effective at all maneuvers an error momentum  results which requires  thrust pulses and thus 

the total impulse  to correct the accumulated error.  
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THRUSTER MISALIGNMENT   

Misalignment momentum error  (7-30) 

Number of required pulses  (7-31) 

Total Impulse:  (7-32) 

The total burn time  is the sum of all maneuvers times. 

SPIN MANEUVER DESIGN 

The initial spin-up of the spacecraft is performed by a constant thrust pulse producing an impulse  

which accelerates the spin-axis to the required rate.  

SPIN-UP MANEUVER   

Number of required pulses n:  (7-33) 

Total Impulse:  (7-34) 

Assuming that the torque resulting from aerodynamic drag only is effective about the spin-axis 

represents the worst case momentum  which will accumulate during mission lifetime slowing 

down the spin rate. Defining the threshold for intervening at 1% spin rate deviation requires two 

pulses for spin-axis adjustment meaning a total impulse of . 

SPIN-MAINTANENCE MANEUVERS  

Spin disturbance momentum  (7-35) 

Number of required pulses n:  (7-36) 

Total Impulse:  (7-37) 

Initial detumbling is performed by three constant pulses  removing the initial momentum  

produced by the release mechanism. Thus the thrusters need to come up with an impulse . 

DETUMBLING MANEUVER  

Number of required pulses n:  (7-38) 

Total Impulse:  (7-39) 

PROPELLANT MASS AND NUMBER OF THRUSTS 

With the defined maneuvers a worst case scenario is considered meaning that the actual maneuvers 

will very likely request less thrust pulses and a smaller total impulse. However, summing up the 

above results leads to a total number of thrust: 
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 (7-40) 

meaning 326 thrust pulses per active thruster. Nominally only two thrusters are needed for spin-axis 

slewing. 

The total number of thrust pulses producing spin momentum:  

 (7-41) 

meaning 7 thrust pulses per active thruster, because two thrusters execute the spin maneuvers. 

The second important characteristic the micropropulsion system has to provide is the total impulse: 

 (7-42) 

which leads to the required propellant mass of:  

 (7-43) 

with a security factor of 4. 

FURTHER DESIGN CHARACTERISTICS 

The design characteristics above suggest a tank size of about 0.03 liters. The smallest available tank 

on the market is a spherical titanium pressure vessel, part number 80326-1, form ATK (ATK 2007) 

with a volume of 3.8 liters and a weight of 1.5 kg. That means one has the option for space-qualifying 

a smaller commercial off the shelf tank, accepting the extra propulsion or using the extra propulsion 

for orbit maneuvers at Mars like formation flight, which will be discussed in 7.7. For this study the 

mentioned pressure vessel (ATK 2007) is scaled down in size to 0.12 liters and in weight to 0.2 kg, 

assuming either a new carbon-fiber tank is developed or an existing commercial tank will be space-

proven with these characteristics. Such a tank size is able to carry the required 37g of propellant at 

the operating pressure levels. 

With the minimal thrust force level  a momentum for slewing the spin-axis by: 

 (7-44) 

is theoretical feasible if the sensors provide the necessary accuracy in the same order of magnitude. 

That means nutation damping better than 0.01° is theoretically possible by applying a transverse 

momentum opposite to the momentum responsible for nutation. This can be performed in the 

denutation zone illustrated by (Mungas 2003) in Figure 36. 
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FIGURE 36: DENUTATION MANEUVER (MUNGAS 2003) 

7.4.4. Wheel Control 

Since the disturbance torques in the Martian environment are very low and the mission lifetime of 

two Martian years is very short an attitude control system with no external momentum capability is 

also considered. That means the mission is over after saturation of the momentum wheels. In the 

following a principle is suggested and a worst case maneuver analysis is performed. 

PRINCIPLE: TWO WHEELS IN V-CONFIGURATION  

Instead of placing one reaction wheel along each SCB axis MEMOS can be fully controlled only via 

two wheels in V-configuration. The principle is illustrated in Figure 37A where two wheels  and  

are placed in the yB-zB plane inclined to the zB-axis by an angle . The momentums  and  

introduced by the two wheels result in the total momentum:  

 (7-45) 

 (7-46) 

Both wheels have the same momentum (  in Figure 37B which means  is equal to the 

spin momentum  providing the required gyroscopic stiffness, but only if spun-up on the PARENT 

s/c otherwise the system net momentum will still be zero (item 4.6).  
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FIGURE 37: PRINCIPLE OF WHEELS IN V-CONFIGURATION 

For changing the s/c orientation one wheel needs to be accelerated or decelerated to introduce a 

momentum along the yB-axes, which slews the spin axis. In case one wheel fails a third wheel  is 

placed along the yB-axes to control the orientation of  (i = 1 or 2) with  like depicted in Figure 

37C where: 
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 (7-47) 

 (7-48) 

It should be noticed that there are no capabilities for compensating external disturbance torques 

effective about the xB-axes. Such disturbances will cause nutation which has to be removed with 

some kind of damper or a fourth wheel has to implemented in a classical three-axis attitude control 

configuration. Further details are discussed in (Sidi 1997). 

MOMENTUM AND TORQUE REQUIREMENTS 

In the following the torque and momentum storage requirements are analyzed based on the Eq. 7-45 

to 7-48 and a mission lifetime LT of one Martian year. 

MOMENTUM FOR   

Spin-Up  (7-49) 

Spin Maintenance  (7-50) 

Detumbling  (7-51) 

Slew maneuver  (7-52) 

where for spin maintenance a constant aerodynamic drag torque (4.5.1) within 15% of the orbital 

period is assumed and a wheel mounting angle of . In terms of detumbling the scenario in 

7.4.1 is baseline. The slew maneuver does not produce an accumulating momentum, but the wheels 

need to store the momentum necessary for one slew maneuver. That leads to a total momentum for 

the main and the spare wheel of: 

TOTAL MOMENTUM   

Per momentum wheel: 
 

 
(7-53) 

For spare wheel:  (7-54) 

where the sum of the momentums  has to be doubled that in case of a wheel failure enough 

momentum can be stored to allow a back-up operation with the spare wheel (Figure 37B).  

The required torque capability is determined by the slew maneuver characteristics as follows: 
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TORQUE CAPABILITY   

Per Momentum wheel:  (7-55) 

Spare wheel:  (7-56) 

HARDWARE SELECTION 

There aren’t many momentum or reaction wheels available which comply with the low momentum 

and torque requirements derived in the above paragraph. Two momentum wheels fulfill the 

requirements. The Dynacon™ µWheel 200® has the characteristics in (Dynacon 2007), but it just 

meets the momentum storage requirement to 80%.  The Reaction Wheel RW90® form Astro und 

Feinwerktechnik Adlershof™ GmbH on the other hand has with the specifications in Table 17 a 60% 

momentum storage margin and a torque margin of 300%.  

TABLE 17: REACTION WHEEL RW90® SPECIFICATION (ASTRO 2006) 

REACTION WHEEL RW90® 

 

Momentum Storage 0.36  Nms 

Max. Torque (linear range) 0.015 Nm 

Mass 0.9 kg 

Power steady state 1.2  W 

Power maximum 9 W 

Temperature Range -15 to 50 °C 

 

The spare wheel requirements are met by both wheels with great margins > 200%. In terms of mass 

the Dynacon™ µWheel 200® weighs 130 grams less, but in terms of implementation a simple solution 

has to be pursued where only one type of wheel is selected for the spare wheel Wy and the 

momentum wheels W1 und W2. The total system with three RW90® wheels has a mass of 2.7 kg and 

the nominal power demand of 2.4 Watts. 

The topic nutation damping is not investigated in this study because the micropropulsion system is 

the preferred option.   

7.4.5. Option Evaluation and Selection 

The overall system characteristics of the micropropulsion control system and the wheel control 

system are very similar in terms of power and mass. The micropropulsion system has an advantage in 

mass whereas the wheels have an advantage in nominal power demands.  

However, considering the fact that an ACS based on wheels has no external momentum capabilities 

the micropropulsion system is preferred. Let’s assume that during orbit insertion an unexpected 

failure of the release mechanism causes MEMOS to tumble with 6 °/s instead of 2 °/s. That would 
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already bail out the momentum storage margin. Another issue is important when the gravity 

gradient does not equal out over the orbits but a resonance occurs due to the drift of the right 

ascension of ascending node. That would result in additional external momentum applied to MEMOS 

which has to be compensated by the damping mechanism. Regarding these facts the 

micropropulsion system has clear advantages because it can compensate all external momentums 

with flexible propellant resources. 

Moreover MEMOS can even have the capability of orbit control because orbit perturbations on Mars 

are small due to the missing intrinsic magnetic field and the low atmospheric density. That would 

allow an orbit control with low thrust levels. A detailed analysis has to be performed for further 

evaluation.  

Considering the technology demonstration necessity within ESA’s NEXT Exploration Program even 

formation flight demonstration at Mars should be considered, which would lead to small 

modifications on the system, but one could built on the design and experience made in the 

rendezvous and formation flight mission PRISMA. Suggestions in terms of formation flight 

modifications on the ACS are made in item 7.7. 
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7.5. ADCS Concept 

ARCHITECTURE 

Based on the analyses and recommendations in item 7.3 and 7.4 the ADCS architecture is illustrated 

in Figure 38. The HCI and the 2-axis sun sensor will acquire the nadir and sun vector respectively. 

That is sufficient information for absolute three axis attitude determination in the MCI frame. But 

since HCI measurements cannot be performed throughout the whole orbit a 3-axis rate sensor unit 

will support the spin-phase determination. Additionally it serves as monitor for the dynamical motion 

in terms of precession and nutation. The coarse sun sensors will operate whenever the system jumps 

into safe-mode and right after release to support detumbling and reorient MEMOS towards the sun. 

As reference for sun sensor measurements a sun model has to be implemented which gives the 

position of the sun in the MCI frame. 
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FIGURE 38: ADCS ARCHITECTURE 

Moreover an ephemeris update has to be uplinked from PARENT to MEMOS every couple orbits to 

update its orbit propagator or simply provide ephemeris information for the coming orbits. The 

dynamical motion and the attitude information will serve as input parameter for the ACS to exactly 

trigger the slew maneuvers and damp nutation.  

MODE DESCRIPTION 

The next level structure of the system is the mode diagram which is the basis for ADCS software and 

modeling. The system basically consists of three modes like illustrated in Figure 39. The Safe mode is 

the central mode which is entered after boot/re-boot of the system or if any failure occurs. It is 

automatically coupled with the Acquisition mode to autonomously detumble and reorient MEMOS 

towards the sun for powering the s/c. Furthermore in that mode it will be possible to uplink a state 

machine preprogrammed algorithm to slew the spin axis. 
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FIGURE 39: ADCS MODES 

The nominal mode has three submodes and can only be entered via command from ground. When 

entered the central mode is the Science Mode. In this mode attitude is determined and the 

dynamical motion as well as the spin phase is monitored. When the deviations in attitude (+/- 8° sun 

pointing) are exceeded the Spin Axis Slew mode will be entered autonomously which reorients 

MEMOS towards the sun and actively damps the nutation. The same procedure will be initiated 

when the spin rate does not comply with the required gyroscopic stiffness. In this case the Science 

mode will be autonomously left and the Spin Maneuver mode entered to adjust the spin rate. The 

same mode also serves for initial spin-up of MEMOS.  

The cruising mode is a passive mode which is activated during launch and the transfer to Mars. 

Thereby health data is available to check the system. Moreover in this mode and right before release 

the rate sensors are adjusted with reference to the PARENT attitude information thus reducing the 

drift effect and enabling an accurate initial detumbling. 
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7.6. Dynamics Modeling  

A general dynamics model including attitude dynamics, orbit dynamics and disturbance torques on 

Mars is currently under development for MatLab® Simulink. The model is based on standard 

simulation libraries developed by SSC and partners for earth environment and in the course of this 

work adapted for Mars conditions. A block diagram showing the first level of the modle is depicted in 

Figure 40. 

 

FIGURE 40: FIRST LEVEL OF ATTITUDE DYNAMICS SIMULATION MODEL 

The orbit dynamics block simply integrates the product of mass and external forces affecting the s/c 

to acquire the velocity vector which is integrated to get the s/c position. The attitude dynamics block 

provides the relation between torques acting upon the s/c and the resulting SCB rate and 

momentum. The inside structure of the forces and torques block is shown in Figure 41. 

 

FIGURE 41: ATTITUDE SIMULATION MODEL - FORCES AND TORQUES BLOCK 
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The forces only regard aerodynamic drag and gravity gradient for reasons stated in item 4.5.1. Based 

on the inertia tensor, s/c mass, velocity, attitude quaternion and position in MCI the forces and 

torques described in the SCB are simulated. The models cannot be described in more detail because 

their implementation is SSC proprietary. 

The timeframe of this work did not allow running simulations. Nevertheless the model is in a late 

development stage where the right initial conditions have to be defined for acquiring the following 

suggested simulations: 

I) Simulation of s/c dynamics with external disturbance torques over several orbits to 

monitor precession and nutation of the spin-axis with the s/c properties. 

II) Slew maneuver simulation with error propagation analysis of several errors resulting 

from thrusters misalignment, initial attitude errors, unbalanced s/c, etc. 

Considering simulation I) an accurate density model like the Mars GRAM model should be 

implemented (Justus 2000). Currently a simple exponential density model like in ANNEX-4 is 

implemented. 

For simulation II) a rhumb-line maneuver with the mentioned errors is to be performed. Models for 

implementing such a maneuver are described in (van der Ha 2006). Further valuable information can 

also be obtained from the Planck satellite of ESA’s Herschel and Planck mission (Llorente 2005), 

which implements the attitude control capabilities MEMOS is intended to have besides the looser 

accuracy requirements for MEMOS. 

7.7. Optional Formation Flight Demonstration 

The micropropulsion system dimensioning in 7.4.3 shows that MEMOS has a great surplus of 

propellant when implementing the nominal design tank with 800 grams of propulsion. That extra 

propulsion can be used for possible formation flight demonstrations. Therefore the changes 

described in the following paragraphs are to be made. 

The micropropulsion system has to be expanded by adding at least one more thrust POD along the 

xB-axis with the thrust vectors perpendicular to the P1 and P2 vectors in Figure 35. That enables to 

apply a  to the s/c along the zB-axis. For redundancy two thrust PODs are to be placed 

symmetrically about the yB-axis. 

However two key issues have to be addressed. The relative position determination between MEMOS 

and PARENT has to be analyzed for accurate formation flight. Here the ranging and Doppler 

capabilities of the ELT sensor systems are primarily to be taken into account and in addition 

principles used on the PRISMA experiments. Another issue is the sensing of the small thrust levels 

the micropropulsion system has. Here the development in (Grönland 2006) concerning a closed loop 

thrust feedback with an integrated accelerometer is from interest. 
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8. Satellite Architecture 

The satellite architecture in Figure 42 is the symbiosis of all subsystems to the detached and 

autonomously flying instrument MEMOS. It can be seen that the system complexity is very simple 

compared to other scientific satellites. Thus MEMOS is rather an instrument than a satellite. 
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FIGURE 42: SATELLITE ARCHITECTURE 
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9. Spacecraft Configuration 

Combining s/c design aspects in items 6 to 8 the MEMOS s/c configuration is illustrated in Figure 44 

to Figure 45. All dimensions are based on manufacturer datasheets or derived from existing designs. 

Throughout all design iterations the design concept of a spinning “disk” was followed and 

incorporated as depicted.  

 

 

FIGURE 43: MEMOS CONFIGURATION  – TOP AND SIDE VIEW 

In Figure 43 MEMOS is dimensioned in the side view. It has a diameter of 2.06 m when the 

magnetometers are deployed and 1.35 m in the un-deployed state. With the height of 0.35 m the 

envelope for placing MEMOS on the PARENT satellite is defined. Although the body has only a 

diameter of 0.6 m the greater cross section of 1.35 m is required on PARENT because in case of a 

separation failure no instrument placing below MEMOS’ solar array is acceptable. Moreover different 

subsystems are indicated in Figure 43. 

Figure 44 shows the line-up of the instruments with their bore sight axes and field of views (FOV) 

depicted in yellow. The specifications and characteristics are taken from the payload description in 

(Leblanc 2007). 
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FIGURE 44: MEMOS CONFIGURATION – PAYLOAD LINE-UP 

MEMOS’ inside line-up of subsystems and instruments is illustrated in Figure 45. The instruments are 

depicted in yellow and further subsystems are indicated.  

 

FIGURE 45: MEMOS BODY CONFIGURATION 
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10. Spacecraft Characteristics 

This item summarizes the characteristics derived in the subsystem design and expresses them in 

terms of mass, power and technology readiness of the system. The design has been undergoing four 

iterations before acquiring the following characteristics. 

MASS BUDGET 

The mass budget in Table 18 is a summary of mass properties derived in the system design. Thereby 

all mass values are based on manufacturer datasheets or derived from existing satellites. A detailed 

mass budget is listed in ANNEX-2. 

TABLE 18: MASS BUDGET SUMMARY 

MASS BUDGET 

 SUBSYSTEM KG 

MEMOS 

Payload 1.50 
Communication Package 2.70 
Attitude Determination System 1.00 
Attitude Control System  2.07 
Satellite Management Unit 2.70 
Structure & Mechanisms 2.95 
Thermal 0.25 
Power 3.22 

N2-Propellant 0.04 

MEMOS total 16.39 

PARENT 

Communication 2.50 

Ultra Stable Oscillator 1.00 

Release Mechanism 1.20 

PARENT total 4.70 

TOTAL 

System 21.09 

Margin 20 % 

System with margin 25.11 

 

A key characteristic of scientific satellites is the payload to s/c dry mass ratio which is 9.2 % if we do 

not consider the communication package (COP) as payload. If occultation measurements are to be 

performed then it is legitimate to include the COP on the payload’s side resulting in a ratio of 25.6 %. 

A ratio between both values seems to be quite suitable compared to other scientific satellites like 

Mars Express with a 26 % and Venus Express with a 15 % ratio. Of course 9.2 % is very low, but one 

has to keep in mind that microsatellites in general have a lower ratio like Astrid-1 with 16 %. In this 

comparison Astrid-1 is an earth mission and MEMOS a Mars mission which means that there is less 

power available and no groundstation network like on earth thus requiring more sophisticated and 

larger subsystems degrading the ratio. 
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POWER BUDGET 

The power budget in Table 19 as well as the mass budget is a summary of power properties derived 

in the system design. All values are based on datasheets from manufacturers and derived from built 

satellites. 

TABLE 19: POWER BUDGET SUMMARY 

POWER BUDGET 

 SUBSYSTEM W 

MEMOS 

Payload 5.3 
Communication Package 65.0 
Attitude Determination System 5.1 
Attitude Control System  6.4 
Satellite Management Unit 9.0 
Thermal 5.0 

PARENT 
Communication 65.0 

USO 5.0 

TOTAL 

MEMOS  communication  88.0 

MEMOS  eclipse period 41.0 

MEMOS  maneuver & no communication 35.0 

MEMOS  science & no communication 40.0 

PARENT communication 70.0  

PARENT no communication 0.0 

 

MEMOS overall power is categorized in four different scenarios which represent the power demands 

during mission lifetime: 

1) MEMOS communication: communication with PARENT and science measurements; ADS 

is in power down mode.  

2) MEMOS eclipse periods: COP, ADCS and payload are in power down mode. heaters 2 x 

power 

3) MEMOS  maneuver & no communication: ADCS on, COP and payload in power down 

mode 

4) MEMOS  science & no communication: Payload and ADCS on, COP in power down mode 

During the different scenarios the satellite management unit is always powered as well as the 

heaters. On PARENT it has only to be distinguished between communication and no communication. 
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MOMENT OF INERTIA TENSOR 

The inertia tensor has been undergoing an evolutionary process during the different system design 

iterations. The first two iterations were based on a cylindrical model with the required mass and 

symmetry specification:  

SIMPLE CYLINDRICAL MODEL 

1st  iteration   

2nd  iteration   

The third iteration tensor is computed by the three dimensional modeling software CATIA® V5 based 

on the mass distribution of the s/c configuration illustrated in item 9. The missing cabling and tubing 

in the s/c model is regarded by adding a dummy mass representing the additional mass distribution 

to realistically determine the moments of inertia. The inertia tensor about the SCB axes is as follows: 

3D CAD MODEL 

3rd  iteration   

Furthermore the offset from the model’s center of mass to the origin of the SCB frame is computed.  

The offsets are  and  from the -axis which shows that the s/c 

mass distribution is almost perfectly balanced about the -axis, which also represents the 

geometrical symmetry axis. That fact can also be seen in the small side products of the computed 

inertia tensor.  

However, for preliminary analytical analysis and the final s/c design it is advantageous to have axial 

symmetry with respect to the -axis. That requires that there are no side products which is almost 

the case and that the moments of inertia about the xB and yB axis are equal. The transverse moments 

of inertia are not equal in the current model which required some proper assumptions leading to the 

system design baseline inertia matrix.  

BASELINE INERTIA TENSOR 

  

The equalization of  and  to 1.0 is the average of both values and has to be achieved in the next 

design step through a smart placing of components and additional balance mass. Only in this case a 

passive-stable spin motion can be achieved. 
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TECHNOLOGY READINESS LEVEL 

The technology readiness level (TRL) defined by NASA and adapted by ESA provides a scale to 

estimate the development status of a system or subsystem. According to the definition in Table 20 

the MEMOS overall system design can be put on TRL 3. The System drivers ELT and micropropulsion 

are on level 6-7 whereas the separation mechanism is on TRL 9. The MEMS engineered sensors as 

well as the satellite management unit are on TRL 4 and TRL 2 respectively. Normally the MEMOS 

overall system should have no greater level then the most immature subsystem, but an overall TRL 3 

because the satellite management hardware undergoes rapid development and will be based on the 

PRISMA design. 

TABLE 20: TECHNOLOGY READINESS LEVEL 
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11. Conclusions 

This study provides a first mission profile and system design for a Martian microsatellite. It addresses 

the key issues and shows that the system design can cope with them as well as with the defined 

requirements. In this manner various specific evaluations and conclusions are made in the respective 

items. The most important ones are summarized in the following paragraphs.  

The mission profile defines the scenario from launch to release and operation at Mars. With the 

selected orbit an optimal trade-off is performed between scientific objectives and communication 

requirements. The analysis clearly shows the stringent dependencies of communication and orbit 

selection.  In addition first worst case values for the environmental disturbance torques are predicted 

showing that the disturbance environment at Mars is very weak compared to the earth environment, 

which even allows an attitude control without external momentum capabilities. 

With the mission profile as framework the general system design is at a level where a complete 

spacecraft configuration is implemented in a three dimensional model. Thereby all model 

characteristics evolve from the subsystem design process which complies with the design 

requirements and is based on manufacturer specifications or derived from actual satellites. That 

provides a realistic model for derivation of several spacecraft properties – like e.g. the inertia tensor 

or the thrust matrix – required as input for further simulations and analyses. 

The ADCS is analyzed and evaluated in terms of feasible principles, mass and power demands. A 

baseline attitude determination and control system is recommended. In this context different trade-

offs are made, which show that new technology developments like MEMS can significantly reduce 

the mass of sensors and still provide sufficient accuracy to determine the attitude < 1.15°. In case of 

the micropropulsion system MEMS technology even enables theoretical maneuver accuracies 

<  if there were suitable attitude sensors for microsatellites with such an accuracy. 

The micropropulsion system will not only enable attitude control, but it can even with small 

modifications provide MEMOS with  capability. That could enhance the nominal mission profile 

with orbit control or even formation flight. The scope, in which such maneuvers can be performed 

within the system design, however, requires further analysis. 

Considering the system as a whole it can be stated that the mission profile as well as the system 

design comply with the scientific objectives. Moreover MEMOS adheres to the stipulated mass 

budget with a margin of 20%. This is achieved by implementing new technology which is currently 

under development and will be space proven for the timeframe of ESA’s Cosmic Vision program. 

Being the first microsatellite at Mars with autonomous navigation and communication MEMOS will 

be a precursor for a new generation scientific instrument rather than a satellite. It will perform never 

before possible scientific observations in a satellite constellation at Mars.  
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12. Outlook 

The system design of the microsatellite demonstrates feasibility sufficient enough for a pre-phase A 

study. Nevertheless there are topics which should be addressed in further studies. Form the scientific 

point of view it is worth to analyze the technical feasibility of radio-occultation measurements via 

omnidirectional antennas in the UHF frequency range. In this context multipath effects caused by 

reflections on the s/c and eventual multiple waves received from the PARENT should be taken into 

account. The second topic to be investigated is the orbit determination from relative position 

measurements between MEMOS and PARENT. Valuable is an analysis and simulation demonstrating 

what kind of accuracy one can expect and how frequently are such measurements necessary to keep 

MEMOS orbital position updated. 

The attitude control system is designed, the feasibility is proven and a dynamic simulation model is 

developed. That model can be used to demonstrate the inherent stability of MEMOS when subjected 

to external disturbances. In the next step algorithms for autonomous spin-axis slewing are to be 

developed and implemented for simulation. Based on it an error propagation analysis with a 

resulting pointing accuracy can be performed. In this context “the wheel shall not be reinvented” 

because for the slowly (1 rpm) spinning Planck s/c of ESA’s Herschel Planck mission (Llorente 2005) 

the first and most advanced autonomous attitude control is developed and now in operation.  

Moreover formation flight simulations are valuable to demonstrate their feasibility. In this context 

also further and concrete objectives for formation flight should be defined besides the technology 

demonstration aspect, which itself is already valuable considering ESA’s Aurora exploration program. 

Thereby one should also make use of the design and experiences made in SSC’s PRIMSA formation 

flight demonstration mission, which will be launched 2009. 

In terms of programmatic issues it should be mentioned that MEMOS is an essential part of the 

MEMO proposal for ESA’s Cosmic Vision program as accompanying microsatellite Mjolnir. 

Moreover after a workshop at the Attitude Control and Orientation Division at the Keldysh Institute 

of Applied Mathematics of Russian Academy of Sciences in Moscow, where the system design has 

been discussed, the institute will take up the work on the attitude topic and perform further analyses 

based on the results of this study. 

Once the design of MEMOS is completed it is anticipated to have a previous launch in the earth 

magnetosphere to perform science and to validate the system design. Such a mission can be national 

or bilateral. 

In general MEMOS is eligible as a companion for various Mars missions that require constant solar 

wind and radiation monitoring, whether it is science or human spaceflight related. 

 



MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

65 

13. Bibliography 

Antos, Dimitrios. „Mars Technology Program.“ Communications and Tracking Technologies 

for Mars Exploration. Pasadena: Jet Propulsion Laboratory, 2006. 

Astro. „Datasheet.“ Reaction Wheel RW90. Berlin: Astro und Feinwerktechnik Adlershofen 

GmbH, 2006. 

ATK. ATK Space Systems. 08 01, 2007. http://www.psi-

pci.com/Data_Sheets_Library/DS326.pdf. 

BAE. „Datasheet.“ MRS MEMS Rate Sensor. BEA Systems, 2007. 

Barabash, Stas. „Martian Atmospheric Erosion Rates.“ Science, 26. 01 2007: 501-503. 

Blomberg, Lars. „ASTRID-2: An Advanced Auroral Microprobe.“ In COSPAR 

Microsatellites as research tools, von Fei-Bin Hsiao, 57-62. Oxford: Pergamon Press, 1999. 

C&H. „Datasheet.“ Model 1179 - Low Imparted Impulse Connector. Camarillo, USA: C&H 

Technology, Inc., 2007. 

CCSDS. „Standard.“ Proximity-1 Space Link Protocol. St. Hubert: Consultive Committee for 

Space Data Systems, 2004. 

CDF. ESA - Concurrent Desing Facility (CDF). 2007. http://www.esa.int/SPECIALS/CDF/. 

Chobotov, Valdimir A. Spacecraft Attitude Dynamics and Control. Malabar, Florida, USA: 

Krieger Publishing Company, 1991. 

Czichos, H. Das Ingenieur-Wissen. Berlin: Springer-Verlag, 2004. 

Dimroth, F. „3-6 Junction Photovoltaic Cells for Space and Terrestrial Applications.“ 31th 

IEEE Photovoltaic Specialists Conference (PVSEC). Freiburg: Fraunhofer Institute for Solar 

Energy Systems, 2005. 

Dynacon. „Datasheet.“ Dynacon Micro Wheel 200. Ontario: Dynacon, 2007. 

ECSS. „ECSS-E-50-02A.“ Ranging and Doppler tracking. Nordwijk: ESA-ESTEC, 2005. 

ESA. Aurora Exploration Program. 2007. http://www.esa.int/SPECIALS/Aurora/index.html. 

—. „Science and Technology.“ Cosmic Vision 2015-2025. 2007. http://sci.esa.int/science-

e/www/area/index.cfm?fareaid=100. 

Flinn, Edward D. „Microscopic radiators fly on satellites’ “skin”.“ Aerospace America, 2006: 

24-25. 

Grönland, Tore-Arne. „Miniaturization of Components and Systems for Space using MEMS-

Technology.“ International Astronautical Congress. Valencia: NANOSPACE, 2006. 

Honeywell. „Datasheet.“ Q-Flex® QA-3000. Honeywell, 2006. 

Hornby, Gregory S. Automated Antenna Design with Evolutionary Algorithms. Moffett Field: 

NASA Ames Research Center, 2004. 

Jørgensen, P.S. „The micro advanced stellar compass for ESA's Proba 2 mission.“ 6th IAA 

Symposium on Small Satellites for Earth Observation. Berlin: Technical University of 

Denmark, 2007. 

Judge, D.L. „An Optics Free Spectrometer for the Extreme Ultraviolet.“ Nuclear Instruments 

and Methods, 1994: p.472. 

Justus, C.G. „Mars Global Reference Modle 2000 version.“ Users Guide. NASA - Marshall 

Space Flight Center, 2000. 

http://www.psi-pci.com/Data_Sheets_Library/DS326.pdf
http://www.psi-pci.com/Data_Sheets_Library/DS326.pdf
http://www.psi-pci.com/Data_Sheets_Library/DS326.pdf
http://www.esa.int/SPECIALS/CDF
http://www.esa.int/SPECIALS/Aurora/index.html
http://sci.esa.int/science-e/www/area/index.cfm?fareaid=100
http://sci.esa.int/science-e/www/area/index.cfm?fareaid=100
http://sci.esa.int/science-e/www/area/index.cfm?fareaid=100


MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

66 

L3 Communications. „Datasheet - C/TT-510 Electra-Lite.“ UHF Proximity Link Transceiver. 

Mason, USA: L3 Communications Cincinnati Electronics, 2006. 

Leblanc, Francoise. MEMOS Mars Environment and Magnetic Orbiter. Proposal within 

ESA's Cosmic Vision program, Paris: Université Pierre et Marie Curie, France, 2007. 

Llorente, Salvador. „Planck ACMS: Autonomous and Precise Control for Slowly Spinning 

Satellites.“ Proceedings of the 6th International ESA Conference on Guidance, Navigation 

and Control Systems. Loutraki, Greece: SENER, 2005. 

Lundin, R., und S. Barabash. „Solar Wind-Induced Atmospheric Erosion at Mars: First 

Results from ASPERA-3 on Mars Express.“ Science VOL 305, 2004: 1932-1936. 

McFadden, Lucy-Ann. Encyclopedia of the Solar System. San Diego: Elsevier, 2007. 

Messerschmid, E. Raumfahrtsysteme. Heidelberg: Springer-Verlag, 2005. 

Mungas, Greg S. Precision ADCS of a Spinning Spaceraft for the Mars Aeronomy Explorer 

Mission. Pasadena, USA: Jet Propulsion Laboratory, 2003. 

NASA Goddard Space Flight Center. Planetary Fact Sheet - Metric. 2006. 

http://nssdc.gsfc.nasa.gov/planetary/factsheet/index.html. 

NASA. „Mars Relay Description for Scout Proposals.“ NASA, 2006. 

Pedersen, Martin. „Lienar two-axis MOEMS sun sensor and the need for MEMS in space.“ 

International Astronautical Congress. Bremen: Technical University of Denmark, 2003. 

Persson, Staffan. PRISMA - An Autonomouse Formation Flight Mission. AIAA Guidance, 

Navigation and Control Conference, Solna, Sweden: Swedish Space Corporation, 2006. 

Prezzavento, Antonio M. 3-axis Micro Gyroscope Feasibility Study. Stevenage, England: 

Astrium Ltd., 2004. 

Psiaki, Mark. „Autonomouse Orbit Determination for Two Spacecraft from Relative Position 

Measurements.“ Journal of Guidance, Control and Dynamics, 1999: Vol.22. 

Saft. „Datasheet.“ Rechargeable Li-ion battery systems. Bagnolet: SAFT, 2006. 

Servo. „Servo Products.“ Servo Corporation of America. 01. 08 2007. 

http://www.servo.com/minihci.htm. 

Sidi, Marcel J. Spacecraft Dynamics & Control. Cambridge: Cambridge University Press, 

1997. 

van der Ha, Jozef C. „Models for Rhumb-Line Attitude Maneuvers.“ Journal of Guidance, 

Control, and Dynamics - Vol. 29, 2006: 1384 -1389. 

Vignes, D. „The Solar Wind interaction with Mars.“ Geophysical Research Letters, Vol. 27, 

1. January 2000: 49-52. 

Wertz, J. Space Mission Analysis and Design. El Segundo: Microcosm Press, 1999. 

Wertz, James. Spacecraft Attitude Determination and Control. Dordrecht, Holland: Reidel 

Publishing Company, 1978. 

Wiesel. Spaceflight Dynamics. McGraw-Hill Science, 1978. 

Xapsos, M.A. „Technology Readiness Overview.“ CMOS Ultra-Low Power Radiation 

Tolerant (CULPRiT) Integrated Circuits. NASA Goddard Space Flight Center, 2003. 

 

http://nssdc.gsfc.nasa.gov/planetary/factsheet/index.html
http://www.servo.com/minihci.htm


MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

67 

14. List of Acronyms 

µASC Micro Stellar Compass 

ACS Attitude Control System 

AD Attitude Determination 

ADCS Attitude Determination and Control 

CDPU Central Digital Processing Unit 

COP Communication Package 

DTU Denmark Technical University 

ELT Electra LiTe 

EOL End of Life 

HCI Horizon Crossing Indicator 

IMB Induced Magnetic Boundary 

IRF Swedish Institute of Space Physics 

JPL Jet Propulsion laboratory 

LTU Lulea University of Technology 

MAG Magnetometer 

MCI Mars Centered Inertial 

MEMO Mars Environment and Magnetic Orbiter 

MEMOS Mars Environment Monitoring Satellite 

MEMS Micro-Electro-Mechanical System 

MLI Multilayer Insulation 

MOEMS Micro Opto Electro-Mechanical System 

MSE Mars Solar Ecliptic 

PAN Particle Analyzer 

PCDU Power Control and Distribution Unit 

REM Radiation Environment Monitor 

S/C Spacecraft 

SCB Spacecraft Body 

SMU Satellite Management Unit 

SSC Swedish Space Corporation 

SUP Solar UV Photometer 

TBC To Be Confirmed 

TBD To Be Defined 

TM/TC Telemetry and Command 

TT&C Telemetry, Tracking and Command 



MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

68 

15. List of Figures 

FIGURE 1: MARS ATMOSPHERE  (LUNDIN UND BARABASH 2004) 1 

FIGURE 2: INDUCED MAGNETOSPHERE BOUNDARY AND BOW SHOCK  (LUNDIN UND BARABASH 2004) 2 

FIGURE 3: SYSTEM DEPENDENCIES (CDF 2007) 4 

FIGURE 4: DESIGN PHASES AND WORK BREAK DOWN 5 

FIGURE 5: OPERATION CONCEPT 8 

FIGURE 6: ORBIT SELECTION PARAMETER 8 

FIGURE 7: THREE DIMENSIONAL PLOT OF ORBIT, IMB AND BOW SHOCK 10 

FIGURE 8: COMMUNICATION LINK CHARACTERISTICS 11 

FIGURE 9: SOLAR WIND CONDITIONS 11 

FIGURE 10: ORBIT INSERTION SCENARIO (LEBLANC 2007) 14 

FIGURE 11: COMMUNICATION DEPENDENCIES 19 

FIGURE 12: PROBABILITY OF BIT ERROR RATE VS.  (J. WERTZ 1999) 20 

FIGURE 13: COMMUNICATION SUBSYSTEM LAYOUT 24 

FIGURE 14: RELEASE MECHANISM AND UMBILICAL CONNECTOR 28 

FIGURE 15: MARS INERTIAL REFERENCE FRAME 29 

FIGURE 16: MARS SOLAR ECLIPTIC SYSTEM 29 

FIGURE 17: LOCAL REFERENCE FRAME 29 

FIGURE 18: SPACECRAFT BODY FRAME 30 

FIGURE 19: SPINNING SPACECRAFT DYNAMICS WITH  (CHOBOTOV 1991) 31 

FIGURE 20: PRECESSION MOTION WITH  (CHOBOTOV 1991) 31 

FIGURE 21: MICRO ADVANCED STELLAR COMPASS (JØRGENSEN 2007) 32 

FIGURE 22: MOEMS SUN SENSOR (PEDERSEN 2003) 34 

FIGURE 23: MINI HCI (SERVO 2007) 34 

FIGURE 24: CHANGE OF PITCH AND ROLL ERROR BY SPIN STABILIZED S/C 34 

FIGURE 25: ATTITUDE SENSOR LINE-UP 35 

FIGURE 26: ATTITUDE DETERMINATION GAPS 36 

FIGURE 27: HCI A.D. GEOMETRY 36 

FIGURE 28: SUN SENSOR PRINCIPLE (PEDERSEN 2003) 37 

FIGURE 29: SPIN PHASE DET. - SUN SENSOR PLANE 37 

FIGURE 30: MEMS RATE SENSOR MRS® (BAE 2007) 39 

FIGURE 31: SPIN-AXIS SLEW DYNAMICS 41 

FIGURE 32: COMPLETE SLEW MANEUVER 41 

FIGURE 33: EFFECTIVE SLEW TORQUE (MUNGAS 2003) 42 

FIGURE 34: MICROPROPULSION SYSTEM  (GRÖNLAND 2006) 43 

FIGURE 35: THRUSTER LINE-UP 44 

FIGURE 36: DENUTATION MANEUVER (MUNGAS 2003) 48 

FIGURE 37: PRINCIPLE OF WHEELS IN V-CONFIGURATION 48 

FIGURE 38: ADCS ARCHITECTURE 52 

FIGURE 39: ADCS MODES 53 

FIGURE 40: FIRST LEVEL OF ATTITUDE DYNAMICS SIMULATION MODEL 54 

FIGURE 41: ATTITUDE SIMULATION MODEL - FORCES AND TORQUES BLOCK 54 

FIGURE 42: SATELLITE ARCHITECTURE 56 

FIGURE 43: MEMOS CONFIGURATION  – TOP AND SIDE VIEW 57 

FIGURE 44: MEMOS CONFIGURATION – PAYLOAD LINE-UP 58 

FIGURE 45: MEMOS BODY CONFIGURATION 58 

 



MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

69 

16. List of Tables  

TABLE 1: MEMO ORBIT PARAMETER _____________________________________________________________________________ 3 

TABLE 2: MARS CONSTANTS USED IN THIS STUDY _____________________________________________________________ 3 

TABLE 3: SCIENTIFIC OBJECTIVES ________________________________________________________________________________ 6 

TABLE 4: TECHNOLOGICAL OBJECTIVES _________________________________________________________________________ 6 

TABLE 5: OPERATION REQUIREMENTS __________________________________________________________________________ 7 

TABLE 6: KEPLERIAN ORBIT PARAMETER _____________________________________________________________________ 10 

TABLE 7: SPACECRAFT DESIGN REQUIREMENTS _____________________________________________________________ 16 

TABLE 8: PAYLOAD CHARACTERISTIC SUMMARY _____________________________________________________________ 18 

TABLE 9: DATA VOLUME BUDGET ______________________________________________________________________________ 21 

TABLE 10: SOLAR ARRAY CONSTANTS _________________________________________________________________________ 25 

TABLE 11: BATTERY DESIGN CONSTANTS _____________________________________________________________________ 26 

TABLE 12: µASC SPECIFICATION (JØRGENSEN 2007) _________________________________________________________ 32 

TABLE 13: MOEMS SUN SENSOR SPECIFICATION (PEDERSEN 2003) _______________________________________ 33 

TABLE 14: MINI HCI SENSOR SPECIFICATION (SERVO 2007) ________________________________________________ 33 

TABLE 15: SLEW TORQUE CONSTANTS ________________________________________________________________________ 42 

TABLE 16: MICROPROPULSION SYSTEM SPECIFICATIONS (GRÖNLAND 2006) ____________________________ 44 

TABLE 17: REACTION WHEEL RW90® SPECIFICATION (ASTRO 2006) ______________________________________ 50 

TABLE 18: MASS BUDGET SUMMARY ___________________________________________________________________________ 59 

TABLE 19: POWER BUDGET SUMMARY ________________________________________________________________________ 60 

TABLE 20: TECHNOLOGY READINESS LEVEL __________________________________________________________________ 62 

 

 



MARTIAN MICROSATELLITE TECHNICAL STUDY 

 

I 

17. Appendices 

ANNEX-1  

DETAILED POWER BUDGET 

 

Power Budget

power per 

unit [W]
communication

science  & no 

communication
eclipse period

maneuver & no 

communication
reference

Payload
2 MIPA 1,60 3,20 3,20 3,20 0,00 IRF
2 Magnetometer 0,80 1,60 1,60 1,60 0,00 IRF
1 Photometer 0,50 0,50 0,50 0,50 0,00 Soho (SEM)

SUM - 5,30 5,30 5,30 0,00

Communication
1 ELT 65,00 65,00 12,60 12,60 12,60 L3 communications

SUM - 65,00 12,60 12,60 12,60

ADS
2 Mini_HCI 0,02 0,00 0,04 0,00 0,04 Servo Corporation
5 Sun presence sensor 0,01 0,00 0,05 0,00 0,05 EADS Astrium
2 MOEMS sun sensor 0,01 0,00 0,02 0,00 0,02 DTU & JPL
1 Gyroscope MEMS 4,00 0,00 4,00 0,00 4,00 SEA (BAE Systems)
1 ADS- periph. electronics 1,00 0,50 1,00 0,50 1,00 N.D.

SUM - 0,50 5,11 0,50 5,11

ACS
ACS1

2 RW90 3,20 6,40 6,40 6,40 6,40 Astro Feinwerk
1 RW90 0,00 0,00 0,00 0,00 0,00 Astro Feinwerk

SUM - 6,40 6,40 6,40 6,40
ACS2

1 µthruster system 3,20 3,20 3,20 3,20 3,20 NanoSpace
SUM - 3,20 3,20 3,20 3,20

SMU
1 CU 3,00 3,00 3,00 3,00 3,00 PRISMA
1 PCDU 4,00 4,00 4,00 4,00 4,00 PRISMA
1 CDPU 2,00 2,00 2,00 2,00 2,00 PRISMA

SUM - 9,00 9,00 9,00 9,00

Thermal
4 Heaters 2,50 5,00 5,00 10,00 5,00 PRISMA

SUM - 5,00 5,00 10,00 5,00

Total Power

Option 1 (ACS1) 91,20 43,41 43,80 38,11
Option 2 (ACS2) 88,00 40,21 40,60 34,91 favourable

blue = key elements

Abbreviations: ACS Attitude Control System
ADS Attitude determination
CDPU Central Digital Processing Unit
CU Core unit
ELT Electra Lite communication system
HCI Horizon Crossing Indicator
MPCU Micropropulsion control unit
N.D. New Development
PCDU Power control and distribution unit

Solar Array Dimensions

Required solar array power 107 W
Margin factor 20%
Requ. solar array power with margin 129 W
Required array area 1,18 m^2
Resulting panel mass (struc., cab., cells) 2,37 kg

Battery Dimensions

Maximum eclipse period 84 min
Required battery capacity 100 Wh
Batterie type: 6 x Saft MPS 20 Wh
Provided battery capacity 120 Wh
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ANNEX-2  

DETAILED MASS BUDGET 

 

per unit [g] total [g]
subsystem 

total [g]
reference

MJOLNIR

Payload
2 MIPA 300 600 IRF
2 Magnetometer (with boom) 300 600 IRF
1 Photometer 300 300 1500 TBD (e.g. SEM SOHO)

Communication
1 ELT 2500 2500 L3 communications Cincinnati Electronics
2 Antenna 100 200 2700 QinetiQ

ADS
2 Mini_HCI 12 23 SERVO Corp.
1 Sun presence sensor 10 60 EADS Astrium
6 MEMS sun sensor 10 20 N.D. DTU & JPL
1 Gyroscope 3-axis 500 500 SEA
2 ADS-peripheral electronics 400 400 1003 N.D.

ACS
ACS1

2 RW90 900 1800 Astro
1 RW90(spare) 900 900 2700 Astro

ACS2
Propellant 40 40

2 Thruster Pods 112 224 NanoSpace
2 Thruster pod brackets 31 62 NanoSpace
1 Propellant Tank 200 200 1/7*Prisma (propellant = 1/10)
1 Tubing and fittings 300 300 NanoSpace
1 Filter 24 24 NanoSpace
1 Isolation valve 80 80 NanoSpace
1 Pressure relief valve 100 100 NanoSpace
2 Pressure transducer 120 240 NanoSpace
1 Pressure regulator 250 250 NanoSpace
1 Service Valve 178 178 NanoSpace
1 Tube support bridge 68 68 NanoSpace
1 Brackets, supports and fasteners 300 300 2066 NanoSpace

SMU
1 CU 600 600 1/3*Prisma -> redundant
1 CDPU 800 800 PRISMA(2/3 MPCU) + central Payload- and ADCS-DPU
1 PCDU 1000 1000 N.D.

Cabling 300 300 2700 3/4 Astrid-2

Structure & Mechanisms
3 Release hold-down mech. 36 108 2/3*Prisma (target)
1 Platform structure 1623 1623 carbon fibre sandwich panels (CFRP facings-aluminium honeycomb core)

Balance mass 650 650 3/4 Astrid2
Sec. structure 500 500 3/4 Astrid2

1 Umbilical connector 70 70 2951 G&H technology

Thermal
4 Heaters 50 200 TBC (e.g. Minco)

MLI & paint 53 53 253 3/4*Astrid2

PSU
1 Solar generator (struc., cells, cab.) 2318 2318 EADS Astrium solar generator center
6 Batteries 150 900 3218 SaftBatteries_MPS (failure of 1 cell assumed)

Option 1 (ACS1) 17025
Option 2 (ACS2) 16391

MEMO

1 ELT 2500 2500 L3 communications Cincinnati Electronics
1 Separation System 1200 1200 2/3*Prisma (main)
1 Ultrastable Oscillator 1000 1000

Total mass on MEMO: 4700

Total mass

System total mass: 21091
Margin factor: 20%
System total mass with margin: 25309

blue = key elements

Abbreviations: ACS Attitude Control System
ADS Attitude determination
CDPU Central Digital Processing Unit
CU Core unit
ELT Electra Lite communication system
HCI Horizon Crossing Indicator
MPCU Micropropulsion control unit
N.D. New Development
PCDU Power control and distribution unit
PSU Power supply unit
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ANNEX-3  

SCIENCE ORBIT ANALYSIS 

M-FILE INDUCED MAGNETOSPHERE BOUNDARY 

% plots magnetopause at Mars in Rmars 
function mp 
[Y,Z] = meshgrid(-4:.1:4);  
R = sqrt(Z.^2 + Y.^2) + eps; 
X = -0.0992*R.^4-0.2967*R.^2+1.2; 
mesh(X,Y,Z,'EdgeColor','red') 
xlabel('x-axis') 
ylabel('y-axis') 
zlabel('z-axis') 
axis([-4,4,-4,4,-4,4]) 
hold on; 
return; 

M-FILE BOW SHOCK 

% plots Bow Shock at Mars in 3D in Rmars 
% required files:   bs_dist 
% input:            rvec from bs_dist 
function [rvec] = bs(dist) 
pvec=dist; 
p=pvec(:,1)/3394; 
theta=pvec(:,2); 
for phi = 1:3:360 
x = p.*(cos(theta/180*pi))+ 0.55; 
y = p.*(cos(phi/180*pi)*sin(theta/180*pi)); 
z = p.*(sin(phi/180*pi)*sin(theta/180*pi)); 
plot3(x,y,z,'green') 
xlabel('x-axis') 
ylabel('y-axis') 
zlabel('z-axis') 
hold on; 
axis([-4,4,-4,4,-4,4]) 
end 
rvec=[x y z]; 
return; 

M-FILE BOW SHOCK DISTANCE VECTOR 

% output bow shock distance vector in  
%     r = radius  
%     theta = angle from sun pointing x_0 axis 
function [rvec]=dist 

  
for theta = 1:270 % 0 < theta < 300/2 
e = 1.02; 
L = 2.04*3394; 
thecos=cos(theta/2/180*pi); 
r(theta,:)=(L/(1+(e*thecos))); 
thevec(theta, :)= theta/2; 
end 
rvec=[r thevec]; 
return; 
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ANNEX-4     

MARS ATMOSPHERIC DENSITY 

 

 

The atmospheric model used for simulations with Astrogator is a simple exponential model 

independent of temperature changes in the atmosphere. It is not at a very high degree of accuracy, 

but it is a good model for first approximations. For further analysis the Mars GRAM model  

 

 

ANNEX-5  

ORBIT ANALYIS  

For simulation of the orbit constellation between MEMOS and PARENT STK 8.0 from AGI is used with 

a Mars propagator in Astrogator and a Mars inertial reference frame. The simulation of the orbits 

regards only the oblatness J2 in line with the reference model Mars50c and drag. Drag is simulated 

with STK’s exponential atmospheric model described in ANNEX5. The input constants and 

parameters are stated here: 

 

 

PARAMETER INITIAL CONSTELLATION OF MEMOS AND PARENT 

 180 deg (true anomaly) 

 270 deg (argument periapsis) 

 0 deg (RAAN) 

 

CONSTANTS AND PARAMETER FOR DRAG AND OBLATNESS 

µM = 42828 km3/s2 (GM for Mars) 

RM = 3397 km (mean radius Mars) 

J2 = 0,001964  (zonal coefficient) 

Cd = 2,2  (drag coefficient) 

MPARENT = 500 kg (mass MEMO) 

MMEMOS = 20 kg (mass NanoSat) 

AParent = 10 m2 (cross-sectional area) 

AMEMOS = 1.2 m2 (cross-sectional area) 

 STK 8.0 PROPAGATION 

 AGI™ STK ONLINE DOCUMENTATION 2007 
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ANNEX-6  

COMMUNICATION LINK CHARACTERISTICS 

M-FILE INTERSATLLITE RANGE PLOT 

%input: IR-> inter-satellite range in dt=1min steps (from STK) 
%       AW-> access windows (from STK) 
function plot_IR(IR,AW) 
y=IR(:,1); 
x=IR(:,2); 
for i=1:(AW(end,1)); 
b=int16(AW(i,2)); 
e=int16(AW(i,3)); 
mpa=plot(x(b:e),y(b:e),'.r'); 
set(mpa,'MarkerSize',1.5) 
hold on 
end 
for i=1:(AW(end,1)); 
b=int16(AW(i+1,2)); 
e=int16(AW(i,3)); 
mpa=plot(x(e:b),y(e:b),'.r'); 
set(mpa,'MarkerSize',1.5) 
hold on 
end 
return 
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ANNEX-7  

LINK BUDGET 

LINK BUDGET 

LINK ID : LINK MEMOS-PARENT 
 DATE    : 10-Aug-07   
 Frequency Band: UHF     

Slant Range 10000 km 
  LINK UNIT VARIABLE VALUE 

Frequency GHz F 0,437 

Slant range km SR 10000 

Free space path loss dB Ls -165,26 

Atmospheric loss dB La 0,00 

Ionospheric loss dB Li 0,00 

TRANSMITTER       

Tx power dBm Pt 39,00 

Tx Antenna Gain dBi Gt 0,00 

Tx Circuit Loss dB Lct -1,00 

EIRP dBm   38,00 

RECEIVER       

Rx Antenna Gain dBi Gr 0,00 

Polarization Loss dB Lp -0,50 

Rx circuit loss dB Lcr -1,00 

Antenna noise temperature K Ta 40,00 

Rx noise figure dB NF 3,00 

Rx noise temp K Tr 578,63 

System noise temp K Ts 618,63 

Reference temp K Tref 290,00 

Noise spectral density dBm/Hz No -170,69 

BUDGET SUMMARY       

Total loss dB L -167,76 

Received power dBm C -128,76 

Received C/No dB C/No 41,93 

Carrier acquisition threshold dBm Cth -130,00 

Rx power margin dBm Pm 1,24 

TRANSMIT PERFORMANCE       

Data bit rate bps R 2000,00 

Eb/No at receiver input dBm Eb/No 8,92 

Implementation loss dB Li -2,00 

Effective Eb/No dBm   6,92 

RESULTING MARGINS at BER 10-6     

Uncoded BPSK dB   -3,68 

Uncoded FSK dB   -7,28 

Uncoded DPSK dB   -3,88 

BPSK 7/2 convolutional code dB 
 

2,32 
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ANNEX-8     

HCI DETERMINATION GAPS - MATLAB CODE 

M-FILE HCI ATTITUDE DETERMINATION GAPS 

% related files: 
%   kep2r 
% input: 
%   a   semi major axis in km 
%   e   eccentricity 
%   i   inclination in deg 
%   
% output: 
%   coordinates of orbit in MCI with sun oriented orbit normal 

  
function [position] = HCI_Gaps(a,e,i) 

  
% initial conditions 
ra=90;      % RAAN 
ap=270;     % argument of pericenter 

  
% sensor line of sight 
LOS = 7; % in degree 

  
% main 
for t=1:180 
    pos(t,:)=kep2r(a,e,i,ra,ap,t*2)/3400; 
    % threshold for LOS on Mars  
    th = 1 + abs(pos(t,3))*tand(LOS); 
    if (abs(pos(t,2)) < th) 
        plot3(pos(t,1),pos(t,2),pos(t,3),'+ green','MarkerSize',3.5); 
        hold on; 
    else 
        plot3(pos(t,1),pos(t,2),pos(t,3),'s red','MarkerSize',3.5); 
        hold on; 
    end 
end 

  
% plot Mars 
sphere; 
hold on; 

  
%return values 
position=[pos]; 
return; 

  
% command for workspace: 
% [position]=HCI_Gaps(8547,0.5676,77) 
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M-FILE HCI ATTITUDE DETERMINATION THRESHOLDS 

% related files: 
%   HCI_Gaps -> read lmin and lmax from graph 
% input: 
%   lmin    coordintes in MCI below which HCI line of sight crosses Mars 
%   (pericenter) 
%   lmax    coordintes in MCI above which HCI line of sight crosses Mars 
%   (apocenter) 
%   
% output: 
%   p   percentage of orbital period when AD is possible 

  
function [g] = gapt(alt,lmin,lmax) 

  
%altitude 1 
x1 = lmin(1) * 3400; 
y1 = lmin(2) * 3400; 
z1 = lmin(3) * 3400; 
alt1=sqrt(x1^2+y1^2+z1^2)-3400; 

  
% altitude 2 
x2 = lmax(1) * 3400; 
y2 = lmax(2) * 3400; 
z2 = lmax(3) * 3400; 
alt2=sqrt(x2^2+y2^2+z2^2)-3400; 

  
% counter for percentage 
a=0; 
b=0; 

  
% AD in apocenter 
for i=1:length(alt) 
    if (alt(i,1) <  alt1) 
        a = a+1; 
    end 
end 

  
%AD in pericenter 
for i=1:length(alt) 
    if (alt(i,1) >  alt2) 
        b = b+1; 
    end 
end 

  
% percentage of AD possible due to sensor LOS 
p = (a+b)/length(alt); 
g = [alt1 alt2 p]; 

  
return 

 


