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Abstract 

For more than two centuries terrestrial observers have recorded a number of events which have 

been grouped under the title of Transient Lunar Phenomena (TLP). TLPs are basically apparent 

short term and regional changes on the moon surface, although different types exist. The possible 

causes of these phenomena have always been subject to considerable debate. On the other hand, 

with respect to planned expeditions and permanently manned bases to the Moon, and as a 

prerequisite to extended human presence into our solar system, it is important to gather the 

information on TLP, do the evaluation and give the explanations on the courses of these yet 

unexplained space phenomena.  

In this project, a dedicated and low cost TLP observation satellite which consist a constellation 

with two satellites to attain the sustained time coverage was proposed. The paper describes the 

motivation, objectives, key requirements and the mission concept for the autonomous detection and 

observation of the Transient Lunar Phenomenon (TLP).  The focus of the design was put on the 

payload and the most important subsystem interacting with it. Furthermore, the paper shows it is 

feasible to observe the TLP by using a Nano-satellite. 
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1. Introduction 

For more than two centuries terrestrial observers have recorded a number of events which have 

been grouped under the title of Transient Lunar Phenomena (TLP). TLPs are basically apparent 

short term and regional changes on the moon surface, although different types exist. The possible 

causes of these phenomena have always been subject to considerable debate. On the other hand, 

with respect to planned expeditions and permanently manned bases to the Moon, and as a 

prerequisite to extended human presence into our solar system, it is important to gather the 

information on TLP, do the evaluation and give the explanations on the courses of these yet 

unexplained space phenomena.  

One type of TLP occurs only for a few seconds or even less, which makes a continuous observation 

necessary in order to capture such events. Since the technological difficult observation from ground 

based system, former observation techniques can not delivered enough information. Therefore, it is 

necessary to establish a continuous, systematic, reliable and comparable space based observation 

system which takes over a long time period.   

1.1 Definition of Master Thesis 

During the past decade, the development of small satellite is of great concern by the space industry 

and space scientists.  Traditional satellites are typified by budgets in the millions or billions of 

Euros and schedules on the order of ten years. Failure of traditional satellites is extremely costly 

hence they tend to utilize space-proven, often outdated technologies, leaving very little room for 

innovation. Thus historically, the development of traditional satellites has been limited to countries 

with large military and/or commercial budgets.  

The Nano-satellite mission for TLP observation will be known as TLPON, where the acronym, 

TLPON, represents Transient Lunar Phenomenon Observation Nano-satellite. The TLPON mission 

carries as its payload a high precision and long focal length optical telescope to detect and record 

the Transient Lunar Phenomenon (TLP) from Low Earth Orbit (LEO). The innovations of this 

satellite are the miniaturization of the optical telescope and the three-axis attitude determination 

and control system. To support the whole TLPON Mission, the satellite must contain a suite of 

subsystem, including electrical power system (EPS), communication system, attitude determination 

and control system (ADCS), and a command and data handling system to coordinate the entire 

satellite system.  In addition, a favorable ground system is also important for supporting the 

mission.  



2 

 

According to the analyses above, the focus of this thesis should be design the whole TLPON 

mission system, which includes both space segment and ground segment.  

Tasks: 

 Define the TLPON mission objectives and mission requirements to achieve the objectives.  

 Identify the mission concept, including the mission operation scenario and mission 

architecture. 

 Design the Space segment of TLPON mission, including scientific payload, ADCS, 

communication, OBDH and thermal subsystem. In addition, design the mechanical structure 

and accommodate the components of the satellite.  

 Investigate and design the ground station for TLPON mission, which indentify the hardware 

and software requirements and architectures. 

 Indicate the critical function and requirements of the system in order to make a well balanced 

and feasible Nano-satellite system.  

1.2 Contributions and Structure of thesis 

This report is split in 6 chapters: 

 Chapter 1 is giving the basic introduction into the satellite project context that is the TLPON 

mission itself, along with the prerequisites that are useful to know when reading this report. 

 Chapter 2 introduces the background of Transient Lunar Phenomenon (TLP), including the 

definition and hypotheses for explanation of TLP, as well as the observation of TLP both from 

Earth-based and Space-based. In addition, this chapter also indicates the advantage of 

observation of TLP from Low Earth Orbit (LEO) satellite.  

 Chapter 3 gives the insight into the TLPON mission analysis and design. This includes 

definition of mission objectives and mission requirements as well as the mission analysis 

based on the orbit and launch system and mission operation scenario design.  

 Chapter 4 describes the analysis and design of space system. This contains the space system 

architecture design and system budget analysis, as well as the design of subsystems which 

mentioned above. This chapter is the core part of the thesis.  

 Chapter 5 gives the design of ground segment. This indicates the requirements of the 

hardware and software in ground system for the TLPON mission operations.  

 Chapter 6 concludes the design the whole TLPON system and indentifies the critical points of 

the design in order to make it a well balanced system.  
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2. Transient lunar Phenomenon (TLP) 

Transient lunar phenomenon (TLP) is described as short-lived changes in the brightness of patches 

on the face of the Moon.[1] They last anywhere from a few seconds to a few hours and can grow 

from less than a few to a hundred kilometers in size. In the following sections, the TLP events are 

described, including the historical background and also the hypothetical explanation for TLP. 

2.1 Description of TLP 

TLPs reported over the years have included red glows, flashes, obscurations, and abnormal albedo 

and shadow effects. The first scientific proof of the existence of TLP was delivered by the Soviet 

astronomer Nikolai A. Kozyrev. When Kozyrev took photographic spectra of the lunar surface 

during the night of November 2nd 1958, he realized a change in appearance in Alphonsus Crater 

(Figure). The charging appearance was expressed by a charge of color and intensity of the reflected 

sunlight. [1] The spectra he obtained showed the emission bands of molecular carbon and  . 

According to Kozyrev‘s interpretation of the data, he witnessed some kind of volcanic eruption but 

less violent.  

According to the observation appearance, there are five types of TLP [5], which are shown in 

Figure 2-1. 

 

Figure 2-1 The general classification of TLP [21] 

For all of these TLP above, the affected areas are typically only several square kilometers in real 

Moon surface. The distribution of recorded TLP across the lunar surface cannot be explained 

statistically in contrast to the meteorite, since the recorded TLP database is quite small. According 

to the analyses of the available data, TLP events occur primarily at the edge of Maria and close to 

volcanic features such as rilles and craters. Above all some lunar features are TLP hotspots, at least 

one-third come from the vicinity of the Aristarchus plateau. [2] In addition, the total number of the 

surface features reported for exhibiting TLP activity at least once counts up to two hundred. 

http://www.daviddarling.info/encyclopedia/A/albedo.html


4 

 

2.2 Hypotheses for Explaining TLP Events 

The physical mechanism responsible for creating a TLP is not well understood. Generally, meteors 

are one hypothesis accepted by most astronomers for the abrupt appearance and disappearance of 

lunar scintillations. Another consideration is that radiant lunar displays do not originate with the 

Moon. The British astronomer J. Hedley Robinson presented a compilation of at least eleven 

possible explanations towards the cause of TLP in 1986 which shall be explained shortly [4].  

Tensions generated by the tidal effect of Earth‘s gravity field – especially while the Moon passes 

through perigee – releases trapped gas from the lunar crust. This effect is approximately 32.5 times 

greater than the Moon effect on the Earth. Change of Albedo due to the dust movement on Moon 

surface. 

Thermal Shock caused by the temperature difference at the Terminator (the night-day edge). There 

the temperature varies from -80  to 125  within two hours. The different extension and 

contraction rates of lunar material might cause tensions to build up in the rock which cause trapped 

gas to be released to ease tensions. 

 Magnetic interaction of solar plasma bombardment and the movement of Moon through 

Earth‘s magnetic field 

 Ultraviolet radiation of the Sun causes fluorescence in the visual spectrum as a result of the 

absence of a lunar atmosphere. 

 Solar- wind plasma produces electric discharge. 

 Spectral diffraction at surface features too small for telescope resolutions used for observation 

and thus producing color. 

 Meteor strikes on the Moon surface. 

 Moon quakes which causes trapped gas to be released. 

 False color caused by optical effects in the terrestrial atmosphere. 

 Piezoelectric effects caused by tensions in lunar rock, as also observed on Earth. 

It has been suggested that effects related to either electrostatic charging or discharging might be 

able to account for some of the transient lunar phenomenon. According to Dr. Robinson‘s 

explanations of hypotheses for TLP events, the most probable cause is the tidal strain or thermal 

shock causing out-gassing and producing a piezoelectric effect. Other astronomers and 

astrophysicists favor the gas emitting caused by corpuscular radiation. For all of these theories 

above, there is concrete evidence: the Radon was detected over various Hotspots by the AASP 

instrument on board the command modules of Apollo 15 and 16. However, the largest resource of 

http://en.wikipedia.org/wiki/Electrostatic
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Radon is detected over the area of Aristarchus and Grimaldi, where most of TLP events were 

observed in these areas. The detection of Radon demonstrated the gas emitting from lunar ground. 

In addition, the recent American Lunar Satellite Mission ‘Lunar Prospector‘ prove that on the lunar 

surface, the dust is electro statistically charged up to 4.5 KV[3]. Furthermore, it is possible that 

many transient phenomena might not be associated with the moon itself but could be a result of 

unfavorable observing conditions or phenomena associated with the earth. For instance, some 

reported transient phenomena are for the misinterpreted moving objects (e.g. Aircrafts, Satellites) 

between observer and Moon. 

2.3 Observation for Localization and Recording TLP 

For more than two centuries terrestrial observers have recorded a number of events which have 

been grouped under the title of Transient Lunar Phenomena (TLP). With respect to planned 

expeditions and permanently manned bases to the Moon, and as a prerequisite to extended human 

presence into our solar system, it is important to gather the information on TLP, do the evaluation 

and give the explanations on the courses of these yet unexplained space phenomena. The most 

significant problem that faces reports of transient lunar phenomena is that the vast majority of these 

were made either by a single observer or at a single location on Earth. Meanwhile, the multitude of 

reports for transient phenomena occurring at the same place on the moon could be used as evidence 

supporting their existence. The Earth based observations of Moon have various disadvantages and 

it seems impossible to obtain the evidence by only the Earth observations. Therefore, the new type 

of TLP observation should be explored and implemented to hit the target.  

2.3.1 Past Lunar Observation Programs 

In 1950s and 1960s, several moon observation programs were established for preparation of Moon 

landing program of USSR and USA. Especially, in United States, several observation campaigns 

were aimed at Moon. In addition, there were also some amateur observation programs for the 

Moon observation. One of them was set up at Coralitos Observatory in 1967 which produced 

roughly 3000 hours of observation by using a 24 inch refractor telescope. In 1969, the International 

Observation Network was founded, which was lead by Barbara Middlehurst. This International 

Observation Network was hosted by both amateur astronomers as well as professionals. The British 

Astronomical Association (BAA) and the Association of Lunar and Planetary Observers (ALPO) 

were part of that network and still operate observer networks today. There networks are operated as 

‗loose‘ networks, which means, that there is no obligation and members are volunteers. Together 
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with space agencies, such as ESA and NASA, some investigations were carried out in connection 

with Clementine, Lunar Prospector, and SMART-1 Satellite missions.  

2.3.2 Currently Active Programs 

Of those programs launched above, mainly the observer networks of BAA and ALPO are still 

active. Furthermore, the Lunar Meteoroid Impact Monitoring Program which was supported by 

NASA also holds the secondary mission statement of observing TLP in order to search the 

connection between TLP and Lunar Meteoroid Impact. But also local programs are observing the 

Moon, most primarily are not with the objective of detecting TLP, but mapping the Moon. 

2.3.3 Future Programs 

With the renewed focus on the Moon exploration, many planned lunar robotic and remote sensing 

missions will be implemented in the following decade. It can be expected that several of these 

mission will take the instruments on board that will enable the astronomers and astrophysicist to 

carry out deeper research on Transient Lunar Phenomenon (TLP). In addition, it can be also 

expected that the amateur astronomers will continue to work on TLP research for the cooperation 

with the Earth based observation network.  Table 2-1 shows the planned lunar missions which were 

under development to our celestial neighbor in next five years. 

Table 2-1 The future lunar mission in next 5 years 

Land Name launch Due 

USA 
Lunar Reconnaissance Orbiter 

Jun 2009 
LCROSS 

Russia Federation Luna-Glob 1 2010 

USA 
GRAIL 6 Sep 2011 

LADEE 2011 

China Chang'e-2 2011 

India/Internation Chandrayaan-2 2012 

Russia Federation Luna-Glob 2 2012 

USA 
ILN Node 1 2013 

ILN Node 2 2014 

2.4 Deficits of Earth based Moon observation 

The Earth based observation of Moon in capture for TLP events involves series of deficiencies. The 

two major influences are the effects stated below the Earth-Moon System and the Earth 

Atmosphere.  
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The rotation of Moon around earth is 27 times slower than the rotation of The Earth itself. 

Therefore, the visibility of Moon for the observation with fixed location is limited to less than half 

of the night time when the sun fell down below the horizon. 

Despite of the visibility of Moon at night, another problem for lunar observation is the Earth 

atmosphere. In Earth atmosphere, the evaporated water can condense and from clouds or even lead 

to precipitation. Other causes of bad visibility are dust particles and aerosols from industries. 

Furthermore, there are many factors which can produce turbulences in the Earth atmosphere, 

including the air masses react to local differences in temperature. This reaction always exists and 

moves in the atmosphere. Therefore, it leads the observation feature to appear to flicker and the 

image of the Moon will be blurred. Especially, this reaction makes it very difficult to detect the 

short-term TLP events on lunar surface.  

As it is known in the physics notebooks, the Earth atmosphere acts like a special prism. The light 

reflected from the Moon surface is passing from a vacuum space through the Earth atmosphere 

which causes dispersion and reflection of the light. This leads the varying size of observed objects 

when traced from horizon to horizon with nearest to the real size being in zenith, and maybe also 

changes the color of the observed objects to red close to the horizon. 

In addition, the International Observation Network, as mention above, is mainly operated by 

amateur astronomers with no standard equipments and criterions. So it is difficult to make a 

professional scientific comparison of reported events. Additionally, TLP observation network is not 

globally organized, since the TLP research needs a continuous observation, what makes it am 

impossible task for ground based observation.  

Advantages of Lunar Observation from Low Earth Orbit (LEO) 

The advantages of lunar observation from LEO are listed below: 

No Earth atmosphere influences 

Continuous observation of the Moon 

Observation of the entire visible Moon surface 

Verifiable data for statistics, record with same equipment and devices 

Autonomous detection and recording of TLP events 

Monetary and time advantage in contrast to lunar Orbit Mission 
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Figure 2-2 The Earth atmosphere mass density model (Credit: Swedish Institute of Space Physics) 

As discussed above, the influence of the Earth atmosphere is the most essential factor to avoid 

when observing TLP from Earth based observers. In Figure 2-2, the curve of the Earth atmospheric 

density demonstrates that the density of approximately 200 km above the Earth surface drops 

exponentially to one billionth compared to the sea level. Meanwhile, the density remains one 

trillionth in 500 km altitude compared to the sea level with continuous linear drop. Even in 800 km 

altitude orbit which locates in the edge of earth atmosphere, the mass density will be much smaller 

than it in 500 km. This means that in low Earth Orbit, the effects of the Earth atmosphere can be 

negligible. Therefore, by implementing the space based Moon observation, most of the deficits 

form Earth atmosphere is eliminated. 

 

Figure 2-3 Earth and Moon geometry and satellite constellation for continuous observation 
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The data produced by such spaced based observation system is always based on the same 

instruments, which minimizes misinterpretation due to charging equipment or different observers. 

As the illation of above assumption, the spaced based lunar observation system will be localized in 

Low Earth Orbit. This system is possible with only two satellites in the same orbit plane with one 

half apart. Therefore, as shown in Figure 2-3, at least one satellite will always have an unobstructed 

view of the complete visible Moon surface.   

A high degree of autonomy of the satellites ensures minimal time, effort, and cost for operation of 

the system. In the mission operation scenario, the detection, notification, recording and even 

possible classification of TLP events will be implemented automatically. 

In addition, another conceivable orbit for space based observation system is the Lagrange points 

between Earth and Moon. However, there are some advantages in contrast to observation from 

LEO, which include, 

A satellite mission to the Moon or one of the Lagrange point would need more fuel for 

maneuvering, in order to escape Earth gravitational pull, and to transfer into lunar orbit. It is also 

necessary to provide for better shielding for the space radiation, which is not necessary in LEO for 

the magnetic field of the Earth is still present. This means shorter development time and lower 

budget. Additionally, a Moon remote sensing satellite with circular Moon orbit will not take the 

enough field of view for observation of lunar surface. Therefore, the observation system in LEO 

produces the possibility of widely field of view and the stability for capture the short-term TLP 

events. 

As a mission to Low Earth Orbit (LEO), the system has its advantages in less development cost and 

time. It is also conceivable to combine the scientific mission objectives with verification of new 

technologies for pico- and nano-Satellites, or even with educational objectives to educate students 

and to co-finance with other satellite mission groups.  
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3. Mission Overview 

The motivation for the overall TLPON mission is primarily to serves a test bed for the new 

technologies for Pico- and Nano-satellites. The goal of TLPON mission is to observe the visible 

lunar surface for Transient Lunar Phenomenon (TLP), in order to gather the science data for the 

astronomers and astrophysicists to analysis and understand this amazing lunar phenomenon. The 

motivation has several impacts: 

 The project is a University Nano-Satellite Program and it will involve the students and young 

engineers through the whole life cycle of mission development. 

 Since the project is a Nano-satellite mission, the project budget is relatively low, in accordance 

with a Nano-sat type of development. 

 Compared to an industry type space project, decisions are taken to simplify the design or 

design for low-cost and thus might not comply with the usual satellite standards. 

3.1 Mission Objectives and Science Objectives 

3.1.1 Mission Objectives 

Keeping the motivation in mind, the mission and science objectives for the project are summarized 

in the following requirements. The mission objectives are listed below.  

 The project shall design, build, and test a Nano-satellite. This objective assumes the 

development of both a ground and space system. 

 The success criterion is: Deliver a fully tested satellite to the launch site. 

 The project shall launch the satellite and communicate with it using the ground and space 

systems. 

 The success criterion is: establish a radio connection with the developed ground system and 

download telemetry. 

 The project shall operate a scientific or technology demonstration payload.  

 The success criterion is: Receive data from the payload and confirm operations. 

3.1.2 Science Objectives 

As demonstrated with the Mission name ‗TLPON‗, the mission should on the observation of 

Transient Lunar Phenomenon based on the Nano-satellite in Low Earth Orbit (LEO). The 

motivation for these observations is to gather science data for the astronomers and astrophysicist to 
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analysis and understand this lunar phenomenon (TLP). In addition, the second motivation is to 

demonstrate the feasibility of observing TLP as basis for development of the low cost miniature 

star sensor and optical telescope. There are several hypotheses for Explaining TLP Events, the 

objectives of science mission are to collect data that will validate, or last provide the evidence for 

these hypotheses. The development of the miniature star sensor is a separate activity to Pico- and 

Nano-satellite following the approval of funding from the German Aerospace Center (DLR) in 

University of Würzburg. 

In addition, at the project level and as a technology demonstration, it was decided to develop a 

optical telescope that has the most synergy as possible with the miniature star sensor. This decision 

impacts the design of the payload and the requirement to this effect can be found in the following 

requirements.  

The physical mechanism responsible for creating a TLP is not well understood. The chosen type of 

TLP for our mission to focus on primarily shall be the brightening type with duration down to 30 

mini-seconds. (As shown in Figure)Nevertheless, it is recommended to try to observe the other 

types of TLP events. In order to gather enough data and constrain of the general Nano-satellite 

mission life cycle, the minimum science duration will be fixed up to 1 year. 

 

Figure 3-1 Performance of Brightening TLP Events [4] 

According to the mission and science objectives, at the mission level, the main science 

requirements are listed below.  

SR_1 Science mission duration 
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The science mission duration shall be at least 1 year, in order to get enough science data for 

the science user to analysis and understand the Transient Lunar Phenomenon (TLP).  

The scientific goal is to observe the Transient Lunar phenomenon at least one year. A year of 

observation would gather enough science data for analysis and ensure the understanding the 

seasonal variations for observation.  

SR_2 Primary science objective 

The primary science objective is to observe brightening type of Transient Lunar 

Phenomenon (TLP) both at night and during day continuously. This kind of TLP events 

might be with the duration down to 30 mini-seconds.  

This requirement was derived from definition of science objectives. 

SR_3 Science observations altitude 

The space segment shall be located at the altitude form 400 to 1000 km of the Low Earth 

Orbit.  

Since most of the Nano-satellites missions are the piggy back system of the great Space 

mission, the orbit can not be fixed before the rocket launch. 

SR_4 Science observations coverage 

The observation field of view (FOV) of the satellite should cover the whole visible Moon 

surface. 

Ensure the maximum visible Moon surface. 

SR_5 Observation Constellation 

In order to observe the Moon surface continuously with 100% duty cycle, the space segment 

should be a constellation with two satellites, because of the eclipse time of the satellite.  

Ensure the continuous observation of TLP. 

SR_6 Science data products 

The science data products (data needed for each observation) shall include the short-term 

video of TLP events, and the local solar time of the TLP events of observation. 

The data shall provide the results of measurements, the local solar time and video of the TLP 

events. In addition, the local solar time is the local time in reference to the position of the 

sun. 

SR_7 Spectral range 

The project shall observe the TLP events in the spectral range of 380 –780nm.  

TLP Events occur within the visible light wavelength band.  
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3.2 Mission Specifications 

The TLPON mission specifications have been classified into levels and categories, as explained in 

the following part. At this point requirements are being classified into 4 different levels: 

 Mission and Science (Level 1) 

 System (Level 2) 

 Subsystem (Level 3) 

 Assembly (Level 4) 

In general, the Mission/Science and Project specifications were elaborated during Phase A and 

updated in mission phase B. Duration Phase B, the subsystem specifications would be initially 

written based on the analysis performed and the baseline system design and updated as further 

analysis was performed. 

In the following pages, Figure 3-2 shows the specification documents tree of TLPON mission. 

Separate guidelines were written to facilitate the elaboration of the requirements. These guidelines 

include description and examples of the categories used to classify the requirements. Project level 

requirements have an impact at the following main systems: Mission and Science, Launch System, 

Space System, Ground System, System Integration and Test or Mission Operations.  
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Figure 3-2 TLPON Specification Documents Tree 

3.3 Mission Driving Requirements 

The primary mission requirements of TLPON mission are listed below: 

DR_1 Nano-Satellite 

The project shall use the organizational frame and requirements of the Nano-Satellite 

Standard. 

The term "nano-satellite" or "nano-sat" is usually applied to the name of an artificial 

satellite with a wet mass between 1 and 10 kg. 

DR_2 Space to ground frequencies and protocols 
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The ground to space communication link shall comply with the Amateur Radio Satellites 

services. 

For a student satellite this is the easiest solution to implement. 

DR_3 Launch vehicle 

The project shall be able to launch on a [DNEPR, VEGA, Rockot, Kosmos, MV-8, Indian 

PSLV, SOYUZ or Ariane 5] launch vehicle. 

Possible options of launchers that have been used so far for Nano-Sats or that are plausible 

solutions for the project. 

DR_4 Communication Availability 

The project shall provide downlink capability between the space system and the ground at 

every opportunity after antennas deployment. 

This requirement ensures communication capability between the space system and a ground 

station available and in view. 

3.4 Mission Design 

3.4.1 Mission Orbit Design 

There are different types of design drivers on the TLPON satellite orbit design, including: 

 The location of the ground stations at Würzburg and at Berlin requires an inclination at least 

53° to achieve reasonable pass durations. The most probable orbits that will be flown are thus 

sun-synchronous. However, due to orbital perturbation, the satellite will drift out of the sun-

synchronous state. The drift has not yet been assessed. For the analysis, the assumption was 

made that the orbit would remain sun-synchronous. 

 Analysis of past Low Earth Orbit (LEO) launches showed that the most likely range for 

altitude heights is from 400 to 1000 km. 

 The space system has no trajectory station keeping or maneuvering capability.  

For the TLPON satellite mission other types of orbits could be considered below 1000km and 

above 53° inclination. Due to the enormous range of possibilities other orbits will only be 

studied if required by the launch provider. The requirements for the space segment orbit are 

listed below. 

OR_1 Orbit Altitude 

The project shall operate at Earth distances between 400 and 1000 km altitudes. 

Analysis shows that for Sun-synchronous orbits, the expected altitude range is [400-1000] 

km. 
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OR_1 Operational orbit 

The project shall select an orbit which has an inclination above 53 degrees. For mission 

analysis a sun-synchronous orbit shall be considered. 

To have direct access with the Ground Station in Germany, this requirement implies a very 

high probability of flying on a sun-synchronous orbit. 

For TLPON mission, the most probable orbit is the Sun-synchronous orbit, therefore, the analysis 

is based on the Sun-synchronous orbit. With Sun-synchronous orbit, the satellite crosses the 

Equator always at the same local time, further by suing Sun-synchronous orbit the satellite design 

will be simplified since the eclipse durations are almost constant of each orbit period.  

 

Figure 3-3 The configuration of Sun-synchronous orbit 
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Figure 3-4 Sun-synchronous orbit Altitude as a function of orbit inclination 

3.4.2 Orbit Eclipse Analysis 
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The eclipse duration is an important parameter for the design of the space system. An analysis was 

performed that calculated the eclipse time as a function of the orbit inclination and the orbit altitude. 

Figure 3-5 shows the simulation results of the mean eclipse duration in LEO when the orbit 

inclination varies from 20 deg to 110 deg (Using Matlab).  
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Figure 3-5 Mean eclipse duration as a function of inclination and Altitude 

3.4.3 Mission Operation Consideration 

The access time analysis aims to estimating the access frequency and duration with the ground 

station. Timelines offer an overview of the mission course and help design a schedule for the 

different tasks such as maintenance, scientific measurement and data exchange. The following 

analysis assumes a single ground station of Neustrelitz located in Berlin. The access time duration 

was computed with respect to the altitude, the elevation angle ε and the orbit inclination. Figure 3-6 

shows the mean access time as a function of altitude for a minimum elevation of 5°. In this 

simulation, the satellite orbit is sun-synchronous orbit with the inclination 98°. Therefore, the 

simulation results of mean access times between 6 and 11 minutes can be expected. 

Based on the analysis of the eclipse time and access time, it is possible to establish a time plan over 

a fixed period ranging from one typical day to the whole mission duration. Timelines offer an 

overview of the mission operation and help design a schedule for different tasks such as scientific 

measurement and data exchange with ground station. Figure 3-7 shows the sample timeline over 

the periods of one day period for a Sun-synchronous orbit with inclination of 98°. In addition, the 

access time is estimated with the minimum elevation of 5°. 
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This orbit has an average eclipse time of 22 min with a frequency of 15 eclipses per day. For 

communication, there are at most five possible passes with the maximum possible duration of 11 

minutes per pass.  The number of passes and the duration time is constrained under the variation 

of the elevation angle ε. The two times for communication which were chosen are the access 

time around 12 o‘clock in each day.  

 

Figure 3-6 Mean access time in one day period 

 

Figure 3-7 Sample time line for TLPON (Sun-synchronous orbit with inclination 98°) 

3.5 Mission Environment 

Space environment seeks to understand and address conditions existing in space that affect the 

operation of spacecraft. The space environment is far from benign in its effects on spacecraft. 

Therefore, understanding of the space environment and its interactions on spacecraft is the first step 

in mitigating these effects. For typical Low Earth Orbit satellite missions, several types of 

environments should be evaluated, such as: 
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 Neutral atmosphere: Primarily responsible for drag, glow and oxygen erosion; 

 Magnetic and electric fields: Responsible for magnetic torques and induced electric fields; 

 UV/EUV radiation: Responsible for photoelectrons and long term changes in material 

properties; 

 Plasma/Ionosphere: Responsible for wake effects and solar array arcing; 

 Radiation Belts and Aurora zone; 

 Particulate environment (Space debris and micro-meteoroids). 

The principal interactions of concern are then: cumulative radiation effects; single event upsets 

(SEU); latch up; surface and internal charging; surface degradation and erosion; contamination; 

glow; space debris and micro-meteoroid impacts. Thermal effects and torques were taken into 

account and were included in the space system design. In our mission, SEUs will be mitigated by 

hardware and software design practices. In addition, a separate latch-up protection circuit has been 

designed and will be implemented in each electronic subsystem. 

The space environment of TLPON satellite was simulated by using ESA SPENVIS tool. SPENVIS 

is a web based space environment information system which provides the interface to models of the 

space environment and its effects to spacecraft. The introduction to SPENVIS system is attached in 

Appendix A.2. 

Table 3-1Trapped radiation dose behind Aluminum shielding 

Orbit Configuration 

 Cumulated Dose 

(Rad[Si], 1 mm Al, 

Solar Max) 

Cumulated Dose 

(Rad[Si], 1 mm Al, 

Solar Max) 

 400km, one year 4000 2000 

 659km, one year 8692 5220 

 1000km, one year 22000 15000 

Table 3-1 summarizes the trapped radiation dose cumulated for 4 months and 1 year behind 40 

miles of Alumni (1mm) for maximum and minimum solar activity. The simulation is based on a 

spherical shell shield configuration and the target material of radiation is Silicon. In addition, 

further radiation analysis needs to be done to evaluate the radiation dose and effects on the 

components in the hardware tests phase.   

3.6 Lunch Vehicle System 

Nano-Satellites are not attached to a separation ring as do "classical" satellites but are placed inside 

a closed pod. Once in orbit the lid of pod is opened and the Nano-Satellites inside are released. The 
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fundamental goal of the design is therefore to fit the interface requirements of the Nano-Satellites 

launch pod. This standardization allows for the satellite to be placed on virtually any launcher 

capable of carrying the Nano-Satellites launch pods. For the low cost launch service, the 

Nanosatellites Launch System (NLS) which was development by Institute for Aerospace Studies, 

University, is a possible launcher. The details of NLS will be discussed in the following section.  

3.6.1 Candidate Launch Vehicles 

CubeSats and Nano-Satellites have been launched from many different launchers in past several 

years. The list hereafter is not exhaustive: 

 STS-113, Cape Canaveral, November 2001  

 Rockot, Plesetsk, June 2003 

 Kosmos-3M, Plesetsk, Octobre 2005 

 M-V-8, Uchinoura, February 2006 

 Dnepr, Baikonour, Summer 2006 

 PSLV-C9, SHAR, Sriharikota, April, 2008 

The most plausible options identified so far for the Nano-Satellites launch are listed as follows: 

VEGA Maiden Flight and demonstration flights 

The first launch of VEGA is planned for late in 2009, with a launch date to be released. Following 

the first flight, a series of qualification flights are planned to launch. It is assumed that the same 

structure as the X-POD separation system of Nanosatellites Launch Service (NLS) will be 

implemented on VEGA, as expected. The Launch is also expected to be with lower budget.  

CalPoly launch services 

CalPoly offers about one launch of Pico- and Nano-satellites per year. The project registered to the 

―interested list‖ for flight on DNEPR mid 2009. Launch cost are about $50000. 

KAP on Ariane 5 

The Kaiser-Threde Arianespace Platform (KAP) is an experimental platform for in-orbit 

demonstration of technology and scientific experiments. Arianespace as launcher authority as well 

as ESA and DLR are supporting KAP as future auxiliary payload for Technology In-Orbit 

Demonstration. It is unclear if Nano-Satellites will be accepted on the flight, but more detailed 

information should be investigated. 

Nanosatellites Launch Service (NLS) 

Nanosatellites Launch Service (NLS) is a low-cost launch service for nano-satellites which 

provided by the Space Flight Laboratory, University of Toronto Institute for Space Studies 
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(UTIAS/SFL). In the past several years, 5 NLS have already launched successfully. As it is known, 

the UWE-1 Pico-Satellite was also launched into space with the NLS3 on Oct. 27, 2005. The next 

possible launch for NLS8 should be in the mid-2010, but the exact date is not fixed. In addition, the 

launch pod for NLS will be XPOD separation system which is dedicated for Nano-satellite.  

3.6.2 Launcher Accommodation and Mechanical Interface 

The mechanical interface between the satellite and the launcher is achieved through the X-POD 

launcher. X-POD, also referred to as XPOD, is a custom designed separation system that was 

developed at the University of Toronto Institute for Aerospace Studies/Space Flight Laboratory 

(UTIAS/SFL). The XPOD system can be tailored to suit small satellites of different sizes ranging 

from a single CubeSat to larger Nano-satellites of arbitrary dimensions. The first XPOD of 

UTIAS/SFL, formerly known as T-POD II, passed its vibration and thermal vacuum qualification 

in 2006. The Figure 3-8 shows the illustration of the X-POD system.  

 

Figure 3-8 Illustration of the XPOD system (Credit: UTIAS/SFL) 

3.7 Mission Timeline 

According to the mission requirements, the following external parameters will influence the 

mission timeline: 

 Orbital parameters 

 Ground stations location. 

 Nano-Satellite requirements and constrains. 

3.7.1 Mission Phases  
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The following part summarizes the various phases after final satellite acceptance until the disposal 

of the satellite. 

Pre-Launch 

In the pre-launch phase the final launch site tests are performed and the satellite is prepared for 

launch. Activities include the charging of batteries and the check-out of the satellites subsystems. 

This action will be performed while the satellite is already integrated into its launch pod. 

Launch and early operations (LEOP) 

LEOP phase will start after satellite separation from its launch pod. It will include the following 

segments: 

 15 minutes transmission and antenna deployment dead time. 

 Switch-on and antenna deployment. 

 Initial satellite acquisition (RF Beacon). 

 Validation of the correct operation environment on-board the satellite. 

 Validation of the space-ground data link (RF Transceiver). 

This phase will end once the validation steps above have been performed. Generally, this phase 

will be terminated within 4 days after ejection from the launch container. 

Commissioning phase 

During satellite commissioning the on-board systems of the TLPON satellite will be tested and 

their operational performances confirmed. The results will be used to correct and calibrate the on 

ground satellite models.  

Nominal phase 

During nominal phase TLPON satellite will be fully operational and shall perform the defined 

science mission. This phase will be up to one year after the end of the commissioning phase. 

Recovery phases 

For each phase, possible failure scenarios and recovery plans will be elaborated. The recovery 

plans for the nominal will be identical in the future study.  

3.7.2 LEOP Tentative Mission Timeline 

Figure 3-9 shows the simulated ground track after injection from Baïkonour Cosmodrom in 

Kazakhstan. As for Kourou a tentative timeline was established for the Baïkonour Cosmodrome 

situated in Kazakhstan. For this option the launch would be most likely with a Dnepr launch 

vehicle. For the present simulation a 98° Sun-synchronous launch has been assumed. The white 
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part of the ground track present the communication time with the four ground station, which are 

located in Berlin, Tokyo, Bangalore and Stanford University. 

 

Figure 3-9 Satellite ground track after injection from Baikonour Cosmodrome 

3.8 Mission Operations and Data flow 

TLPON satellite operations will be performed by an operation team, possible the team consists 

with a group of Bachelor and Master Students. They will be trained by means of a satellite 

operations system. Operation scenarios will be elaborated and trained by using one of the two 

TLPON satellites test benches. The following scenarios will be considered: 

 Satellite commissioning 

 Nominal satellite operations 

 Fault handling. 

Training sessions will be performed in an operative environment. This will include real-time 

simulations where the operations team will try to resolve a system failure by fault assessment and 

debugging. 

3.8.1 Space & Ground Data system 

The data rate between space and ground requires the elaboration of a "light" data exchange protocol. 

Further the design should consider the distributed system architecture of TLPON mission. For 

telecommand and telemetry exchanges with TLPON satellite and mission control a packet service 
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has been elaborated, inspired by the CCSDS and the ESA Packet Utilization Standard. Figure A-2 

in the appendices shows the space ground data flow of TLPON mission. 

Telemetry data will be generated by the various on-board applications. TLPON satellite foresees a 

distributed TM processing where each subsystem/payload will be able to generate TM and route it 

through the RF system directly to the ground station or it might be buffered in the OBDH of the 

satellite for later retrieval. All telemetry will be stored and processed at mission control for analysis 

and display. 

Telecommand packet data generated at the Mission Operations centre will be uplinked to TLPON 

space segment, received by the RF receiver and directly routed to the destination subsystem or 

placed in the OBDH operation scheduler. For the RF ground-to-space data link, the AX.25 has 

been selected.  

The more information of Telemetry and Telecommand will be available in the communication 

subsystem design.  
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4. Space System Design 

4.1 System Architecture 

According to the scientific requirements, a dedicated Payload Data Handling (PDH) system shall 

be implemented for on-board image processing. In addition, the dedicated chassis of the satellite 

was designed. The ATMEL AT91M558800A will be one option for the main MCU, which will 

orchestrates the various functionalities provide by the following subsystems:  

 -board Data Handling (OBDH) System 

 on and Control System (ADCS)  

 (EPS) 

  

 Communication System  

4.1.1 System Functional Block Diagram 

Figure 4-1 shows the functionality of each subsystem and of the interactions between the 

subsystems. The electrical interfaces are represented by a gray dotted line and the data flow in 

black arrow.  The EPS provides electrical power to all other subsystems and manages the batteries 

recharge from the solar cell.  The EPS also groups the batteries, the solar arrays, a control unit and 

diverse measurements devices (temperature, current, and voltage). The Communication System, 

which is the main communication unit with the ground station, is composed of a UHF transceiver, 

an S-Band transmitter, a VHF transmitter for the event message and a controller to communicate 

with the main bus. The OBDH manages the scheduler, performs housekeeping, provides the 

subsystems a reference time and stores all the data that has to be sent to the ground station between 

the communication passes. It is composed of a controller, memories and a timer which provides the 

clock for the controller. The OBDH also monitor the satellite health status in normal mode. The 

payload system is the science module composed of the optical system and a dedicated payload data 

handling (PDH) system. This PDH system processes the image on-board and sends the event 

message to the ground by using the S-Band transmitter via the satellite relay network. The ADCS 

determines and controls the attitude of the satellite. It has different kind of sensors and actuators 

and a dedicated microcontroller. In addition, the thermal subsystem is a passive system that 

monitors the temperature within the satellite. Finally the structure has to assure the structural 

integrity of the satellite. 
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Figure 4-1 Space System Functional Block Diagram 

4.1.2 Hardware Block Diagram 

The following Figure 4-2 is a compilation of the electrical and data flow block diagram. The blue 

dashed frames represent the different boards. The motherboard will be slotted into the connectors 

of the subsystem boards.  

Considering the small size of the satellite there will be no need for a ―high-voltage‖ bus, i.e. 28V. 

The voltages required by the loads will be generated directly by the power conditioning system. 

The EPS and ADCS will acquire information through their sensors for internal functions. This 

information will not be sent to OBDH over the main bus. Both subsystems will only send 

housekeeping and TM data to OBDH, who will store them until the next transmission opportunity. 

The COM subsystem is responsible for sending the housekeeping and TM to the ground station via 

the UHF transceiver. The S-band transmitter sends the science data directly from Payload Data 

Handling (PDH) system. In addition, the VHF transmitter will send the event message in case of 

the TLP was detected.  

Furthermore, a summary of the micro-controller needs of various subsystems is shown in Table 4-1.
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Figure 4-2 Satellite Hardware Block Diagram
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Table 4-1 Space system controller requirements  

Subsystem Controller Architecture Memory Remark 

EPS 8 bit -- 
Read EPS vital parameters, such as 

battery voltage, temperature etc.  

Communication 8 bit -- 
Manage the AX.25 protocol for 

data transmission 

OBDH 32 bit 4MB 

TM/TC scheduling, storage, 

verification & execution, ADCS 

algorithms, on-board time 

ADCS 8 bit -- Read data from the ADCS sensors 

Payload& PDH 8 bit  -- 
Control parameters of the payload 

sensor and payload data handling 

 

4.2 System Budget 

4.2.1 Space System Mass Budget 

The Nano-satellite specifications state a 15 kg maximum mass allocation. Since it is the Phase A 

design, the mass budget is based on the primary design. It will be updated in the following phase. 

The overall mass of the TLPON is 10.649 kg, which means a margin of about 29%. Duration the 

following design phase, it is possible to refine the estimation made before, because the structural 

model of the hardware were available. Table shows the mass and dimension estimates of each 

components. The estimation of the dimensions and the mass are based on the former Nano-satellite 

projects and the existing system components.  
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Table 4-2 The System Mass Budget Estimation 

Subsystem Components and Items(number) Total Mass(Kg) 

ADCS 

Star Sensor (1) 0.560 

Sun Sensor (6) 0.060 

Gyroscope (3) 0.450 

Microwheel (4) 0.180 

ADCS MCU (1) 0.050 

Payload 
Optical Telescope (1) 0.500 

PDH Board (1) 0.200 

OBDH OBDH Board (1) 0.200 

COM. 

S-Band Patch Antenna(1) 0.065 

Dipole Antenna(2) 0.200 

S-Band Transmitter 0.110 

UHF Transceiver TM/TC 0.100 

VHF Transmitter  0.100 

COM. MCU(1) 0.05 

EPS Solar Array 2.824 

 
Battery 1.000 

Structure 

Including deployable devices, 

supporters, screws, cables and 

shielding materials for Thermal 

control system 

4.000 

Sum. 
 

10.649 
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4.2.2 Space System power Budget 

The estimation of power budget is done using many assumptions. The worst case in term of orbit 

duration is considered and a 30 % margin is book kept. Duration the daylight, the mean produced 

power from solar cell is 14.6 [Wh]. The power in watts, needed by each component is presented in 

Table 4-3.  

Table 4-3 The System Power Budget Estimation 

 
Component 

NO. of 

components 

Peak 

power[W] 

Minimum 

Power[W] 

Average 

Power[W] 

Duty 

Cycle 

Average 

Duty [W] 

O
B

D
H

 MCU 1 0.100 0.015 0.0500 1 0.05 

Mass Memory 1 0.324 0.000072 0.324 1 0.324 

ADC 1 0.002 0.0018 0.0018 1 0.0018 

P
ay

lo
ad
 Camera 1 3 0.00 3 0.67 2 

Electronics 1 0.5 0.00 0.5 0.67 0.333 

PDH 1 1.5 0.00 1.5 0.67 1 

A
D

C
S
 

Star Sensor 1 1.5 0.00 1.5 0.67 1 

Sun Sensor 4 0.01 0.00 0.01 0.67 0.067 

Gyroscope 4 0.1 0.00 0.1 0.67 0.67 

Micro Wheel 3 1.5 0.3 1.5 0.67 1 

ADCS MCU 1 0.09 0.015 0.05 1 0.05 

C
O

M
. 

S-Band 

Transmitter 
1 1 0.000 1 0.014 0.014 

UHF 

Transceiver 
1 1.25 0.175 0.7125 0.014 0.100 

VHF 

Transmitter 
1 1.25 1.25 1.25 0.001 0.001 

COM. MCU 1 0.09 0.015 0.05 1 0.05 

E
P

S
 

ADC 1 0.002 0.0018 0.0018 1 0.0018 

EPS. MCU 1 0.09 0.015 0.05 1 0.05 

Other 

Components 
1 2 0.00 2 1 2 

S
u

m
 

 
30 17.208 0.538 15.6 

 
8.74 
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4.2.3 System Link Budget 

The communication architecture between the ground and space systems as currently defined 

features a low data rate continuous downlink transmission and a high data rate switched on by 

command from the ground uplink and an S-band transmission of scientific data downlink. Table 

4-4  summarizes the generated TM/TC budget for space and ground communication system. 

Table 4-4 The System Link Budget Estimation 

Parameters Units TM TC 

Frequency MHz 437.5 437.5 

Transmit Power Watts 1 20 

Transmit Power dBW 0.0 13.01 

Transmit Line Loss dB -1 -1 

Transmit antenna Beam width deg 110 33 

Peak transmit antenna gain dBi 3.472 13.9 

Antenna pointing offset deg 90 15 

Transmit antenna pointing loss dB -8.033 -2.479 

Transmit antenna gain dBi -4.561 11.45 

EIRP dBW -5.56 23.46 

Propagation path length km 3194.5 3194.5 

Space loss dB -155.41 -155.41 

Propagation & Polarization loss dB -0.3 -0.3 

Peak receive antenna gain dBi 42.28 -5.76 

Receive antenna Beam width deg 29 100 

Receive antenna pointing error deg 15 90 

Receive antenna pointing loss dB -3.21 -9.72 

Receive antenna gain dBi 38.76 -15.48 

System noise temperature dBK 23.4 27.9 

Data Rate bps 9600 9600 

Energy per bit noise ratio dB 39.96 13.73 

Carrier-to-Noise ratio  dB-Hz 79.78 43.55 

Bit Error Rate - 10e-5 10e-6 

Required Eb/No dB 9.6 10.5 

Margin dB 30.36 3.23 
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Satellite Bus data budget 

The space data bus is an I²C bus at 100 Kbits per second to exchange data between subsystems. 

The transferred data includes the housekeeping of all subsystems, time synchronization data.  

During communication with the ground, the speed of the RF link represents only about 5% of this 

bandwidth in a very worst case scenario. The rest of the data, excluding payload, accounts only for 

10% of the I²C bandwidth; once more with a worst case scenario taken very large: housekeeping of 

200 octets of data at 5 Hz. 

This leaves more than enough room for the payload's data. With the bandwidth left (85%), an 

image could still be transferred in about 3 seconds from the payload to the OBDH. And that 

without taking into account that the payload will never operate at the same time as the RF link due 

to power limitation of the Nano-satellite. 
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4.3 Scientific Payload Instrument 

The requirements to the payload are extrapolated from the properties of the Transient Lunar 

Phenomenon (TLP) to be observed. At first, the primary goal is to observe the brightening type 

TLPs. In the following, Table 4-5 shows the detectable information and gives an impression on the 

magnitude of the former TLP observation information. In addition, the table was derived from 

research on TLP reports and verified by Dr. Anthony C.Cook of British Astronomical Association 

(BAA). It should be noted that all of these parameters are estimated from the real observation data, 

especially the geometric constrains, which is also the crucial parameter for the optical system 

design.  

Table 4-5  Detectable Information for Sensing of a TLP Event, Ordered by Type 

TLP Type Spectral Range 
Geometric 

Constrains 
Radiometric 

Constrains 
Duration 

Brightening 380nm-780nm at least 20 km
2 

Increase of intensity 

up to 10 times of 

normal Albedo 
30ms to minutes 

Darkening 380nm-780nm at least 5 km
2 

Reduction in intensity 

up to 80% of normal 

Albedo 
minutes to hours 

Red Coloration 620nm-780nm at least 5 km
2 -- minutes to hours 

Blue 

Coloration 
380nm-490nm at least 5 km

2 -- minutes to hours 

Obscuration 380nm-780nm 
Dependent on 

surface feature, 

but at least 1 km
2 

-- minutes to hours 

4.3.1 Design Requirements 

The payload of the TLPON satellite will be an optical telescope that will take images and videos of 

TLP and that will also demonstrate the new technologies which will be implemented for Pico- and 

Nano-satellites. Generally, it shall satisfy the following conditions: 

 The instrument shall be capable of detecting light in the visible spectral band, which means the 

wavelength from 380nm to 780nm. 

 The sensor shall resolve the monochrome images with 8 per pixel and the sensor shall cover 

the whole face of the Moon. 
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 The optical instrument shall have a Ground Sampling Distance (GSD) at least 20 km
2
 and the 

sensor of the optical telescope shall offer a sampling rate at least 30 fps to capture the 

Brightening type TLP. 

 The payload shall be able to detect the chosen type TLP (also with very short time events) on a 

full Moon, as well as on a new Moon, and also the period in-between them. 

 The payload shall detect an increase in lighting of 250% of the original magnitude, and also a 

decrease of 80% in case of darkening-type TLP. 

Operational requirements 

In the first phase, brightening-type TLP shall be observed with a Ground Sampling Distance (GSD) 

of 20 km
2
 or better. The payload shall handle up to 30 frames per second to also detect the very 

short-time TLP events. A dedicated Payload Data Handling (PDH) shall handle the data generated 

by the optical instrument. It shall detect the changes in intensity of optical signals of lunar surface 

features. In case of a detected TLP event, the PDH should capture a short video of the event 

starting some seconds before it happens. This is significant for verification of the TLP event on the 

ground.  

In the following design phase, as stated in the preliminary mission objectives, the second goal is to 

detect the darkening-types of TLP as well, therefore in this condition the desired GSD shall be 5 

km
2
 or better. 

Physical Constrains 

Since there will not be enough place to attach all the required electronic components of the payload 

subsystem to the optical system, the payload‘s electronics shall consist of a headboard, including 

the detector which is attached to the optical system, and a main-board on a second PCB, housing 

the power supply, and other components required to successfully operate the detector and 

communicate with the OBDH subsystem. The space which has been attributed to the payload has a 

volume of [60(length) x 60 (height) x 70 (depth)] mm
3
 for the optical system and the headboard, 

and a volume of [70 (length) x 30 (height) x 20 (depth)] mm
3
 for the main-board. The total mass of 

the payload shall be less than 1 Kg.  

The payload system consists of two main elements: 

 An optical system used to magnify and image the brightening-type TLP on the CCD sensor, 

and also including its corresponding electronic circuit, which provides the required power and 

control signals for the detector and interface with PDH system.  
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 A dedicated Payload Data Handling (PDH) system will handle the image data from the optical 

instrument, which is responsible for on-board image processing and executes the valid 

commands for OBDH. 

4.3.2 Optics and Sensors 

Optics and Sensors Calculation 

The optics and sensors requirements are derived from the general payload requirements regarding 

the spectral and geometric resolution. The following calculations are based on the design of optical 

payload on the reference [7]. 

In order to estimate the parameters of the optics and sensors, following assumption are made before:  

Circular orbit in the Low Earth Orbit with an altitude 690LEOsh km , and the inclination is omitted. 

The mean distance between the Earth and Moon: 384400EMd km  

The mean radius of the Earth is 6371Er km  

The mean radius of the Moon is 1737Mr km  

The Angular Radius of the Moon as seen from the satellite is calculated by: 

2
arcsin 0.530oM

EM LEOs E M

r

d h r r


 
  

   
  (Equ. 4.1) 

The Maximum distance  

2 2( ) 383584.25EM EM LEOs MD d h r km   
 (Equ. 4.2) 

The sensor looking angle: 

2
 

    (Equ. 4.3) 

Here, chose a maximum Ground Sampling Distance (GSD) of 4.47MaxY km , which corresponds 

to the required maximum ground pixel resolution of
220km . 

Therefore, the instantaneous field of view will be  

0.000681oMax

EM LEOs E M

Y
IFOV

d h r r
 

  
 

(Equ. 4.4)

 

The width of one pixel is 
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6.0pixeld m
  

(Equ. 4.5) 

which corresponds to the typical CCD sensors. 

So the number of pixels in one row 

778cZ
IFOV


 

   
(Equ. 4.6) 

With Equ. 4.4 and Equ. 4.5, the focal length of the telescope can be calculated as 

0.516
EM pixel

Max

D d
f m

Y


 

   

(Equ. 4.7) 

With the average visible light wavelength of  

580Ave nm 
   

(Equ. 4.8) 

And a quality factor for imaging of  

0.6Q      
(Equ. 4.9) 

which a Q-factor of 0.6 to 0.7 is common for most of the commercial earth observation satellite. 

Finally, the diffraction limited aperture is  

2.44
0.073Ave

Aper

pixel

f Q
D m

d

  
 

  

(Equ. 4.10) 

In order to estimate the integrated upwelling radiance, following assumptions are made: 

The solar constant is  

2
1367.6

W
S

m


   
(Equ. 4.11) 

Lunar geometric-albedo is 

0.12AlbA 
    

(Equ. 4.12) 

The integrated upwelling radiance results in  

int 2
164.112Alb

W
L S A

m
  

   
(Equ. 4.13) 

Although the solar constant includes the energy of the whole solar spectrum, it is sufficiently exact 

for this estimation. 

 

2 9

int 3.282 10MaxL L Y W   
  

(Equ. 4.14) 

The input power at the sensor is 
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2 11

2
( ) 9.328 10

2
in

L D
P

h
   

  
(Equ. 4.15) 

Where the Plank‘s Constant 

346.626 10 sech J      (Equ. 4.16) 

With a typical optical transmission factor of 

0 0.75 
    

(Equ. 4.17) 

The input power at the detector pixel is 

11

0 6.996 10D inP P W    
  

(Equ. 4.18) 

With an estimated integration time of 

int 0.001sect 
   

(Equ. 4.19) 

The available energy after integration time is 

14

int 6.996 10DE P t W   
  

(Equ. 4.20) 

And with this, the number of available photons 

204136p

E
N

h c


 

    
(Equ. 4.21) 

where  is the mean wavelength, and c the speed of light 

580nm      (Equ. 4.22) 

83 10 mc
s

 
   

(Equ. 4.23) 

In order to evaluate the number of electrons available eN , number of noise electrons nN , and total 

number of noise electrons tN , it is assumed that 

The quantum efficiency of the detector is  

0.5QE      
(Equ. 4.24) 

The number of read out noise electrons  

25rN 
    

(Equ. 4.25) 

Number of available electrons 

102068e pN N QE  
   

(Equ. 4.26) 

Number of noise electrons 

319.48n eN N 
   

(Equ. 4.27) 

Total number of noise electrons 
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2 2 319.83t n rN N N  
   

(Equ. 4.28) 

With these values, an estimation of Signal-to-Noise ratio and the required dynamic range of the 

sensor are calculated 

319.13e

t

N
SNR

N
 

   

(Equ. 4.29) 

4082.72e

r

N
DR

N
 

   

(Equ. 4.30) 

From the calculation above, the requirements for the optics and sensors are shown in Table 4-6. 

Table 4-6 The requirements for optics and sensors 

Num. Reference Attribute Requirement 

2101 GSD 

The Maximum GSD shall not be smaller than 3km, in order to 

stay within the boundary of a nano-satellite, and shall not be 

greater than 4.47 km, regarding the detecting of brightening-

type TLP Events. 

2102 CCD Sensor 
The sensor chosen shall be a CCD array with no more than 778 

pixels per row and with no more than 778 rows. 

2103 Pixel Size 
The size of one pixel of the sensor array shall not be greater 

than 6 um. 

2104 Focal Length 
The focal length of the instrument shall not be greater than  

0.516m 

2105 Aperture The aperture of the instrument shall not be greater than 7.3cm. 

2106 
Signal to Noise 

Ratio 
The instrument shall have a signal to noise ratio of at least 319. 

2107 Dynamic Range The sensor shall offer a dynamic range of at least 4082. 

For optical system, the preliminary analyses show that the use of several lenses is required. The 

details will be demonstrated in the following parts. 

From the calculation, for the TLPON mission, the lens requires at least 50 mm focal length to 

fulfill the observation requirements. Due to the Physical constrains of Nano-Satellites and the 

launch pod requirements, the TLPON satellite was constrained as [200X200X200] mm
3
. However, 

the desired focal length of the optics should be at least 500 mm; therefore, the extensible structure 

should be designed for earn the focal length of lens for optical instruments. One of the possible 

extensible structures is implemented by Intelligent Space Systems laboratory (ISSL) at University 
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of Tokyo (Japan). And this extensible boom was also implemented and launched with the Pico-

satellite PRISM on early 2009. The Figure 4-3 demonstrates the general structure of the deployable 

mechanism of PRISM.   

 

Figure 4-3 The extensible boom of PRISM (Credit: ISSL, Univ. of Tokyo) 

4.3.3 Payload Data Handling (PDH) system 

The function of the payload data handling (PDH) system is responsible for on-board image 

processing and executes the valid commands for OBDH. The PDH unit should capture the transient 

Lunar Phenomenon (TLP) autonomously and do the image processing in order to get related 

information of the event. In case of a detected TLP event, the PDH should capture a short video of 

the event starting some seconds before it happens. This is significant for verification of the TLP 

event on the ground.  

After the event was captured, the PDH also store the data in a suitable format with full resolution. 

The downlink of data of one single event shall be completed within 24 hours. In addition, in order 

to store the TLP event video, the PDH unit shall have the mass memory. The calculations of 

amount of data and required downlink data rate will be shown in the following PDH design chapter. 

The designed duty cycle of the mission is 100%, therefore, there will be amount of data and in 

connection with it the high data rates, the scientific data has to be download via a separate 

transmitter, operating in high frequencies. Usually, a miniature s-band transmitter will be 

implemented for the data transmitting. The PDH unit shall have the incorporate interface to access 

the miniature transmitter. This transmitter and transmitting technology will be described in the 

TT&C chapter.  

In addition, the redundant PDH unit will be implemented and switched by the watch dog module 

when the failures or contingencies occur. Meanwhile, the software of the PDH unit shall be 

updatable via the data upload and the parameters for TLP event detection shall be adjustable. Table 

4-7 shows the requirements for the PDH system.  
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According to the calculated results of the optics and sensor requirements, the size of one image will 

be estimated as following: 

778 778 8 4842272( ) 4.8bits Mbits   
 

(Equ. 4.31) 

In order to observer the brightening type TLP events, the Frame Rate of the telescope should be at 

least 30 Fps, which means the payload will take 30 images in one seconds. Therefore, the data rate 

between payload and PDH system is calculated as: 

4.8 30 144Mbps 
   

(Equ. 4.32) 

 

Table 4-7 Requirements for PDH system 

 Num. Reference Attribute Requirement 

2201 Image processing 
The PDH shall able to detect the changes of brightness in the 

pictures received from the optical sensor. 

2202 Video Capture 

In order to verify the TLP events on the ground station, the 

PDH shall capture a video of each detected event with five 

seconds. For the five seconds video, it shall be at least two 

seconds prior to the events.  

2203 Video Buffer 
The PDH shall require to be incorporated with a video buffer 

with capacity of storing a five second of video.  

2204 Video Storage 
In case of a TLP event, the raw data should be stored in PDH 

unit, and then transfer to the ground station through downlink. 

2205 Downlink 
The PDH shall have an interface to a separate ultra high 

frequency transmitter in 2-4 GHz band (S-Band) for downlink. 

2206 Event Handling 

In case of a TLP event, the PDH shall inform the OBDH, which 

will send an event message to the scientists via satellite relay 

system. 

2207 Software Update 
The PDH software shall be updated when contacted with 

ground station. 

2208 
Parameter 

Adjustment 
The parameters for the definition of TLP should be adjustable.  
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PDH Hardware Design 

 

Figure 4-4 PDH internal schematics and external interfaces 

As shown in Figure 4-4 above, the PDH has the following components, data processor with the 

function to process the data received, and the high capacity memory which stores the large volumes 

of the data, as well as the data formatting and control logic unit with the function of formatting the 

data into suitable format for data transfer and also implementing the control logic. The last part is 

the command decoder. This unit validates and decodes the commands coming in and out of the 

DHU.  

The hardware of the PDH is attached to the optical system and bears the detector and the 

components required to successfully handle the image received from payload and communicate 

with the OBDH subsystem. It includes: 

 A microcontroller (MSP430F1611), used to operate the detector and the payload data handling 

process, communicate with the OBDH,  

 A SRAM (R1LV0416CSB-7LI), used to store the image data and the video data of the 

detected TLP events until transfer to the OBDH via I
2
C bus.  

In addition, as seen from the above figure, the PDH system interacts with the optical payload, 

OBDH and downlink transponder. Generally, the PDH has a direct connection with the optical 

payload. In addition, PDH has a bidirectional connection with the OBDH. It is interfaced via I
2
C 

Bus. Meanwhile, it also has a connection with the downlink transponder with the data rate 1Mbits, 

which interfaced via RS232.  

PDH Software Design 

For the PDH software design of TLPON mission, a successful procedure to take an image consists 

of the following steps: 

 OBDH sends a message to EPS to turn on the payload subsystem 
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 EPS turns on the payload subsystem and sends an acknowledgement to OBDH 

 OBDH sends a command to the payload microcontroller to initialize the optical detector 

 Payload microcontroller initializes the optical detector according to the received parameters 

and sends an acknowledgement to OBDH for successful initialization of the detector 

 OBDH sends a command to the payload data handling system to take an image 

When the image was taking, the image would be processed by the PDH system to indentify the 

desired TLP image. In case of the TLP events detected, the PDH controllers triggers the image 

capturing, stores the five seconds video before the events, formats the scientific data and sends 

them to OBDH. Meanwhile, the PDH unit sends an event message to the ground via the downlink 

transponder and satellite relay network.  

OBDH reads the science data, compresses it if necessary and stores it in a memory until transfer to 

the ground station. 

Generally, the recovery plans have to be elaborated for all possible failure scenarios during this 

procedure. The payload program is based on interrupts coming from OBDH via the I
2
C interface as 

visualized in Figure 4-5. Such interrupts allow configuring the detector, triggering an image 

capture and possible video storage. The science data will be transferred to the OBDH in packets via 

the I
2
C interface where it is stored until transfer to the ground station.  

 

Figure 4-5 The PDH Software Data Flow 
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4.4 Attitude Determination and Control System (ADCS) 

4.4.1 ADCS Overview 

The requirements for the ADCS subsystem are driven by the science requirements. In general, The 

Attitude Determination and Control System (ADCS) of the satellite will be responsible for 

acquiring and controlling the satellites current orientation and attitude. In order to determine the 

parameters required for attitude control maneuvers, various sensors will be required for our mission. 

The baseline design for the instrument is an optical sensor with 778*778 pixels giving each pixel a 

field of view of 0.000681°. With an estimation of a 1024*1024 pixels sensor, the accuracy is 

(1024 768) 0.167oAcuracy IFOV      (Equ. 4.33) 

The pointing stability required for Moon observation is calculated from payload requirements. The 

tolerance for pointing stability of one pixel is 10% of IFOV divided by the integration time. The 

general integration time is listed as 0.001 s. Therefore, the stability is estimated as following: 

int

0.1
0.0681 / secoIFOV

Jitter
t


 

  

(Equ. 4.34) 

The slew rate of the spacecraft which responsible for tracking of the Moon is calculated based on 

the ADCS design chapter of reference [7]. The slew rate was estimated by the following formula, 

where the sum of the view angle is 180°. 

0.031 / sec

2

o

Slew
orbit

viewangle

P


 
 

  
 
 



  

(Equ. 4.35) 

The calculations above are just rough estimation, because the necessary angular velocity changes 

during rotation around the Earth, but the maximum at the selected points, and the minimum in the 

middle points. In order to achieve the continuous observation of Moon, this slew rate requirement 

is valid for all three axes. According to the calculation for ADCS, the requirements for ADCS are 

shown in Table 4-8. 
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Table 4-8 The requirements for ADCS 

Number Reference Function Requirement 

3201 Sensors 
The sensors for ADCS shall include: 

Star sensor, sun sensor, gyroscopes 

3202 Actuators 
The reaction wheels in all the three axes are 

needed.  

3203 Pointing Accuracy 
The ADCS shall provide a pointing accuracy at 

least 0.167
o 

3204 Pointing stability 
The ADCS shall provide a pointing stability at 

least 0.0681
o
 per second. 

3205 Slew Rate 
For the observation of the Moon, the slew rate of 

the ADCS shall be at least 0.031 deg per second. 

4.4.2 ADCS Subsystem Design 

The design of the ADCS will be based on the requirement in Table 4-8 above. The design 

implementation of the ADCS system to achieve the pointing accuracy and stability requirements is 

shown in Figure 4-6. The determination is the most important point, as knowledge of the location 

where the payload is pointing is needed to characterize the Transient Lunar Phenomenon 

(TLP).The major issue of the control is to keep the satellite payload towards to the Moon of the 

nominal operation mode.  

 

Figure 4-6 ADCS functional diagram 

The Determination and Control algorithms as well as the Orbit Propagator and Earth Magnetic 

Field Model run on the OBDH system (which is the main computer of the TLPON satellite). The 

ADCS micro-controller itself is in charge of the sensor readings and actuators control. 

The sensors used for the ADCS system are: 
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Star sensor  

 Three gyroscopes to measure the spinning rate for each axis 

Sun sensors  

 Temperature sensors to compensate the temperature drift of the other sensors 

The actuators are: 

 Three micro-wheels as the actuators are responsible for the three-axis stability.  

Disturbance model 

The disturbances of the in space environment are mainly due to four sources of torques on low 

Earth orbit (LEO). They are gravity-gradient effects, magnetic fields, disturbance by solar radiation 

and aerodynamic torques. These torques are categorized as secular and cyclic. Cyclic torque varies 

in a sinusoidal manner during an orbit and secular accumulate with time and don‘t average out over 

an orbit. For a satellite in LEO, gravity-gradient and aerodynamic torque is secular and solar 

radiation and magnetic field cyclic. 

The disturbances torques were separately calculated in the very worst case for every altitude 

between 400 kilometers and 1000 kilometers with a step of 100 kilometers. For the worst case each 

parameter was taken at its maximal value. For this reason no margin was added at this point. The 

major disturbance factor is aerodynamic up to 600km, higher the magnetic field becomes more 

important. The summarized results can be seen in Figure 4-7. 
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Figure 4-7 The disturbance torque in LEO 
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Attitude Mode 

Despite the science mode for observing the TLP events, the other three distinctive operation modes 

were defined for TLPON satellite ADCS. They are summarized in Table 4-9. Due to our mission‗s 

launch style—piggyback launch, there is no orbit injection mode for our mission. After release 

from the launcher, the initialization mode is the safe mode which is used also in the emergency 

condition. The Earth pointing mode is responsible for the communication when passing over with 

the ground station. The Moon pointing mode is also called ‗Science mode‘ which responsible for 

observation of the TLP events. Finally, the slew mode is applied if the satellite needs to 

reorientation for focusing on Moon surface.  

Table 4-9 ADCS operation modes 

Mode Description 

Safe Used in initialization or emergencies 

Earth Pointing For communication with ground station 

Moon Pointing (Science) For mission science objectives 

Slew Mode Reorientation for focusing on Moon surface 

4.4.3 ADCS Algorithm  

Coordinate Reference Frame  

For the derivation of the dynamic model of the satellite three different reference frames were 

defined an inertial reference frame (IRF),which fixed to the Earth center, an orbital reference frame 

(ORF)(The red mark), fixed to the orbit with the positive x-direction pointing in the direction of 

displacement and a positive z-direction pointing toward the center of the Earth. The last one is the 

body-fixed reference frame (SRF) which coincides with the ORF when the satellite has the desired 

nominal orientation. The spatial definitions of three reference frames above were demonstrated in 

Figure 4-8.  

 

Figure 4-8 ADCS coordinate reference frame 
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Control Algorithm Design 

Generally, there are three models of the appropriate control algorithms for three stabilized Nano-

Satellites in current applications. The three models are listed below: 

 Inertial quaternion based; 

 Non-inertial quaternion based; 

 Non-inertial Euler angles based. 

The more work should be implemented on the mission phase B. The possible solution is to 

establish the satellite control diagram to do the attitude simulation.  

Attitude Determination  

In order to work properly, the micro-wheels need to know the current satellite attitude and 

rotational speed. Based on measurements from the star sensor, sun sensors and gyroscopes, the 

attitude determination algorithm tries to estimate the system state variables (i.e. attitude and 

rotational speed).  

In general, the possible attitude determination algorithms are listed below:  

First, a complete continuous Kalman filter was implemented to serve as a comparison basis to the 

other simpler and easier to implement estimators. 

Beside a discredited Kalman filter, other possible methods were 

- TRIAD algorithm 

- Davenport‘s q-method 

- Optimal Two Observation Quaternion Estimation 

These methods should be tested and simulated in mission Phase B in order to fulfill the satellite 

attitude determination requirements.  

4.4.4 ADCS Technical Description 

The current design was based on the ADCS design form reference [7] and former S
2
ANSat mission 

design report (Reference [6]). Figure 4-9 shows the possible determination and control systems, the 

selected ones are marked in green-blue. 

During daylight, three kinds of sensors are used, which includes gyroscopes, sun sensor and the star 

sensor. During the eclipse, the sun sensors will become useless. The star sensors and the 

gyroscopes will still be used. Due to drift, the gyroscopes will probably need to be recalibrated. It 

will be done by using the sun sensors during daylight. 

An efficient calibration methods needs to be found for the gyroscopes in the design phase. A 

detailed and complete model of the sun sensors and star sensors must be created; for that a model 
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providing the direction of the sun as a function of the date, satellite orbit and position should be 

established for the attitude control algorithm. 

 

Figure 4-9 ADCS hardware trade-off 

The ADCS microcontroller will not support determination and control algorithms. It will be used to 

collect the sensors values and to store them onboard until the On-Board Computer (OBC) uses 

them. It will also be used to control the actuators once the main computer has calculated the 

command values. 

In addition, all data are sent to the ADCS using the main I
2
C bus. These data mainly come from the 

OBDH system and the EPS. The ADCS board will have only one supply voltage of 3.3V thanks to 

the EPS subsystem. Therefore, the ADCS components must comply with this requirement. 

Furthermore, to ensure the reliable operation, the current and voltage limitations must be 

implemented for each component.  This prevents the shutdown of the whole ADCS board if the 

short circuits occur.  

The whole ADCS will be assembled inside the satellite; therefore, with a margin of 20°C, the 

temperature range for ADCS board will be -30°C to +60°C.  

4.4.5 Proposed Components 

The following sub-section lists the proposed products for TLPON ADCS. Most of the components 

can be directly found in the market and have been proven in some space applications.  

ADCS Control Board 
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The ADCS control board should be designed in the future work. The control board can be designed 

in the previous project. All the ADCS components will be chosen to fulfill the ADCS requirements. 

The micro-controller of ADCS will not run the attitude determination and control algorithm, but it 

will collect the sensor values and store them until the OBC (On-board Computer) use them.  

Therefore, one candidate micro controller for ADCS will be MSP430F169 from Texas Instruments. 

The microcontroller has an internal 12-bit analog to digital converter (ADC). It is mainly used to 

measure the star sensors, sun sensors, gyroscopes and temperature sensors signals. 

Gyroscope  

In the ADCS design phase, the MEMs gyroscopes IDG-1000 or IDG-300 from InvenSense will be 

used. They work with a 2.7V to 3.3V power supply and have a power consumption of 8.5mA. Each 

chip contains a 2-axis gyroscope, so two chips of these gyroscopes are necessary to obtain 

measurement in the 3 axis of rotation. 

Sun Sensor 

The sun sensors which have been investigated are provided by Technical University of Denmark 

(DTU).  The sensors can measure the sun direction on two axes. Therefore, one sensor stands on 

each face of the satellite (6 at all). The output of the sun sensor is a current which is converted into 

an analog voltage an operational amplifier.  

Star Sensor  

The miniature star sensors are might be provided by Comtech AeroAstro. The star sensor is a small, 

low power one, with an accuracy of better than ±70 arc- seconds in all three axes (3σ). This 

miniature star tracker has a ±30 degree of field of view, a tracking update rate of 1 Hz, and a mass 

of only 300 grams providing reasonable star tracking accuracy with low mass and power 

consumption at less than half the cost of other star trackers available. The output of star sensor 

could be quaternion which can be directly used in the attitude determination algorithm.  

Micro Wheel 

In the ADCS design phase, the four micro wheels (One for redundancy) are selected as the 

actuators. One suitable candidate is the micro wheel which developed by the department of 

Aeronautics in Technical University of Berlin. Each micro wheel is having an angular momentum 

of at least 1.5 x 10
-4

 Nms with a minimum torque of 1.5 x 10
-6

 Nm; the size of a single device is 20 

mm in diameter and 15 mm in height and a mass of 30 gram. The TLPON satellite ADCS will 

utilize four micro wheels for 3- axis stabilization. With a total mass about 140g, a torque of 3 x 10
-5

 

Nm per wheel and a maximum power consumption of 1 W for the complete micro wheel system 

including the wheel drive electronics.  
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4.5 On-Board Data Handling (OBDH) 

The Onboard Computer is the subsystem controlling all the functions of the satellite and can be 

regarded as the brain of satellite. It will have an operating system installed that will manage the 

programs, which handle out various tasks. The programs will also read the status of the different 

sensors. The primary requirement of the On-Board Computer (OBC) is to communicate with other 

subsystems in the satellite and to keep a track of all the process going on in the satellite.  

4.5.1 OBDH Requirements 

The hardware and software design depends upon the essential function to be done by the OBC. The 

requirements of OBDH system are shown in Table 4-10.  

Table 4-10 The requirements for OBDH system 

Num. Attribution Requirements 

3401 Architecture 
The Onboard computer must be able to communicate with 

different subsystem.  

3402 Software 
A high level language (modular) shall be used for onboard 

software and must be able to update it from ground station. 

3403 Emergency 
The Onboard software stores commands which are executed in 

case of emergency. 

3404 Telemetry  
The OBDH records the telemetry data for sending to ground 

station for analysis. 

3405 Telecommand 
Processing of telecommands from ground station, including time 

tagged telecommands.  

3406 Autonomy  
Identify and autonomously react to the situation both critical 

events (software malfunctions) and event detection (TLP events). 

In order to have the essential functions, it is clear that the OBOH system would need to have 

following components:  

 An analogue-to-digital converter, for recording telemetry data on the satellite.  

 Memory for storing the telemetry data.  

 Reliable memory for storing the software to run on the OBC.  

 It is decided to have the self re-programming feature on the OBC as well, so the system must 

be capable of this.  

 One or more standard buses for communicating between the devices and subsystems.  
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 Timers for watchdog functions as well as running time delayed commands. This may also 

require an external oscillator.  

 Standard Interfaces for the OBC to communicate between sensors and other Subsystem 

hardware  

4.5.2 OBDH Functional Architecture 

The functional architecture as shown in Figure 4-10 features a watchdog timer for system resets. 

The system has been built to provide radiation robustness. The most common failure scenarios are 

listed in Table 4-11.  

 

Figure 4-10 OBDH functional architecture 

Table 4-11 Failure Scenarios for On-Board Microcontrollers 

Failure Consequence Mitigation Method 

Software lock-up 
Wrong operations are executed, no 

controller not controllable 
Hardware watch-dog timer 

Single event latch-up  
Short-circuit within semiconductor 
chip. Burn-out of component 

Latch-up protection circuit. 

Single event upset 

(radiation) 
Bit flips in memory 

•ROM for program code 

•Error detection and 

correction for RAM/FLASH 
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The critical requirement which limits the design of the OBDH architecture is the space operating 

demand. As no one will be able to reset the processor manually in case of a software malfunction, 

the system must be able to do this by itself. Therefore, a watchdog timer will be implemented in 

OBDH system.  In addition, the watch dog can either be build-in in the micro-processor or it can be 

a separate hardware unit as shown in Figure 4-10. 

Depending on the criticality of the subsystem and the complexity of the needed microprocessor, 

parts or all functional elements will be adopted. Three types of memories have been selected. ROM 

program storage, RAM as temporary memory and Flash memory that will be used as non-volatile 

memory space. Table gives the capacities of the memories for OBDH system.  

Table 4-12 Capacities of OBDH Memories 

Memory Type Capacity [Bytes] 

ROM 512K 

Flash 4M 

RAM 512K 

In order to communicate with other subsystem, the computer must provide different interface, a bus 

interface to exchange data with other subsystem. I
2
C bus has been chosen for the main bus due to 

its low power consumption and availability on most small microcontrollers.  

In addition, in the space environment, the OBDH components are sensible to latch-up. To avoid 

burn-out, a latch-up protection circuitry must be implemented between power bus and sensible 

component. When a latch-up occurs the power must be turn off immediately. 

The purpose of the debug interface is to make it possible to find and correct errors in the hard- and 

software design. It can also upload the new software to the flash.  

4.5.3 Proposed Components 

Considering the limited financial budget of the Nano-satellite mission, the commercial off- the- 

shelf (COTS) components that has been implemented in space mission are investigated.  

Micro-controller 

As the microcontroller is probably the most important component of OBDH, it will be presented in 

details. The micro-controller which has been chosen is ATM AT91M558800A from Atmel. The 

AT91M55800A is a member of the Atmel AT91 16/32-bit microcontroller family, which is based 

on the ARM7TDMI processor core. This processor has a high-performance 32-bit RISC 

architecture with a high-density 16-bit instruction set and very low power consumption. In addition, 
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the Atmel AT91M55800A is also a powerful microcontroller that provides a highly-flexible and 

cost-effective solution to many ultra low-power applications. The following section lists the main 

features of Atmel AT91M55800A.  

 Utilizes the ARM7TDMI ARM Thumb Processor Core 

 8KBytes internal SRAM 

 Fully-programmable External Bus Interface (EBI) 

 8-level priority, vectored interrupt controller 

 Fifty-eight programmable I/O lines 

 6-channel 16-bit Timer/Counter 

 Three USART 

 Programmable Watchdog timer 

 8-channel 10-bit ADC 

 2-channel 10-bit DAC 

 Real-time Clock 

 Advanced Power Management Controller (APMC) 

 IEEE 1149.1 JTAG Boundary-scan on all digital pins 

 Fully static operation: 0Hz to 33MHz 

Memories 

The OBDH must provide sufficient memory to store flight software, science data, telemetry and 

enough RAM to execute all the software. In order to store the images captured by the payload, the 

OBDH should have the flash memory. One candidate flash chip is the Maxwell 79LV0408. This 

memory chip has a size of 4[Mbit] and has a power dissipation of 88[mW/MHz] in active mode 

and 440[μW] in stand-by mode. The supply voltage used is 3.3[V] and the size is 22*25*6[mm] for 

a weight of 10[g]. 

The volatile memory will be used as working memory, for the stack and to save temporary data. 

The AT91M55800A provides only 64[Kbit] of internal RAM, which is probably not enough. 

Comparing to other Cubesat and Nano-satellite and the information about operating system that are 

optimized for the requirement, it seems that 1 to 4 [Mbit] will be sufficient for TLPON satellite, but 

the exact value must be confirmed in the subsystem design work. Two different memories chips 

which are investigated  

As the spatial environment is particular, the finial flight software is planned to write on a ROM. 
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The ROM will be programmed only with the finial software. The one possible candidate selected 

for ROM is the AT27BV4096 which provide 4[Mbit] with a 16-bit data bus. 

Bus Interface 

The AT91M55800A does not provide a hardware I
2
C interface. It is possible to manage the I

2
C bus 

by software with GPIO, some libraries are provided by Atmel, and moreover the OBDH prototype 

board provides a bridge between the SPI internal controller and the I
2
C bus. The final selection 

between hardware and software implementation of bus interface will be decided in the following 

OBDH hardware design. 
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4.6 Communication Subsystem 

4.6.1 Communication Overview 

The communication subsystem primary mission is to provide a communications link to relay 

tracking and command information back and forth between the Nano-satellite and Earth. The 

system receives command from the ground station, send the telemetry data from the satellite and 

also transfer the scientific data from the PDH to ground station via S-band transmitter.  

The architecture is built so that the data are continuously available from the PDH and OBDH and 

transferred to the ground station by communication system during contact time. But in case a new 

object is detected a message is transferred from communication system to the satellite relay 

network (ORBCOMM) and is informed to the user on the ground, which in turn would be helpful 

for the ground based observers to track it. The communication subsystem completely comprises of 

Commercial of the shelf components so as to make it cheap and robust.  

The telecommand and telemetry data would be transferred at a low rate at an UHF frequency. But 

due to the high amount of data required to transfer from the PDH a high data rate would be 

employed at S-Band. The third frequency assigned would be used to transfer the message to the 

relay network. The transceiver used for this relay transmission is already available in market. The 

relay network Transmission of data using the ORBCOMM telemetry system is far more reliable 

since the uses handshaking and error checking to ensure that data corruption is extremely rare.  

In order to estimate the extract data rate of the scientific data via the S-Band transmitter, it is 

necessary to calculate the amount of data to be stored in PDH.  

The raw data rate of the optical telescope 

144rawDR Mbps
   

(Equ. 4.36) 

For the five seconds raw video, this accumulates to  

144 5
90

8 1000
rawvideo

Mbps s
Data MB


 

   
(Equ. 4.37) 

The video data can also be compressed. But the compression would lead a loss of information, so 

the decision of introducing compression algorithms depends on the balance of the information and 

video size. (Less downlink data rate, if compressed). The following calculation of downlink data   

rate is based on the raw video data. 
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With the requirements above, the usually contact time of LEO satellite enable a period of contact of 

10 minutes twice per day. Therefore, the required data rate for S-Band transmitter is roughly 

calculated. 

90 8
0.6

(2 600sec)
SBand

MB
DR Mbps


 

   

(Equ. 4.38) 

As the results shown above, the data rate of 1Mbps is chosen for the S-Band transmitter, which 

would ensure quality within the time limit.  

4.6.2 Communication subsystem Requirements 

The main design drivers for the communication system are the low available power on-board the 

satellite. A second driver is the capability of satellite debugging and commanding at any rate or 

attitude. The requirements for communication system are shown in the following table.  

Table 4-13 The requirements for communication system 

Number Attribution Requirements 

3301 Tasks 

The communication shall have following function: 

 Receive, verify and interpret tele-commands. 

 Ensure encoding of telemetry into the downlink stream.  

 Use a separate frequency for scientific downlink.  

 Send Event messages to a satellite relay network, which 

will be relayed to the ground station. 

3302 Components 

The communication system is composed of following 

components: 

A terminal node controller (TNC), an UHF transceiver, an UHF 

antenna, an S-band transceiver, an S-band Antenna. 

3303 Data Rate 
The data rate for scientific downlink shall not be smaller than 1 

Mbps. 

4.6.3 Communication subsystem Design 

The communication architecture mainly comprises of COTS system. The satellite communication 

system consists of a terminal node controller (TNC), commercial-off-the-shelf Transceiver, and an 

antenna. Data from the TLPON satellite CPU is sent to the TNC, which encodes the data using 

frequency shift keying and the AX.25 amateur radio protocol. The packets are then broadcast in the 

70-cm UHF band using a Hispico transceiver, which in turn is connected to dipole antenna that 

provides an approximate Omni directional radiation pattern. The satellite communicates with the 

ground station using an FM radio with a carrier frequency of 437.5[MHz] with a ± [3 kHz] 

deviation. The antenna is a crossed dipole antenna with the length of 326mm (Half wave length). In 
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addition, it shall be operated in half-duplex mode. The communication system also contains an S-

Band Transmitter which uses a frequency of 2-4 GHz for data transmission and an associated S-

Band Patch antenna for data transmission. The ORBCOMM transceiver uses VHF frequency (138 

[MHz]) for message relay network. The two dipole antennas are cross coupled so as to provide 

redundancy. 

 

Figure 4-11 Block Diagram of Communication Subsystem 

Data Transmitter 

The architecture used for UHF transmission is shown in Figure 4-12. The modulation is FSK. The 

data is directly filtered and used to drive the FM modulator. The generated FM signal is then 

passed through a power amplifier. The power amplifier is capable of transmitting 28dBm (>0.5 W). 

This is required to satisfy the link budget requirements for BER<10-6. The power amplifier used is 

RF5110G manufactured by RF micro devices. 

 

Figure 4-12 UHF Transmitter Block Diagram 

Packet Format 

The data for the up- and downlink are transmitted in packets. For compatibility with existing and 

widely used radio amateur equipment, the data are sent using the AX.25 protocol. To reduce the 

overhead, only the connectionless mode using unnumbered information (UI) frames is supported. 

To have a maximum flexibility of the information content, the KISS format is used for the 

information field. 
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Table 4-14 AX.25 Protocol Packet Format 

Information and Unnumbered Information (UI) Frame 

Start Flag Address Control PID Info. FCS Stop Flag 

01111110 112/560 Bits 8 Bits 8 Bits N*8 Bits 16 Bits 01111110 

4.6.4 Satellite Antenna design 

Modeling of the antennas length, satellite backplane material and position on the satellite panel was 

performed and several solutions were analyzed. In convergence with the antenna deployment 

structure, the chosen antenna for communication system include a quarter-wavelength dipole 

antenna of 138[MHz] for the event message transmitter and another dipole antenna for 437.5[MHz] 

for uplink and downlink.  In addition, for the s-band transmitter, the chosen antenna is the patch 

antenna and the features of the patch antenna are listed in the following section. 

Figure 4-13 and Figure 4-14 demonstrate the radiation patterns for TLPON satellite. Both antennas 

are made of beryllium copper. 

The VHF antenna (138 [MHz]) is 1036 mm long when the antenna is in straight ideal position. The 

maximal gain is about 2.15 dBi (Half wave antenna) and the return loss is -13.1 dB (3 % of power 

is reflected and therefore 97 % is transferred to the antenna). 

The UHF antenna is 327 mm when the antenna is in straight ideal position. The gain is 2.15 dBi for 

the first case whereas the return loss is -13.1 dB. (As defined above, 3 % of power is reflected and 

therefore 97 % is transferred to the antenna).  

Antenna Simulation 
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Figure 4-13 2D radiation pattern of dipole antenna 
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Figure 4-14 3D radiation pattern of dipole antenna 

4.6.5 Proposed Components 

The following section shows the component which are proposed to be used. Most of the 

components are directly available in the market and have been proven in former space missions. 

Table 4-15 show the features of one candidate S-band transmitter (Highly Integrated S-band 

transmitter for Pico-satellites), which provides the frequency up to 2.2 GHz and the data rate up to 

1 Mbps.   

Table 4-15 The Features of S-band Transmitter  

Attribute Value 

Frequency 2.2 GHz 

Data Rate 1 Mbps 

Modulation QPSK 

Bit Error Rate 10
-6

 

HF -Transmitting Power 1 W 

Power Consumption 5 W 

Supply Voltage 3.3 V 

Dimensions 95 x50 x 15 mm 

Mass 110g 

The features of patch antenna are shown in Table 4-16. The patch antenna is polarization circular 

antenna with the HF- power one Watt, and the physical dimension 68x 34 mm.  
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Table 4-16 The Features of Patch Antenna 

Attribute Value 

HF -Power 1 W 

Polarization Circular RHCP 

Dimension 68x 34 mm 
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4.7 Electrical Power System (EPS) 

The Nano-satellite is supposed to be in a 400-1000 km sun-synchronous orbit, the exact orbital 

characteristics will not be known until well after construction is completed. Therefore, the power 

system design is incorporating both solar panels for power while satellite is in sunlight and 

batteries for storing and providing power when satellite may be in the Earth's shadow.   

4.7.1 EPS Requirements 

The satellite‘s Electrical Power System‘s task is to provide power to the various subsystems as 

required by the mission timeline. It will ensure power generation by means of solar cells, energy 

storage in batteries and regulate the power distribution to the various subsystems. Keeping the 

satellite powered in the dark and the duty cycle of 100 % for the payload adds considerable 

complexity to the design, since the power system must be responsible for determining the power 

level of the batteries and maintaining them at an adequately charged level. In addition, the power 

system is required to provide several different voltage busses to different subsystems within 

satellite and to distribute power throughout these subsystems. Regulated busses to the computer 

systems and payload are essential for a successful scientific mission. Table 4-17 shows the 

requirements for TLPON mission electrical power system.  

Table 4-17 The requirements of EPS 

Num. Attribution Requirements 

3101 Power continuity 
A continuous power supply should be designed to satisfy all spacecraft 

loads throughout all mission phases and all operational modes  

3102 Solar cell 
The Power shall be generated by solar arrays of GaAs triple junction 

with a minimum average efficiency of 20%.  

3103 Peak power 
The peak power shall be less than 23 W and End of Life (EOL) power 

generated by solar array must be more than 205.16. 

3104 Energy storage 
The energy storage shall be done by Li Ion due to its high energy 

density/Kg.  

3105 EPS architecture The high efficiency energy transfer system should be implemented. 

3106 EPS distribution 
The design of solar array and distribution must be simple and modular 

so as to reduce cost and size.   
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4.7.2  EPS Architecture 

Two main architectures have been studied for EPS, the first one including a Maximum Power Point 

Tracking (MPPT) system the second one without. The best layout for the architecture using MPPT 

is shown in Figure 4-15. This design contains a maximum redundancy in case of battery or solar 

cell breakdown. In this case the microcontroller represents a single point of failure and its failure 

would cause the loss of the mission. The only solution for this would therefore be to create a 

redundant system with two microcontrollers where each one controls a battery and 5 solar cells. 

 

Figure 4-15 EPS architecture with MPPT 

 
Figure 4-16 EPS architecture without MPPT 
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A second approach is to use a fixed working point of the solar cell characteristics. Major advantage 

is that the control of the bus can be done by an analogue circuit, as shown in Figure 4-16. 

Furthermore, the charge and discharge circuits are redundant, since the loss of one battery will not 

cause a mission critical failure. This approach will be chosen for the EPS baseline design. 

Furthermore, this concept has the advantage that 100% of the energy can be directly transmitted to 

the users and does not need any microcontroller to operate. To validate this concept and to show 

that the power losses due to a missing MPPT can be kept low, an analytical model of the solar cells 

was created which will be discussed hereafter. 

4.7.3 EPS Subsystem Design 

Based on the considerations presented above, a baseline design without MPPT was chosen (Figure 

4-17). The current limiters also serve as switches for the supply of the different subsystems. 

 

 

Figure 4-17 EPS baseline architecture 

Solar Cell Analyses 

The satellites small size and power requirements require the use of the most efficient solar cells on 

the market. GaAs based solar cells have the potential to reach efficiencies greater than 30%. 
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Currently cells with up to 28% efficiency are commonly available. To carry out the electrical 

power calculation we have initially considered the following cell type: RWE3G-ID2/150-80401 

which has an average efficiency of 26.6 %. In addition, to analyze the behavior of the solar cell 

with respect to insulation and temperature an analytical model of the cell behavior should be 

implemented in the future EPS design. 

Batteries 

Figure 4-18 shows the energy density of different batteries which are available in the market. 

Currently Lithium-Ion Polymer batteries are considered for the mission. Their major advantage 

over Lithium-Ion cells being a higher energy density. The baseline design foresees the use of two 

PoLiFlex batteries from VARTA2. So far bulging has been a major issue with Li-Poly, recent tests 

at ESA has shown that the PoLiFlex series, in comparison to other Li-Poly batteries, do not suffer 

from this problem. They further are radiation tolerant and conserve their charge under vacuum 

conditions. 

 

Figure 4-18 Energy density of different batteries 

The chosen DOD for our system is 15% if both batteries are operational and 30% in the case of one 

operational unit. The low DOD has been chosen to increase life expectancy of the battery. 

 

4.7.4 Synthesized Power Budget Simulation 
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Here is described a simplified power budget which takes into consideration the average power 

consumption during the daylight and during the eclipse. The consumption of EPS is included in the 

user‘s consumption. 

Assumptions: (from the power budget in System Budget Estimation)  

 Av. energy produced with the solar cells during the daylight: 14.6 Wh  

 Av. energy produced with the solar cells during the eclipse: 0 Wh  

 Av. energy consumed by the users during the daylight with 30% margin: 11.73 Wh  

 Av. energy consumed by the users during the eclipse with 30% margin: 1.42 Wh  

Therefore the energy stocked in the battery after the daylight time is:  

EBat = 2.87 Wh · 90% = 2.58 Wh  

This amount of energy represents a Capacity of:  

C = 2.58 Wh/3.6 V = 716 mAh 

The capacity available on the battery is 1320 mAh, so there is no problem for the energy storage. Figure 

4-19 shows the synthesized power budget for one typical orbit period. The figure presents that the 

generated power is feasible for the whole system power consumption.  Furthermore, Figure 4-20 

presents the simulation for the energy feature of the space system in one period.  

 

Figure 4-19 Synthesized power budget for one typical orbit period 
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Figure 4-20 The simulation of the energy feature in one orbit period 

4.7.5 EPS Subsystem Management 

Power Management and Distribution 

The Power is managed by switching on/off the current limiters. This management is done by the 

EPS microcontroller. This microcontroller is also used for the following functions: 

 Making several measures, such as battery voltage, solar cells current and temperature. 

 Creating a software signal which will be sent to the On-board computer. 

 Switching between the hardware and the software monitoring signal. 

 Turning ON/OFF current limiters for each subsystem. 

In case of microcontroller breakdown, the current limiters of the critical subsystems are naturally 

turning on and the monitoring signal will be generated by the hardware system.  
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4.8 Structure and Configuration 

4.8.1 Satellite Structure Overview 

The purpose of the structural subsystem is to provide a simple study structure that will survive 

launch loads and provide a suitable environment for the operation of all subsystems throughout 

phases of the mission life. The structure shall provide easy access for integration and satellite 

check-out and also reduce the shock and vibration of the internal components during the satellite 

launch. Moreover the structural subsystem shall carry, support, and mechanically align the satellite 

equipment. 

Structural design shall aim for simple load paths, a maximization in the use of conventional 

materials, simplified interfaces and easy integration. Due to the size of the satellite and small 

expense budget, this was done with the philosophy of maximizing usable interior space, while 

minimizing the complexity and cost of the design. Table 4-18 shows the preliminary requirements 

for the TLPON satellite structure design.  

Table 4-18 The requirements for structure subsystem 

Num. Function Requirement 

3501 Structure support 
Provide structural framework for the integrity of the satellite, 

withstand the static and dynamic forces 

3502 Dimension & Mass 20-25cm Cube, Less than 15 kg 

3503 Launch Launch rail required 

3504 Antenna Deployable antenna needed 

 

4.8.2 Preliminary Structure  

The preliminary structure is the most important part of structure design and the design is based on 

the weight constrains and the structure strength consideration. The payload and platform elements 

are inserted into the primary structure, as shown in Figure 4-21. Moreover, the preliminary 

structure will be made out of either Al-7075-T73 or Al-6061-T6.  

In order to validate the preliminary structure, the static and dynamic analyses were performed. 

Furthermore, the physical and inertial properties of the satellite were determined through the CAD 

model which designed by using Solidworks Premium 2007.  
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Table 4-19 and Table 4-20 give the center of gravity and the inertial properties of TLPON satellite 

with respect to the satellite reference frame.  

 

Figure 4-21 TLPON satellite preliminary structure 

Table 4-19 Center of Mass properties 

 Center of Gravity 

Axis  Value [mm] 

X  0.05 

Y  -1.28 

Z  8.26 

Table 4-20 Satellite structure inertial properties 

 Physical moments of inertia 
 

Principal moments of inertia 
 

 
Value [Kg mm

2
] 

  
Value [Kg mm

2
] 

 
Ixx 25535 

 
I1 25535 

 
Iyy 24891 

 
I2 28474 

 
Izz 28474 

 
I3 24892 

 

4.8.3 Structure Configuration 
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Figure 4-22 shows the layout of all components forming the satellite structure. In this figure, 

satellite configuration combines three major assemblies: 

 Preliminary structure with the attached side and solar panel 

 Payload and ADCS components assembly 

 Printed circuit board (PCB) connected to a common mother board. 

Solar panel

Battery

Mother Board

Preliminary 

Structure

Star Sensor

Payload(Telescope)

ADCS Board

Commucation 

Board

Payload Board

EPS Board

PDH Board
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Antenna Melting 

Device

S-Band Transmitter

Spacer

 

Figure 4-22TLPON Satellite Configuration 
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Figure 4-23 TLPON Satellite External configuration (axonometric view) 

 

Figure 4-24 Satellite External configuration (Four-view drawing) 
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4.9 Thermal Control and Management 

The role of the thermal control subsystem (TCS) is to maintain all the spacecraft and components 

and subsystems within their required temperature limits for the mission. The table below shows the 

TCS requirements for the TLPON Mission. The thermal system ensures the satellite sustain the 

level of temperature in the harsh environment and the temperature sensors use for evaluating the 

system temperature.  Table 4-21 shows the requirements for the TLPON satellite thermal system. 

Table 4-21 The requirements for thermal system 

Number Attributes Requirements 

3505 Thermal control 
Ensure the satellite sustain the level of temperature in 

the harsh environment. 

3506 Sensor The sensors evaluate the environment temperature. 

For the TLPON satellite, a passive thermal management approach has been selected, i.e. no active 

thermal components, such as heaters will be implemented. Usually, the satellite thermal model will 

be investigated in two models below: 

 Structural-thermal model – includes frame, external panels, thermal glue, solar cells and 

internal PCBs. 

 Battery-thermal model – focused on battery study and internal radiation effects. This model 

includes a model of thermal properties of stand-by, charging and discharging modes of the 

battery. 

Table 4-22 Temperature Limits for TLPON Satellite Subsystem 

Subsystem Minimum 

Temperature 

(˚C) 

Maximum 

Temperature 

(˚C) 

Battery 0 50 

EPS -30 +50 

MESA -40 +85 

Data Handling -40 +85 

Comm -40 +85 

Solar Panels -100 +110 

Structure N/A N/A 

The following environmental conditions should be taken into account: 

 Sun emissions 

 Albedo effect 



72 

 

 Earth emissions 

 Sunlight and eclipse times 

 Sun vector-function 

The thermal analysis ensures that the operation of the satellite can continue during extreme 

conditions by utilizing a combination of heaters, temperature sensors and insulation techniques. 

Table 4-22 shows the temperature limits for TLPON satellite subsystem. In the event that external 

heating will be needed for operation, the health monitoring system will trigger the heaters for 

optimal involvement. Temperature sensors will be intermittent within the critical items such as 

batteries and circuitry temperatures. Where necessary, insulation will be implemented. One method 

of insulation is to apply temperature resistant resins to component surfaces. The components will 

undergo tests in a thermal vacuum chamber in the thermal testing. The preliminary thermal design 

is comparative to the Cornell University Cubesat Thermal Subsystem report.  
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4.10 Flight Software 

TM/TC standardization concepts have been elaborated by the Consultative Committee for Space 

Data Systems, CCSDS, and are being applied to a certain extent by many space agencies including 

ESA and NASA. Although TLPON satellite is not required to follow these specifications they 

serve as starting point for the satellites software layout. The concept used is based on the Open 

Systems Interconnection, OSI, model, a 7-layer structure that has been defined by the International 

Standardization Organization, ISO, as network architecture. This concept allows a standardized 

data exchange between the different layers and therefore simplifies the development of 

communication systems. 

Flight software will be included in the following subsystems: 

 EPS 

 COM 

 CDMS 

 ADCS 

 Payload. 

The overall software architecture should therefore consider this distributed topology. The chosen 

baseline features a Command and Data Management System that will provide certain services on-

board the satellite, namely: 

 Housekeeping 

 Function management 

 Scheduler 

 Data storage. 

These services will be accessible from ground. This will allow keeping the necessary hardware 

resources of the subsystems as small as possible as each other subsystems will only be responsible 

of providing its own housekeeping to the OBDH and exposing its own specific functions.  
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5. Ground System Design 

5.1 Ground System Overview 

The proposed ground system architecture for TLPON combines the ground station topology of 

AMSAT, and also with the additional requirements for satellite mission operations. The chosen 

architecture tries to maximize the amount of hard- and software jointly used during satellite testing 

and mission operations. Figure 5-1 shows the hardware lay-out of the ground station segment, 

which will be consisted with following three parts. 

 Ground Station System 

 Mission Control System 

 Satellite Check-out System 

 

Figure 5-1 Ground System Architecture 
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The three segments shall be able to operate in a distributed system. The Operational LAN could 

therefore be formed by a WAN connection using secured channels. This topology has the major 

advantage to allow remote control for the satellite during the mission testing and mission operation. 

In addition, with this architecture, it is possible to allow the database population during the 

subsystem development.  

The TLPON Ground Station (GS) will be located at Uni. Würzburg campus and at the TU Berlin 

campus (If possible). The designed antenna will be located on a roof and the electronic devices will 

be located in the operation room near the antenna. Furthermore, the Mission Control will be also 

located at Uni. Würzburg and TU Berlin campus.  

The main drivers for the development of the ground systems are summarized here: 

GSR_1 Space to ground frequencies and protocols 

The ground to space communication link shall comply with the Amateur Radio Satellites services. 

For University Nano- satellite, this is the easiest solution to implement. 

GSR_2 Compatibility of ground system with other satellites 

The ground system shall be capable of operating with other external amateur radio satellites than 

the Project's and possible networks of amateur radio ground stations. 

This requirement allows an independent way to test the ground station and train personnel before 

launch of the Nano-Sat. The same ground system might be used for future tracking network, which 

implies that the design shall have the possibility to conform/adapt to a standard network. 

GSR_3 Ground system operating lifetime 

The project shall design the ground system to have an operating lifetime greater than the satellite 

life time. 

The two last requirements ensure continuity with follow-up satellites. It also allows an independent 

way to test the ground station and train mission operation personnel before launch of the Satellite. 

The ground system shall be used for future satellite tracking network, which implies that the 

ground station design shall adapt to a ground station network standard. 

5.2 Ground Station System 

5.2.1 Ground Station System Requirement 

The ground station system establishes the physical RF link between the space and ground segment. 

It controls the antenna motors, the terminal node controller (TNC) and the transceiver. The ground 

station will be consisted with the commercial components. In addition, the ground station design 

has to guarantee compatibility with the Radio Amateur systems. In order to increase the 
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downlink/uplink time with the space segment, the design should allow the compatibility and 

collaboration with other ground station systems. In order to accommodate the requirements 

described above, the TLPON should have following features, which are summarized in Table 5-1.  

Table 5-1 The requirements of Ground Station (GS) design 

Num. Reference Attribute Requirement 

4101 Antenna Cross beam or circularly polarized Yagi antenna 

4102 Satellite tracking Computer tracking system 

4103 Antenna control Computer controlled AZ-EL rotators 

4104 Radio control Full-duplex dual band radio computer controlled tuning 

4105 Distribution control TNC and Soundcard interface for TLM and packet 

4106 Tranciever control  Dedicated transceiver control software 

4107 Signle Pre-processing Mast mounted receiver preamplifier 

 

5.2.2 Ground Station Network 

It is possible that the TLPON mission will benefit from parallel development in ground station 

networking (GENSO) or from the established radio- amateur community of AMSAT. The Global 

Educational Network for Satellite Operations (GENSO) is a project carried out under the auspices 

of the International Space Education Board and coordinated by the Education Department of the 

European Space Agency (LEX-E). The project aims at providing a mutually beneficial service to 

all educational satellite projects by combining their ground stations into a collaborative, internet-

based network, vastly improving mission return by increasing the amount of available 

communication time. Table 5-2 shows the various options for TLPON using radio amateur 

frequencies.  

In conclusion, it would be very advantageous to participate in the GENSO for satellite operation 

which would significantly increase coverage time. Further Radio Amateurs should be included to 

obtain extra housekeeping data. This is particularly true during LEOP where the satellite should be 

monitored as often as possible to determine possible errors. 
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Table 5-2 Comparison of potential TLPON Ground Stations 

  Radio Amateurs GENSO TLPON 

Number of 

Stations 
>100 3-10 2 

Coverage Global (++) Global(+) Local(-) 

Operator Radio Amateur 
GENSO Management 

Operator 
TLPON Operation 

Team  

TC Integrity (--) (+) (++) 

TD Integrity (-) (+) (++) 

Constrains 
Need to establish a Web-

interface to manage 

TC/TD    

Need to make Ground 

station compatible with 

GENSO standard 
No special constrains 

5.3 Mission Control System 

5.3.1 Mission Control System Requirements 

The mission control system design shall provide the following basic functions: 

 Telemetry reception & processing 

 Telecommanding (Manual or Automatic) 

 Data displays and prints 

 Real time updates 

The system shall have a client – server topology where the various subsystems/flight operators 

shall monitor and command the satellite from terminals connected to the operations server. More 

advanced features such as the display of the subsystem state in graphical form can be added once 

the core elements have been designed and implemented. 

For mission control the approach shall be consistent with the various operational phases of the 

mission. Two principal modes have been identified, which include,  

In-orbit check-out of the satellite (LEOP & Safe-Mode) during which only basic commands are 

sent one-by-one and the results monitored in real-time. 

For the autonomous operation, in this mode the ground segment is "pre-programmed" by satellite 

operators in advance of a pass. During the pass the ground segment performs autonomous 

operations by downloading telemetry data and uploading new telecommands into the satellite's 

scheduling system. 

Design Overview 
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The architecture of the space ground segment used is similar to the ESA ground segment. It uses a 

modular architecture because all components are connected to a software router (EGSE Router) 

developed by ESA. 

 

Figure 5-2 The ground system router Interface 

The Mission Control Software (MCS), also called GSS for Ground System Software, is a 

monitoring and control system. The role of the system in ground system is to send telecommands to 

the spacecraft, and to manage the telemetries received. For this task, ESA uses the SCOS 2000 

system developed by ESOC/ESA and industrial partners. SCOS 2000 is a generic system and is 

functionally complete, but this makes it complex to configure and not quite adapted to small 

spacecraft. Therefore, for the TLPON mission, the new GSS should be developed individually. The 

general architecture of the GSS will be described in the next section.  

The user interface is vital to the GSS. SCOS 2000 has an interface to view the housekeeping, and 

send telecommands.  In the TLPON GSS, we have a core and three system interfaces used to create 

clients around it. Four clients have been developed so far. Figure 5-2 shows the interfaces to the 

router. In addition, the ground station has an antenna and uses a small software application to 

communicate with the spacecraft. The SCOE is a test system used to test a subsystem. The 
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simulator is used to simulate the behavior of the spacecraft when testing the GSS or the user 

interfaces. 

5.3.2 Mission Control Software Architecture 

Figure 5-3 shows the architecture of the mission control software. The architecture of the GSS 

contains three layers. The first one at the bottom is composed of the Core and the TC/TM Catalog 

Access where all the logic and processing are done. Above it are the system interfaces that expose 

the system to the outside with the use of Web Services and provide things like security, data 

validation, etc. The system is interoperable so that clients or other project developers, the third 

layer, could develop their interfaces with various technologies via the use of Web Services. 

The main part of this architecture is the Core. This is the central part where of all the processing of 

the data; to send or receive is done. The core is designed so that there is no mission specific 

processing done in it (except the monitoring modules) and thus can be kept the smallest possible to 

maximize its reliability and scalability. 

At the client level, the monitoring (rich monitoring client) and the control (TC manager client) are 

well separated. This was done after much discussion and with the input from experts from ESA. 

With the separation, the decisions are more thoroughly thought of or are even taken by two people; 

one that monitors and the other that controls. This avoids controlling errors when it‘s too easy to 

interact with the spacecraft. At the other side of the system, all the communication is supposed to 

be done via the EGSE Router, which is a routing software developed by ESA.  
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Figure 5-3 Ground Software System Architecture 
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5.3.3 Programming Environment and User Interface 

Based on experience and knowledge, the Operation System for the Ground Software System (GSS) 

chosen to develop the software was Microsoft Windows. Generally, there were three possible styles 

of programming at disposal: 

• LabView: Used by ESA for the new version of their EGSE Router, the choice to use it was taken 

seriously. But due to lack knowledge of it and the completely different approach to programming, 

it would have required too much time to learn it. 

• Scripting (Python, Perl, etc.): Dismissed directly due to the lack of type-safety, scalability and 

reliability when working with them. 

• Managed (.NET, Java): These technologies bring great RAD (Rapid Application Development) 

and come with great framework and libraries for almost everything. The greater memory usage is 

outweighed by the automatic memory management especially needed for long running applications 

that must not suffer from memory leaks.  

This Figure 5-4 briefly describes the function user interfaces of GSS. To manage and configure the 

GSS, a ―TC/TM Management‖ website would be created as some former Nano-Satellite mission. 

The telecommands can be sent to the spacecraft by the ―TC Manager Client‖. The monitoring can 

be performed via two clients, a website and rich client. The rich client is real-time and can display 

all the information relating the monitoring to the spacecraft operator.  

 

Figure 5-4 GSS User Interface Structure 
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6. Conclusion 

The master thesis summarizes the satellite system design of the TLPON mission.  From the design 

report, it has been demonstrated that the TLPON mission is feasible and it is a suitable solution for 

observing the Transient Lunar phenomenon (TLP) by using Nano-satellites. In this thesis, the 

system design of TLPON mission was implemented, including the mission design, space segment 

design and the ground station design.  The design concept shows the precise and miniature optical 

telescope and attitude determination sensors should be developed and implemented for TLPON 

mission.  

Although the design report shows the possibilities of observation of Transient Lunar Phenomenon 

(TLP) by using Nano-satellites, the critical questions (that could compromise the overall design) 

remain in the areas of: 

 The requirements for the optical telescope are extremely strict for a Nano-satellite application. 

The telescope could not be found in the market as a commercial product. Therefore, a 

dedicated optical telescope for TLPON mission should be developed.  

 The TLPON mission requires the three- axis stabilized control. Due to the Nano-satellite 

constrain, the miniature components (star sensor, micro wheel, etc.) would be developed and 

implemented.  

 The communication links between the satellite and ground station should be simulated and 

tested. Especially, the s-band transmitter for the scientific data and VHF transmitter for the 

event message should be designed in details and refined in the future works.  

 For the Nano-satellite physical constrains, the possible deployable mechanism should be 

designed for the telescope and the satellite antennas 

Each of the critical questions should be refined and solved in the upcoming development phase. In 

addition, for the space segment design, all subsystems have functional models that should be also 

tested and refined.   

The next steps in refining this paper are to properly define requirements for each subsystem 

underrepresented in this paper. Especially the OBDH, COM. and TCS subsystem need refining.  

The project is now ready to move forward with the detailed design for each subsystem and test 

phase. 
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A. Appendices 

A.1 TLP- active features on the Moon 

 

Figure A-1Host Spots of TLP Events, original graphic: [23] 
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Table A-1 Statistics of TLP-active features on the Moon [22] 

LUNAR TRANSLENT PHENOMENA SITES 

FORMATIONS LOCATION #LTP BR D G R BL 

Agrippa 4N/11E 34 15 9 27 1 11 

Alphonsus 13S/3W 46 19 9 17 27 2 

Archimedes 30N/4W 5 2 1 2 0 0 

Aristarchus 24N/48W 448 256 37 131 112 43 

Atlas 47N/44E 17 4 5 2 1 1 

Censorinus 0/32E 11 10 0 2 2 1 

Cobra Head 24N/48W 13 4 5 8 11 3 

Copernicus 10N/20W 22 13 2 5 6 8 

Mare Crisium 18N/58E 27 14 7 10 5 3 

Eratosthenes 15N/11W 16 12 2 5 2 2 

Gassendi 18S/40W 33 6 4 9 24 0 

Grimsldi 6S/68W 18 9 2 5 2 8 

Herodotus 23N/50W 34 16 7 11 16 5 

Kepler 8N/38W 17 14 1 0 3 3 

Linnie 28N/12E 19 7 8 6 1 0 

Manilius 15N/9E 14 12 1 4 4 3 

Menelaus 16N/16E 13 10 3 4 4 4 

Picard 15N/55E 15 12 2 3 2 2 

Mons pico 46N/9W 8 3 2 4 2 1 

Mons piton 41N/1W 10 3 1 8 8 0 

Plato 51N/9W 114 53 13 51 31 13 

Posidonius 32N/30E 11 2 0 7 3 1 

Proclus 16N/47E 72 31 33 26 10 15 

Schroter"s Valley 26N/52W 25 4 0 20 5 1 

Schickard 44S/26E 8 3 2 6 0 1 

Theophilus 12S/26E 11 6 0 4 9 2 

Tychu 43S/11W 16 12 0 6 1 2 

 



85 

 

 

A.2 SPENVIS  

The SPENVIS is a free web based space environment information system for space environment, 

effect research and education.  

The SPENVIS system provides a WWW interface to models of the space environment and its 

effects. The SPENVIS project has been initiated by the ESA/ESTEC Space Environment and 

Effects Section (TEC-EES).  The project is funded via the ESA General Support Technologies 

Programme (GSTP) by the Belgian Federal Science Policy Office (Belspo).  The project is 

developed by the Belgian Institute for Space Aeronomy (BIRA-IASB).   

The SPENVIS which have been used to simulation is version 4.6.1 built on March 6, 2009. The 

official website of SPENVIS is http://www.spenvis.oma.be/. 

With SPENVIS, the user can generate a spacecraft trajectory or a coordinate grid and then calculate:  

 geomagnetic coordinates  

 trapped proton and electron fluxes and solar proton fluences  

 radiation doses (ionising and non-ionising) for simple geometries  

 a sectoring analysis for dose calculations in more complex geometries  

 damage equivalent fluences for Si, GaAs and multi-junction solar cells  

 Geant4 Monte Carlo analysis for doses and pulse height rates in planar and spherical shields  

 ion LET and flux spectra and single event upset rates  

 trapped proton flux anisotropy  

 atmospheric and ionospheric densities and temperatures  

 atomic oxygen erosion depths  

Magnetic field line tracing is implemented, as well as the generation of world maps and altitude 

dependence plots of the magnetic field and the current models of the neutral atmosphere and the 

ionosphere.  

Models for spacecraft charging, both surface charging and internal charging, are available.  

A tool to visualize satellite data produces panel plots of measured quantities in combination with 

geomagnetic and solar indices.  

Micrometeoroid and space debris models are implemented, and an impact risk analysis module is 

currently under development.  

 

http://www.spenvis.oma.be/
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A.3 Space Ground Data Flow 

 

Figure A-2 TLPON Mission Space Ground Data Flow 
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A.4 Satellite Perturbation Models 

Aerodynamic torque 

The interaction of the upper atmosphere with the satellite‘s surface produces a torque around the 

center of mass. For spacecraft at below approximately 600km, the aerodynamic torque is the 

dominant environmental disturbance torque. 

The infinitesimal force
aerodf  on a surface element dA  with an outward normal nu  is given by 

1
( )

2
aero d ndf C u V VdA  

   
(Equ. A.1) 

Where dC  is the drag coefficient (2),  the atmospheric density and V the relative speed of the 

spacecraft. This formulation is only acceptable if nu ， 0V  otherwise the force is zero. 

Gravity gradient torque 

Any nonsymmetrical object of finite dimensions in orbit is subject to a gravitational torque because 

of the variation in the earth‘s gravitational force over the object. This gravity-gradient torque 

results from the inverse square gravitational force field; there would be no gravitational torque in a 

uniform gravitational field. For our application, it is sufficient to assume a spherical mass 

distribution of the earth. 

The gravitational force acting on a spacecraft mass element idm , located at a position 
iR relative to 

the Earth center is 

3

i i
i

i

R dm
dF

R


 

   

(Equ. A.2) 

Let s iR be the position of the geometrical center of the spacecraft expressed in the BRF and I the 

Moment-of-inertia tensor in the BRF (Body Reference Frame). 

Then the gravity-gradient torque can be expressed as 

3

3
[ ( )]gravity s s

i

N R I R
R


  

   

(Equ. A.3) 

Magnetic disturbance torque 

Magnetic disturbance torques results from the interaction between the spacecraft‘s residual 

magnetic field and the geomagnetic field. The primary sources of magnetic disturbances: 
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 Spacecraft magnetic moments, since magneto torques are already taken into account in the 

satellite dynamics. 

 Eddy current loops: The eddy current produces a torque which processes the spin axis and also 

causes an exponential decay of the spin rate. This torque is given by 

'( )eddy eN B B   
   

(Equ. A.4) 

where 
e is a constant coefficient which depends on the spacecraft geometry and conductivity and 

B  the geocentric magnetic flux density. 

Eddy currents are appreciable only in structural material that has permeability nearly equal to that 

of free space.  

In a permeable material rotating in a magnetic field, energy is dissipated in the form of heat due to 

the frictional motion of the magnetic domains. In our case, no high permeability material where 

used. The disturbance generates by the magneto torques were already computed in the attitude 

control and determination algorithms. 

A rapid estimation of the Eddy current loops effect gives an order of magnitude of 

1510 N m  which can be neglected.  

Solar radiation torque 

Radiation incident on a spacecraft‘s surface produces a force which results in a torque about the 

spacecraft‘s center of mass. The surface is subjected to radiation pressure or force per unit area 

equal to the vector difference between the incident and reflected momentum flux. Because the solar 

radiation varies as the inverse square of the distance from the Sun, the solar radiation pressure is 

essentially altitude independent for the spacecraft. 

Assuming that absorption, specula and diffuse reflections all play a part (without any transmission), 

then the total solar radiation force is 

1
[(1 ) 2( ( ) ) ]( )

3

e
solar s s s s d s

F
df C u C u n C n u n dA

c
       (Equ. A.5) 

where eF is the solar constant, c the light speed in vacuum, sC the specula reflection coefficient of 

the elementary surface, dC the diffuse reflection coefficient of the elementary surface, n the 

outward normal and su  the unit direction of the sun.  
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A.5 TLPON Mission Work Package Description 

The TLPON mission was divided into about 10 work packages. Each of the packages represents 

one subsystem of the satellite mission. The report was written according to the work packages 

description which implemented before.  
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A.6 Mathematical Calculation of Link Budget 

The link budget calculation for s-band antenna 

The link budget for the S-Band transmitter is estimated as following.  

The velocity of light  

83.0 10 mc
s

 
   (Equ. A.6) 

Orbital attitude (The worst case) 

1000LEOh km
   (Equ. A.7) 

Earth radius 

6378.14Earthr km
   (Equ. A.8) 

Distance from center of Earth to the ground station  

6378.14EarthD r km 
   (Equ. A.9) 

Distance from center of Earth to the satellite 

7378.14sat LEOR D h km  
  (Equ. A.10) 

Minmin evevation of satellite contact 

5o      (Equ. A.11) 

The S-band transmitter frequency 

2.2f GHz
    (Equ. A.12) 

The wave length 

0.14s Band

c
m

f
   

   (Equ. A.13) 

Receiving antenna diameter 

1.5 0.14 2.1dishd m  
   (Equ. A.14) 

Efficiency of dish antenna 
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0.55      (Equ. A.15) 

Gain of patch antenna 

8patchG dB
    (Equ. A.16) 

Pointing loss estimation 

3pL dB 
    (Equ. A.17) 

System noise temperature 

135sT K
    (Equ. A.18) 

Transmit power in dBW 

10 log( ) 0w
dB

ref

P
P dBW

P
  

  (Equ. A.19) 

Transmitting data rate  

610DRR bps
   (Equ. A.20) 

The slope distance is calculated as  

2 2 2( sin ) sin 3194.5satS D R D D km       
 (Equ. A.21) 

Therefore, the free space loss is estimated as  

24
10 log( ) 169.15s

s Band

S
L dB



 


    

  (Equ. A.22) 

The dish antenna gain is calculated as 

210 log( ) 28.27dish

s Band

S
G dB

 

 

 
  

  (Equ. A.23) 

The Equivalent Isotropic radiated Power (EIRP) is 

8patch dBEIRP G P dB  
   (Equ. A.24) 

The energy per bit to noise density ratio is calculated as  
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228.6 10 log( ) 10log( ) 11.41b
dish p s s DR

o

E
EIRP G L L T R dB

N
        

(Equ. A.25) 

The required b oE N
ratio for QPSK and a BER for 

610

 is, according to reference [7], the 

required value is 

11.2b

o

E
dB

N


    (Equ. A.26) 

This leaves a margin of 3.35dB , which is efficient. 
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A.7 Mathematical Calculation of Electrical Power System 

Calculation for battery capacity 

The radius of the Earth 

6378.14Earthr km
   (Equ. A.27) 

The altitude of satellite (The worst case) 

1000LEOh km
   

(Equ. A.28) 

The orbit period is calculated as 

97.73min

0min

orbit

eclipse

daylight orbit

t

t

t t






   (Equ. A.29) 

Efficiency factor for direct energy transfer (DET) solar power systems 

0.85daylightX 
   (Equ. A.30) 

0.65eclipseX 
   (Equ. A.31) 

The power needed to generated by solar arrays is  

( )
eclipse eclipse daylight daylight

solar daylight

eclipse daylight

P t P t
P t

X X

 
  

 (Equ. A.32) 

11.73solarP W
 

The solar constant 

2
1358

W
S

m


    (Equ. A.33) 

The efficiency factor of triple junction GaAs solar cells 

0.22tj 
    (Equ. A.34) 

Therefore, the solar power density is 

2
298.76o tj

W
P S

m
  

   (Equ. A.35) 

Above values enable an evaluation of the power of the solar arrays at beginning of life (BOL) and 

at end of life (EOL), as well as lifetime degradation. For these the following assumptions are made: 
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The nominal degradation: 

0.77dI 
    (Equ. A.36) 

The worst case angle at the solar cell 

45o      (Equ. A.37) 

The mission duration 

1missiont year
   (Equ. A.38) 

The power at EOL is 

0 2
cos( ) 162.76BOL d

W
P P I

m
   

  (Equ. A.39) 

Therefore, the lifetime degradation is: 

(1 deg) missiont

dL  
   (Equ. A.40) 

The power at EOL is 

2
158.19EOL BOL d

W
P P L

m
  

  (Equ. A.41) 

With the calculated parameters above, the necessary solar array area is  

20.0744solar
solar

EOL

P
A m

P
 

   (Equ. A.42) 

The mass of the solar array is calculated using  

0.4 0.492solar solar

kg
m A kg

W
     (Equ. A.43) 
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